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PREFACE 


Aircraft afterbody design is still one of the most critical problems for industry, especially in fighter aircraft 
development. The flow around the rear part of the fuselage is characterized by the simultaneous occurrence of interfering 
physical phenomena such as thick turbulent boundary layers, viscous flow separation, hot jet inletfcrence at the base and the 
boat tail, and jet plume explanation in three-dimensional transonic and supersonic flow, liven experimental techniques 
hardly fulfill, at the present time, requirements for correct wind tunnel simulation of all effects. 

During engineering work, drag prediction and drag minimization procedures for complex configurations are strongly 
dependent on the reliability of numerical and experimental flow field simulation. 

In reeognition of this, the AGARD fluid Dynamics Panel established the Working Group WG08 to evaluate the state- 
of-the-art in “Experimental and Computational Techniques for Aircraft Afterbodies". 

The work followed by ten years the publieation of AGARDograph 208 on ‘improved Nozzle Testing Techniques in 
Transonic Flow", which was the first attempt within AGARD to handle the complicated subject and was organized by an Ad 
Hoc Group of the Propulsion and Energetics Panel 

The Working Group WOOS reports now on progress which has been made, both in experimental and numerical 
techniques since that lime. 


P.Saeher 

Chairman. WG08 


P.Carriere 

Co-chairman. WG08 
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this report 
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cross-sectional area 
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wing area 


American Institute of Aeronautics and Astronautics 


Arnold Engineering Development Center, Arnold Air Force Station, Tenn. 

Air Force Flight Dynamics Laboratory, Wright-Patterson A.F.Base, Ohio 

now: AFWAL Air Force Wright Aeronautical Laboratories, 

Wright-Patterson AFB, Ohio 

American Society of Mechanical Engeneers 


Aerodynamische Versuchsanstalt, Gdttingen 
Bundesminister der Verteidigung, West-Germany 

afterbody axial force coefficient, C. = " ~~ * a ^ A 

A q - * A MAX 

afterbody axial force coefficient, C* = aX * a \^ orce 
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drag coefficient, C, 
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drag coefficient, C* • dr ? q - 
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friction drag 
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INTRODUCTION 



1 . 


1.1 Objectives and Scope of Work 

In 1974 the AGARD Workinq group No. 4 presented the first results and findings of 
a multinational experimental proqramme on Improved Nozzle Testing Techniques in Tran¬ 
sonic Flow. These efforts were orqanized by an Ad Hoc Group of the AGARD Propulsion and 
Energetics Panel (PEP) with support and cooperation of the Fluid Dynamics Panel (FDP). 

Test results of the experimental programme on 3 types of axisymmetric afterbodies 
and analyses were reported in Agardograph 208 "Improved Nozzle Testing Techniques in 
Transonic Flow" in October 1975 (Ref. 1.5.1.) and in AGARD Advisory report No. 94 (Ref. 
1.5.2.). 

The above mentioned programme generated a large amount of experimental results, 
which provided an improved understanding of the phenomena concerning the afterbody/ 
nozzle flow and moreover an insight into the shortcomings of afterbody testing tech¬ 
niques as applied i r ' wind tunnels. 

After WG04 terminated its activities, many additional research programmes were 
performed in order to clarify the phenomena found in the multinational programme. Con¬ 
siderable effort has been devoted to improve wind tunnel testing techniques in order to 
establish better estimates of nozzle afterbody drag for the design of new military type 
aircraft. In addition, in recent years numerical methods for drag evaluation and pre¬ 
diction have considerably improved and, more specifically, many analytical models for 
predicting pressure distribution and drag of nozzle afterbodies in the transonic speed 
regime have been presented. These analytic methods make it possible to perform paramet¬ 
ric .dies and flow field analyses of the free-stream, jet flow and their interactions, 
di jult to obtain from wind tunnel experiments. The major advantage of applying these 
retical methods is that wind tunnel programmes can be better aimed to the specified 
,w.als. 

Both activities on afterbody/nozzle aerodynamics are of utmost importance for per¬ 
formance and handling qualities of future military aircraft projects. In order to con¬ 
tribute to these efforts, a new workinq group on afterbody/nozzle aerodynamics was 
organized by the Fluid Dynamic Panel of AGARD in June 1982 with the support of the Pro¬ 
pulsion and Energetics Panel. 

The main goal of the working group was to critically review recent activities on 
afterbody/nozzle aerodynamics, nozzle integration and jet/airframe interference effects, 
addressing both the computational and experimental techniques. 

Terms of reference (TOR) for the study were: 

Computational methods 

o Assess status of inviscid flow methods including jet effects. 

o Assess status of solutions for afterbody flow computations including viscous 
effects (both jet/free stream mixing and boundary layer) 

o Assess status of solutions of the full or thin-layer parabolized Navier-Stokes 
equations. 

o Evaluate the critical range and accuracy of available methods with respect to 
afterbody drag prediction. 

Experimental methods 

o Review afterbody testing and test results since 1975, with special attention to 
drag/thrust evaluation. 

o Evaluate progress in afterbody testing. 

- with conventional jet simulation 

- with TPS techniques 

o Analyse wind tunnel test techniques. 

o Summarize methods to detect flow instabilities and unsteady boundary-layer 
separation effects including afterbody buffeting. 

o Report on wind tunnel correction methods for afterbody tests. 

o Propose recommendations for future experimental investigations. 

The work of the study group was performed by two subcommittees which dealt 
with the computational methods and the experimental testing technique respective¬ 
ly. The outcome of the studies is accordingly orqanized and discussed in the pres¬ 
ent report. 




1.2 Group Members and Meetings 


To carry out the ambitious work defined in the terms of reference a number of 
qualified aeronautical engineers were nominated by the national delegates of the Fluid 
Dynamics and Propulsion and Energetics Panel. These people involved came from univer¬ 
sities, research institutes and from aircraft industry. For the first time experimental 
and theoretical specialists were brought together in an AGARD WG to work on the same 
subject. 


The WG thus formed had the following members: 


G. Besigk 
N.C. Bissinger 

D. L. Bowers 

E. C. Carter 
P. Carriere 
J, Delery 

J. Dunham 
J.M. Hardy 
J.A. Laughrey 
B. Munniksma 
M. Onorato 

F. Porrato 
B. Wagner 

A. Zacharias 


MBB - 

Munich 


Germany 

MBB - 

Munich 


Germany 

AFWAL 

- Wright 

Patterson 

us 

ARA - 

Bedford 


UK 

ONERA 

- PARIS 


France (FDP) 

ON ERA 

- Paris 


France 

RAE - 

Pyestock 


UK (PEP) 

SNECMA 


France 

AFWAL 

- Wright 

Patterson 

US 

NLR - 

Amste rdam 

Netherlands 

Polytecnico di 

Torino 

Italy (FDP) 

AIT - 

TURIN 


Italy 

Dornier - Friedrichshafen 

Germany 

MBB - 

Munich 


Greece(FDP) 


The Group was chaired by 

P. Sachet MBB - Munich 

with the assistance of 
L.E. Putnam NASA - Langley 

(Subcommittee A for Theoretical Methods) 
F. Aulehla MBB - Munich 

(Subcommittee B for Experimental Methods) 


Germany (FDP) 

Us 

Germany 


In addition several invited specalists have contributed at different meetings: 


M. Onofri 
M. Pandolfi 
L. Zannetti 
J. Hodges 
T.W.F. Moore 
H.R. Radespiel 


(IT/3rd meeting) 
{IT/3rd meeting) 
(IT/3rd meeting) 
(UK/4th meeting) 
(UK/4th meeting) 
(US/Sth meeting) 


Five meetings were arranged to accomplish the tasks within the TOR: 
21st/22nd June 1982 first meeting in Paris 


23rd/24th Nov. 1982 


7th/8th June 1983 


22nd/24th Nov. 1983 


- discussion of TOR 

- review of state of the art in different countries 

- definition of test cases for theory. 

second meeting in Ottobrunn/Munich, Germany 

- assignment for members in two subcommittees 

- assignment of tasks 

- setup of time-schedule 

third meeting in Turin, Italy 

- preliminary results on test cases 

- collection of experimental contributions 

- setup of draft report format. 

fourth meeting in Bedford, U.K. 

- Subcommittee A/presentation of results of test 
cases 

- Subcommittee B/presentatioi. of draft for final 
report 

- discussion of proposals for final recommendations 
(subcommittees A and B). 


19th/20th/21th June 1984 fifth meeting at NASA - Langley, US 


- agreement of draft manuscript 

- Report organization and formalities 



REPORT ORGANIZATION 


1 . 3 

1.3.1 Computational Methods 

Chapter 2 o£ this report is concerned with the assessment of the capabilities of 
theoretical methods for predicting afterbody/nozzle aerodynamic flow characteristics. To 
accomplish this objective, a literature search was first conducted to determine methods 
which are being used or are being developed to predict such flows. (The result of this 
literature search is presented in Chapter 2.1.) From this review of the literature, it 
was apparent that in order to accomplish an assessment of the state-of-the-art in a rea¬ 
sonable time, the working group would have to limit the range of geometric and flow 
variables considered. Therefore, the assessment was limited to defining the capability 
of theoretical methods for predicting flow over axisymmetric nozzle/af terbody configura¬ 
tions at zero angle-of-attack. It is recognized by the working group that much work is 
underway, developing and using methods to predict propulsion system installation aero¬ 
dynamics for complete aircraft and missiles. However, methods for predicting the flow 
over axisymmetric configurations have reached a high level of development. The working 
group, therefore, selected 13 test cases to be used for the assessment of computational 
results.(These test cases are described in Chapter 2.2.) The prime criteria for the 
selection of these test cases were the availability of extensive measurements of surface 
pressure, boundary layer, and flow field characteristics. All test cases selected had 
jet exhaust flow simulated by high-pressure air. Cases were selected to show the effects 
of nozzle geometry, nozzle pressure ratio, freest ream Mach number, jet exhaust tempera¬ 
ture, and tunnel blockage. Nozzles with both sharp lip and blunt bases at the nozzle 
exit were included. 

Contributions were solicited from those theory developers previously identified 
during the literature search. Calculations of at least two or more of the test cases 
were received from 18 different contributors. The computation techniques varied in com¬ 
plexity from relatively simple multi component methods for blunt-base nozzles with 
supersonic jets in supersonic external flow, to solutions of the Navier-Stokes equations 
for both the sharp-lip and blunt-base test cases. Many contributors provided solutions 
from inviscid-viscous interaction methods for the sharp-lip transonic flow cases. Also, 
several contributors provided solutions based on the inviscid Euler equations for some 
of the test cases. Comparisons of the theoretical predictions with the experimental data 
are presented in Chapter 2.3. (Note that the experimental data for the test cases have 
been included on microfiche as part of this report). A detailed description of the theo¬ 
retical methods used by the contributors and an evaluation of the prediction methods is 
given in Chapters 2.4 and 2.5. Conclusions and recommendations resulting from the analy¬ 
sis of theoretical results are provided in Chapter 2.6. 

The different chapters in the theoretical part were written by the group members listed 
below. Concensus about the contents of these contributions was reached within the sub¬ 
committee . 


Chapter 

2. 1 

Survey on Afterbody Calculation Methods 
by Dr. N.C. Bissinger 

Chapter 

2.2 

Description of Test Cases 

by Dr. J. Dunham and Dr.-Ing. A. Zacharias 

Chapter 

2.3 

Compilation of Results 
by Dr. N.C. Bissinger 

Chapter 

2.4 

Evaluation of Inviscid and Patched Calculation Methods 
by J. Delery 

Chapter 

2.5 

Evaluation of Navier-Stokes Contributions 
by Dr. B. Wagner 

Chapter 

2.6 

Conclusion and Recommendations 
by L.E. Putnam 


1.3.2 Experimental Methods 

Experimental testing techniques as applied in wind tunnel investigations on after¬ 
body configurations is discussed in Chapter 3. This section includes information about 
the extent of aerodynamic losses attributed to the aircraft afterbody, the advanced jet 
simulation techniques, the state of the art of testing techniques in wind tunnels, 
afterbody flow instabilities and a consideration of errors and correction methods in 
wind tunnels. 

In Chapter 3.1, the general considerations concerning the extent of afterbody drag 
changes, drag magnitudes and sensitivity to pressure integration are given, followed by 
a discussion of effects of engine spacing, nozzle interfairing and base area. 

Chapter 3.2 deals mainly with experimental jet simulation techniques used in more 
recent investigations. Jet temperature effects, turbine powered simulators, ejectors and 
annular jet techniques are considered in detail. 




♦ 
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Section 3.3 gives a state-of-the-art assessment of testing techniques for aircraft 
afterbody drag evaluation with special attention to force balance, surface pressure 
integration and model support interference. 

Afterbody flow instabilities (Chapter 3.4) and a detailed analysis of errors and 
correction methods in wind tunnel and flight test (Chapter 3.5) are included and as a 
consequence, conclusions and recommendations for future work are given by the Subcom¬ 
mittee (Chapter 3.6). 

In group B all members made contributions to all chapters. These contributions were edited 
by the group members listed below. 


Chapter 

3.1 

General Considerations 
by F. Aulehla 

Chapter 

3.2 

Jet Simulation 
by E.C. Carter 

Chapter 

3.3 

State-of-the-Art Assessment of Testing Techniques for Aircraft 

Afterbodies 

by D.L. Bowers 

Chapter 

3.4 

Afterbody Flow Instabilities (Buffeting) 
by G. Besigk and F. Porrato 

Chapter 

3.5 

Error Analysis and Correction Methods for Afterbody Tests 
by J.A. Laughrey 

Chapter 

3.6 

Conclusions and Recommendations 
by F. Aulehla 


t.4 FUNDAMENTALS AND WG04 BACKGROUND (1974) 

1.4.1 Fundamental and physical aspects of afterbody flow and jet plume interaction 

Airframe/engine interference losses in terms of thrust minus drag result from the 
interaction between the inlet streamtube, the aircraft forebody and afterbody, nozzle 
and jet plume. To demonstrate the fundamental aspects governing these interactions, a 
simplified airframe/engine configuration is shown in the following figure. 



Fig. 1.4.1 Fundamental flow field single stream nacelle 


The configuration is assumed to be axisymmetric with the axis parallel to the free 
stream. 

In potential flow the sum of the pressure forces in flow direction acting on a 
control volume as shaped by the inlet stream tube, body and jet plume is zero. In addi¬ 
tion, if there is no potential flow interaction between forebody and afterbody, sums of 
the pressure forces on the separate upstream and downstream part of the control volume 
are zero. 

This conclusion provides a basis for identification of the interaction between the 
external flow field around the afterbody and the exhaust plume. Whereas the sum of the 
pressure forces is zero, the afterbody force must vary as a function of the degree of 
jet plume expansion outside the exhaust nozzle. Hence, the afterbody force includes the 
buoyancy term due to the jet plume. In order to derive the afterbody drag or incremental 
drag, afterbody forces have to be corrected for this buoyancy which is equal to the net 
external force exerted by the internal flow on the jet boundary. 













In practice, however neither the internal nozzle flow model nor the complex jet 
exhaust flow model can be specified uniquely. As recommended in Ref. 1.5.3, where a 
comprehensive study on the fundamental aspects of engine/airframe interactions is given, 
an explicit bookkeeping system accounting for all airframe forces and engine thrust 
should be adopted. 

The transonic afterbody/nozzle flow field is influenced by strong viscous/inviscid 
interactions as demonstrated in the following figure. 

SEPARATED 



Fig, 1,4.2 Afterbody flow field 

The complex flow field around the afterbody is characterized by shock waves, shock 
wave boundary layer interaction, and boundary layer/jet exhaust interactions coupled 
with boundary layer separations induced by steep boattails or underexpanded jet plume 
shapes. Furthermore, heat from the afterbody and nozzle is transferred to the surround¬ 
ing flow, which destabilizes the boundary layer of the decelerating flow around the 
boattail. 

Moreover, for highly integrated fighter aircraft the flow field is highly three 
dimensional. Mutual interactions are present between empennage, control surface, wing 
and afterbody. For close coupled intake/exhaust configurations, even the inlet flow has 
to be taken into account. 

Hence, the flow at the back end of a fighter aircraft is very complex and the 
understanding of the flow physics involved is a must to investigate this afterbody flow 
utilizing both computational and experimental methods. 


1.4.2 Impact of Afterbody Performance on Total Aircraft Drag 

Optimum airframe/nozzle integration has become more important with fighter air¬ 
craft requiring variable geometry nozzles for operation with or without reheat over a 
broad range of Mach numbers. An indication of the magnitude of twin-jet afterbody draq 
related to the aircraft total drag is given in Fig. 1.4.3 (Ref. 1.5.4). 
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Fig. 1.4.3 Magnitude of Afterbody Drag 


The reference configuration is an ideal slender afterbody with the same maximum 
cross section and equivalent nozzle size. Some configurations were tested in different 
facilities as indicated. 













The drag of the worst configuration tested can amount to about 45 % above the 
value of the ideal configuration. This series of sequential tests show that aerodynamic 
improvement to a drag level close to the ideal afterbody configuration is possible. 

Important parameters which have a significant influence on twin-jet afterbody draq 
include nozzle type, boattail angle, base area, nozzle spacing and type of interfairing- 
This subject will be discussed in Chapter 3.1. Here, only representative drag increments 
for different nozzle types are indicated in Fig. 1.4.4 (Ref. 1.5.4). 
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Fig. 1.4.4 Drag of Various Nozzle Concepts Obtained from Different Test Rigs 


The model with the short convergent nozzles gives the highest drag increment 
ACpmax ** 0.042 (reduced according to fuselage frontal area) whereas a model with 

iris nozzle and boattail angles 0-15* has the lowest drag increment of 0.020. The total 
variation in afterbody drag for nozzle types shown corresponds to approximately 20 % of 
the total drag of a typical twin-jet fighter at zero lift in the transonic flight 
regime. 

From the described considerations it can be concluded that insight into the after¬ 
body performance is of vital importance in an early stage of the development of a 
fighter aircraft. 
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1.4.3 Review on the PEP Working Group No.4, Improved Nozzle Testing Technique in 

Transonic Plow. 

AGARD Working Group No. 4 initiated in 1972 a multinational programme on improved 
nozzle testing in which nine organisations from five nations participated. The joint 
programme of research was concentrated on the afterbody/nozzle testing technique in 
transonic wind tunnels. Objectives were: 

o to obtain a better understanding of the phenomena connected with the rather 
complex afterbody/nozzle flow 

o to study the merits of wind tunnel testing for prediction of afterbody nozzle 
performance 

The defined programme was aimed at an experimental investigation of the external 
and internal aerodynamics of afterbody/nozzle configurations in the transonic speed 
regime. For a comparative study, three axisymmetric afterbody nozzle configurations were 
defined with boattail angles of 10*, 15* and 25* respectively, with the same closure and 
one internal convergent nozzle contour. 

The tests covered the Mach number range of 0.6 to 0.95 and nozzle pressure ratios 
(NPR) of 1 to 7. Some participants of the programme extended the test range to Mach num¬ 
bers up to 1.5 and a NPR of 15. A survey of the test set-ups and test conditions is 
given in Pig. 1.4.5. 

The test results and analyses utilizing all available data from the programme were 
published in Ref. 1.5.1. The analyses included the following subjects: 

o The model and jet effects as influenced by geometry, Mach number, NPR, initial 
boundary layer, jet and model surface temperature and jet distortion. 

o The wind tunnel and support effects attributed to Reynolds number, wind tunnel 
wall interference, and buoyancy. 

Furthermore, test results from models not directly representative of the defined 
configurations were discussed in order to add some critical information about the 
applied afterbody/nozzle test techniques. 

The following sections will discuss briefly the conclusions and recommendations as 
presented by the various authors. Reference is made to the appropriate sections of the 
report (Ref. 1.5.1). 


1,4.4 Analysis of effects of parameters 

The results as obtained from test on the configurations by variation of NPR shows, 
in terms of boattail pressure force coefficient, C DP , the following trends (see Pig. 
1.4.6) for subsonic free stream Mach numbers. 



Fig. 1.4.6 


Pressure Force coefficient as function of NPR 




o If NPR is increased from jet-off (NPR = 1), C D p drops initially and starts to 
rise between NPR = 1,25 ♦ 2 up to a constant level comparable to the level of 
the jet-off condition. 

o For NPR larger than 3, where plume size increases due to th^ underexpanded jet, 
Cjjp decreases monotonously. 

In Part II (sec. D) authors concluded, that for NPR > 3 the displacement effect of 
the plume dominates whereas at NPR 1.5-3 the effects from entrainment and displacement 
seems to be balanced. 

From all collected data and other data from a wide range of geometries tested 
elsewhere, in Part II (sec. A), it was concluded that Cqp and drag rise Mach number 
correlated quite well with the mean boattail chord angle. The boattail pressure force 
coefficient C^p increases and the drag rise Mach number decreases if the boattail 
angle is increased. 

The observed jet temperature effects on C^p Part I (sec. C, E, G) and Part II 
(sec. D) appeared to be dependent on whether only the jet temperature was raised above 
the value of free stream or both the jet and model surface temperature were increased. 
The latter was the consequence of uncontrolled heat transfer from the hot jet gases to 
the model wall. The isolated jet temperature effect was explained from the larger ini¬ 
tial jet plume angle of the hot jet relative to the cold jet, resulting in a more pro¬ 
nounced displacement effect and hence a higher pressure on the boattail, (Fig. 1.4.7) 



NOZZLE TOTAL PRESSURE RATIO, NPR 

Fig. 1.4.7 Nozzle exhaust temperature effects on 15° boattail, Mach = 0.9 

For models with both hot jet and hot model surface, only little effect on the 
boattail pressure distribution with respect to a cold jet was found. From these findinqs 
it was speculated, that heat transfer to the boundary iayer surrounding the boattail 
might cause a marked decrease of the boattail pressure, (i.e. less pressure recovery on 
the boattail ) . 

For the standard AGARD configuration, no distinct effect of jet distortion was 
found on the boattail pressure distribution, Part I (sec. E). 

In Part I (sec. ?) effects of varying Reynolds number and initial boundary layer 
displacement thickness on the boattail for the Mach range 0.8 - 0.95 were discussed. 
Variation of displacement thickness was obtained either from boundary layer blowing or 
changing the length of the model. From the results it was shown that: 

o For gentle boattail angles, the general trend was towards a slight decrease in 
C D p when the initial boundary layer thickness was increased. This effect was 
explained from the less effective curvature of the boattail as felt by the in- 
viscid flow. 

o Results from steep boattails showed conflicting trends. Increase as well as de¬ 
crease of Cqp was noted dependent on Reynolds number. 


u> 


1.4.5 Data scatter due to different testing techniques 

Models were tested in seven wind tunnels with differences in support arrangement, 
blockage, buoyancy, wall type and the methods for the determination of reference free 
stream conditions {see Fig. 1.4-5). 

From pressure distributions it was concluded, Part II (sec. E), that up to 
M * 0.95 there was very little difference in the flow over the shoulder (expansion 
region) for the various facilities. However, significant data variance appeared in the 
recompression region of the boattail. Obtained data showed variance in boattail pressure 
force coefficients, C^p, from 0.010 to 0.026 at M = 0.8 and 0.017 to 0.065 at 
M = 0.9. Part I (sec. F), and Part II (sec. A, E and F) deal with the effects of the 
different wind tunnel testing techniques on the afterbody flow behaviour. In Part II 
(sec. fc 1 blockage and buoyancy effects were considered using model and wind tunnel wall 
pressure distributions from analytical techniques. For high blockage it was found that 
wall interference increases the local flow Mach number in the region of the boattail 
close to the nozzle lip. With respect to the effect of buoyancy, originating from the 
downstream tunnel diffuser only a qualitive feeling was obtained. It was postulated, 
that diffuser back pressure creates a more adverse pressure gradient for the boattail 
flow to negotiate in the recompression region, thereby causinq earlier flow separation. 

A detailed analysis. Part II (sec. F) of the influence of Reynolds number (as 
achieved by altering the density in the wind tunnel) on complete body and part body in¬ 
dicated that part of the dependency of Cqp on Reynolds number was in fact due to small 
deviations in the free stream static pressure in the wind tunnel test section. A similar 
finding was noted in Part I (sec. G). As a result of this assessment, an additional 
calibration of the wind tunnel was performed in which Reynolds number was the primary 
variable. 

To provide additional insight into the effects of support interference, Reynolds 
number and model fineness ratio, the experimental results were compared with those of 
analytical models. Some of the most important findings are listed below. 

o Inviscid flow calculations confirmed the observed pressure gradients on the 
model were caused by sting-strut support interference. The conclusion was 
drawn, that support interference must be a subject of major concern of wind 
tunnel test techniques, Part II (sec. F). 

o Variation in pressure distribution with Reynolds number was obtained with a 
viscous/inviscid strong interaction theory similar to that observed from 
experimental data, Part I (sec. F). 

o From inviscid flow calculations for bodies with different fineness ratio L/D max 
it was indicated that the local Mach number ahead of the boattail is higher 
when L/Dmax is decreased. Part II (sec. E). 

o In Part II (sec. F) results from calculations showed that geometric changes of 
the afterbody affect the flow over the forebody. Both findings lead to the con¬ 
clusion that in studying the afterbody, the forebody has to be presented cor¬ 
rectly and the metric/non-metric splitline has to be chosen very carefully. 


1.4.6 Conclusions and recommendations (WG04 in 1976, see ref. 1.5.2) 

It was generally concluded that the result of the efforts of the multinational 
programme was another step towards a more complete understanding of afterbody aerodyna¬ 
mics and that further experimental and computational efforts are required. 

It was recommended to: 

o investigate the influence of exhaust temperature 

o refine and extend analytical procedures to cases with shock wave boundary layer 
interaction 

o develop the use of computational procedures to assess wind tunnel wall-inter¬ 
ference 

o perform a refinement in wind tunnel calibrations. 
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2.1 SURVEY ON AFTERBODY CALCULATION METHODS 


2.1.) INTRODUCTION 


Many mathematical models for the calculation of afterbody flows have been pre¬ 
sented in past years. A literature search of these models has been conducted. In the 
following sections, short descriptions of these calculations methods are presented, 
ordered according to the equations or models used to calculate jet-freestream-afterbody 
interactions. It is interesting to note that all methods calculate the flow around 
afterbodies at free flight conditions. Only one report on calculations addressing the 
very important problem of wall interference effects in windtunnels has been found. 
However, many of the methods could in principle be applied to afterbodies in closed wind 
tunnels. 


2.1.2 NAVIE R-STOKES EQUATIONS 


Wherever Navier-Stokes equations are mentioned here, the Reynolds averaged 
Navier-Stokes equations are meant. This set of equations represents the conservation of 
mass, momentum and energy supplemented by two equations of state for a perfect gas. Tur¬ 
bulence modelling is needed to obtain the same number of equations as there are unknowns. 
Of the numerous turbulence models available the following have been applied in the refer¬ 
ences: 

. Two-layer algebraic turbulence models 
. Relaxation eddy viscosity model 
. Constant eddy viscosity 

. Patching of different models for different flow regimes. 

Most of the references ( Refs. 2.1.1 to 2,1.16 ) have not calculated the flow 
around afterbodies with a base. In some cases the actual afterbody geometry has to be 
modified, e.g. base corners have to be rounded, or the base has to be replaced by a thin, 
sharp trailing edge. Refs. 2.1.11 and 2.1.16 calculate the flow around afterbodies with 
jets without using any geometrical modifications. 


2.1.3 THIN LAYER AND PARABOLIZED NAVIER-STQKES EQUATIONS 


The Navier-Stokes equations can be approximated by the thin layer method. This 
method is based on assumptions similar to the boundary layer equations, i.e. streamwise 
diffusion terms are small compared with the normal diffusion terms. All viscous terms 
with gradients parallel to the body contour are neglected. In contrast to boundary layer 
theory, the normal momentum equation is not replaced by the assumption of zero pressure 
gradient. 


Por supersonic flows it is possible, by neglecting all time derivatives and the 
streamwise viscous diffusion terms and by modifying the streamwise convective flux vec¬ 
tor, to make the equations parabolic in the streamwise coordinate. The modification of 
the streamwise convective flux vector is necessary because otherwise, in the subsonic 
flow close to body surface, the equations would not be parabolic in the streamwise 
direction. This modification has been done by several researchers by manipulating the 
pressure in the subsonic flow region. For example Schiff and Stegec 1 Ref. 2.1.32 ) use the 
"Subsonic Layer Model" where the pressure gradient normal to the surface within a sub¬ 
sonic layer is zero, whereas Roberts and Forester ( Ref. 2.1.33) decouple the streamwise 
and lateral plane pressure gradients and assume the streamwise^pressure gradient to be 
constant in planes normal to the main stream. Both methods use a "boundary layer type" 
coordinate system and are valid for large Reynolds numbers only. 

In Refs. 2.1.17 to 2,1.31 laminar and turbulent flows at subsonic and supersonic 
Mach numbers around two-dimensional or axisymmetric models are calculated. The models 
include isolated jets and afterbodies with or without jet or iet simulator. Small to 
moderate angles of attack are considered for axisymmetric bodies. 

The relations for ideal gases with constant Prandtl-number are used in steady 
and unsteady flow calculations. For laminar flows the Sutherland formula is used. For 
turbulent flows two different turbulence models are applied: 

. Two transport equations 
. Two-layer eddy viscosity models. 

To save computer time and storage, some authors use simpler methods for parts of 
the flow, e.g. around the forebody. The results of these calculations are used as input 
for the calculation of the afterbody flow. In Ref. 2.1.25 the flow downstream of the jet 
exit is divided into two overlapping zones: the inviseid freestream and the viscous jet 
regions. The flow in the inviscid region is calculated by a panel method, the flow in the 



viscous region by the thin-layer Navier-Stokes equations. The overall solution is found 
by iteration where the solution of one zone is used as the boundary value for the 
calculation of the other zone. 


2.1.4 PATCHED MODELS 


2.1.4.1 INVISCIP FLOW METHODS 


In this approach the jet is considered as part of the afterbody and solutions 
are sought of the potential flow equation for the combined body (afterbody plus jet). 

Most often linearized "panel methods" are used ( Refs. 2.1,34 to 2.1.40 ). In Refs, 2. 1,42 
and 2.1.43 a finite element method is applied to solve the incompressible potential equa- 
tion. In Ref s. 2.1.44 and 2,1.45 the flow is calculated from the full potential equation. 
Transonic small perturbation methods have also been used ( Refs, 2,1,46 and 2,1,47 ). 

The jet can be represented by a solid body or a wake ( Ref. 2.1.41 ). Engine power 
effects are simulated by different jet shapes or by constant jet shapes with transpira¬ 
tion. Both the jet shape/or the amount of transpiration must be derived from either ex¬ 
perimental data ( Ref, 2,1 43 ) or from other calculation techniques, e.g. Nav ier-Stokes 
calculations ( Ref_. 2.1.45 ).*““ 

Which mviscid calculation method or exhaust jet model is being used depends on 
the complexity of the body geometry and the purpose of the calculations. For highly com¬ 
plex geometries, such as engine-pylon-wing-fuselage configurations ( Ref, 2,1.41 ) or af¬ 
terbody models in a windtunnel ( Ref, 2,1,34 ), usually panel methods are applied- Engine 
nacelle-pylon-wing combinations have been treated by the solution of the full potential 
equation ( Ref. 2.1,45 )."Solid body" jetr suffice for calculations for which the influence 
of the engine nacelle with jet onto other components, say the wing of a transport air¬ 
craft, is of interest. The "wake exhaust" model gives more information on the influence 
of fuselage or wing onto the afterbody/jet flow. 


2.1 . 4.2 INVISC ID/VISCQUS INTERACTION METHODS AND MULTI-COMPONENT MODELS 


These methods simulate the flow around afterbodies by splitting the flow up into 
regions which can be calculated by existing methods or known solutions. The most common 
approach is to split the flow into an inviscid part and viscous regions, and to "patch" 
together the solutions by using various methods. Very often, empirical results for sepa¬ 
ration point and reattachment point location, geometry of separation region, and pressure 
and velocity destribution within the separation regions are needed to include their ef¬ 
fects on afterbody flow. Strong interaction regions in the flow, e.g. shock/boundary 
layer interactions, are very difficult to model with these methods. 

The two earliest methods were derived for supersonic flow about two-dimensional 
downstream facing steps. One of them, the theory of Crocco and Lees ( Ref. 2.1.48 ), has 
never been extended to axisymmetric cases with jets. The second theory, closely connected 
with the names Chapman and Korst (for example Ref. 2.1.59 ), has been extended by Korst 
and several co-workers to axisymmetric afterbodies with a base and jet. Sirieix and 
Carriere at ONERA (e.g. Ref. 2.1.91 to 2. 1 . 104 ) improved the empirical part of the theory 
by conducting relevant wind tunnel tests from which they derived a "recompression deflec¬ 
tion angle criterion", wind tunnel tests have been conducted for the same reason by White 
and Agrell at FFA ( Ref. 2.1.81 ). 

Addy ( Ref. 2. 1. b9 and 2 .1.7Q ) wrote and published a computer program for the 
calculation of afterbody flows using this theory. At ONEFA a modified method was derived 
based on the Chapman-Korst model ( Refs. 2.1.91 and 2.1.104 ). This method takes into ac¬ 
count mass and momentum injection into the base region as weLl as the effect of the ap¬ 
proaching boundary layer by an "equivalent base bleed" concept. Based on this concept 
Wagner at Dormer ( Refs. 2.1.83 and 2,1,85 ) investigated the effects of detail chances 
in the flow model of Addy. Both Wagner and White/Agrell ( Ref. 2. 1 ■ 84) extended their 
program version to flows around afterbodies at small angles of attack. 

In Fig- 2 ■ 1 .7. 1 the flow phenomena that the flow model of Korst et al. attempts 
to describe as close as possible are depicted. Both the jet and the freestream flow are 
at supersonic Mach numbers. The assumptions, calculation methods, and empirical input 
that the Addy program uses are shown in Fig. 2, 1.7,2 . This program calculates the invis¬ 
cid flow up to the confluence point with the help of irrotational characteristics. The 
two recompression shocks at the confluence point are determined by the requirement of 
common pressure and flow direction behind them. The mixing layers on each side of the 
separated base flow region are approximated by self-similar two-dimensional mixing layer 
velocity distributions. Mass and momentum conservation considerations, assumptions, or 
empirical data on the recompression of the flow through the confluence point make it pos¬ 
sible to determine base pressure iteratively. Because energy conservation considerations 
are included, it is also possible to consider jets with total temperatures different from 
the freestream. Extensions, variations, and improvements of the flow model ( Fig . 2.1.7.3 ), 
have been tried by several authors (see Refs. 2.1.49 t o 2,1,104) . 






Presz ( Refs. 2.1.105 to 2.).T09 ) developed a patched method especially for axi- 
symmetric afterbodies with jets or "jet" simulators which exhibit flow separation at sub¬ 
sonic freestream Mach numbers. He derived a control volume criterion for the separation 
point location. The shape of the discriminating streamline which separates the reverse 
flow region from the main flow is found by a momentum mass conservation approach, 

Moulden/Wu ( Refs. 2.1.110 to 2.1.113 ) developed a computer program for the cal¬ 
culation of the flow around various missile configurations {including jets) at transonic 
flight Mach numbers. The iso-energetic calculation of the afterbody/base/iet interference 
is very similar to the one of Korst, i.e. it is also restricted to purely supersonic 
flows. Several techniques are applied to calculate the inviscid flow around missile 
bodies from the transonic flow small perturbation equation. Thwaites 1 method ( Ref. 2.114 ) 
is adopted for laminar boundary layers and Nash’s technique ( Ref, 2.1 .115 ) is used for 
turbulent ones. 

Tanner ( Refs. 2.1,117 to 2.1.123 ) not only extended the two-dimensional 
Chaoman-Korst model but developed methods of his own for the calculation of axisymmetric 
afterbody (without jet) base pressures at subsonic and supersonic Mach numbers. His ideas 
are based on the connection between the drag of a body and the increase in entropy of the 
flow across it derived by Oswatitsch. Using empirical data he is able to calculate drag 
for angles of attack up to 20 degrees at supersonic Mach numbers. 

Grossman and Melnik ( Ref. 2. t.T 24 } apply a method for the calculation of the 
inviscid flow which is similar to the one used by South ard Jameson. For the inviscid jet 
flow they solve the Euler equations, fitting imbedded shock waves and Mach disks. The 
inviscid plume shape is found by iteration, i.e. by calculating the pressure distribution 
on a guessed plume shape from the solution of the full potential equation for body and 
plume, and then by calculating a new plume shape from the pressure distribution until the 
plume shape or its surface pressures converge. The turbulent boundary layer on the body 
as well as the mixing layers on the jet plume are obtained by Green's Lag-Entrainment 
Method ( Ref. 2,t . 125 ) . The plume surface is treated as a wake centerline with zero skin 
friction and, compared with the body boundary layer, a doubled turbulent length scale. In 
strong interaction regions on the body, e.g. near shock waves or corners, the boundary 
layer displacement thickness is replaced by a conic section to get a smooth effective 
body. Yaeger ( Ref. 2.1.126 ) extended this flow model by adding a somewhat modified 
Presz’s method ( Ref« T. 1~no8 ) for boundary layer separation on the afterbody. 

Chow, Bober and Anderson ( Ref. 2.7.127 ) couple a finite-difference analysis of 
the full transonic potential equation with the integral boundary-layer method of Sasman 
and Cresci ( Ref. 2.1.128 ). Their model is an afterbody with a sting as a jet simulator. 
With the results of the inviscid flow as input, the displacement thickness of the boun¬ 
dary layer is calculated and an "effective body shape" constructed by adding this dis¬ 
placement thickness to the actual body geometry. By repeating these calculations the 
final pressure distribution can be found iteratively. Damping is required at higher 
free-stream Mach numbers. A modified version of this method has been applied to a blunt 
based projectile in Ref. 2.1.129 . 

The method of Cosner and Bower ( Ref. 2.1.130 ) differs from that of Grossman, 
Melnik and Yaeger mainly by the method the turbulent boundary layer on the body and the 
mixing layer on the jet plume are calculated. Their integral procedure is an extension of 
the work of Bower ( Ref. 2,1.13) ). The shape factor is bridged empirically around separa¬ 
tion and reattachment point regions. The inviscid ooundary of the plume is treated as a 
non-adiabatic moving wall and the boundary layer calculation is continued from the 
afterbody onto this wall. The iteration procedure needs "a significant amount of damping" 
to be stable. 

By using conservation of mass considerations Yaros ( Ref. 2.1.132 ) sought a cor¬ 
rection to the inviscid plume shape due to entrainment effects. On the body the full po¬ 
tential equation (South-Jameson Transonic Program) is solved for the inviscid flow and a 
"fast" boundary layer program (Bartz program) is used to calculate the displacement 
thickness to be added to the body geometry. The shape of a jet within quiescent external 
flow calculated by the method of characteristics is the starting geometry for the plume 
shape . The final pressure distribution on the afterbody is found by calculating the in¬ 
viscid flow about the effective body, i.e. actual body and inviscid jet plume geometry 
plus displacement thickness. 

Ref. 2.1.142 presents what can be considered the fina2 stage of a patched calcu¬ 
lation method developed by several researchers, mainly Wilmoth, Dash, and Pergament 
( Refs. 2.1,133 to 2,1,143 ). Tne schematic flow field it describes is shown in 
Fig. 2.1,74 and is subdivided into the regions of Fig. 2. 1.7.5 . As in other patched 
methods^ the inviscid external flow is calculated from the full potential equation by the 
South and Jameson method. ( Ref. 2.1,144 ). The boundary layer on the afterbody is computed 
by the use of a modified Reshotko-Tucker integral solution ( Ref. 2.1.145 ). The method of 
Presz as described above is used to simulate possible separation regions on the after¬ 
body. The flow in the inviscid iet exhaust plume is found from Dash’s ( Ref. 2.1.146 ) 




shock-capturing/shock- fitting solution of the Euler equations. For the calculation of 
the jet mixing layer the "overlaid" procedure of Dash and Pergament ( Ref. 2,1.135 ) is 
applied. The iteration steps are similar to all other methods presented so far and in¬ 
clude the inviscid flow calculations, determination of the displacement thickness of the 
boundary layer and mixing layer, and modification of body/jet geometry to form an effec¬ 
tive body using an under-relaxation technique. 

Kuhn ( Refs. 2.1,147 and 2.1.148 ) employs the method of South and Jameson 
( Ref. 2,1,144 ) for the calculation of the inviscid flow over body and plume and a modi¬ 
fied Henson-Robertson shock-expansion one-dimensional method ( Ref. 2.1.149 ) or the method 
of characteristics for the inviscid jet flow. By applying an inverse integral boundary 
layer method at separation points he is able to iteratively determine separation location 
and separation bubble displacement thickness distribution. Also included in the flow 
model is the simulation of boundary layer separation due to shock interaction. 

The approach by Dutouquet and Hardy ( Refs. 2.1.150 and 2,1,151 ) determines the 
inviscid part of both the external and the nozzle flow through the solution of the stream 
function equation by a relaxation technique. The external boundary layer is computed by 
the finite difference method of Spalding-Patankar ( Ref. 2.1.152 ). The nozzle boundary lay¬ 
er is neglected. Coupling of the inviscid flow with the boundary layer flow is performed 
through the correction of the body geometry by the boundary layer displacement thickness. 
For cases with boattail separation the pressure downstream of the separation point is 
assumed to be constant. 

The "velocity splitting" method was used by Cosner in Refs. 2.1.153 to 2.1.155 
to solve the steady state Navier-Stokes equations for the transonic external flow of 
afterbody and jet plume. In this approach the velocity vector is split into a potential 
part and a residual component, and the static pressure is defined as a function of the 
potential velocity part only. This approach reduces computation times considerably. Boun¬ 
dary layers, separation, and strong interaction regions on the body can be calculated 
directly. For axisymmetric afterbodies ( Ref. 2.1,153 ) inviscid jet flow was calculated by 
the method of characteristics. The jet/freestream interaction was found iteratively by 
using the pressure distribution on the plume from the Navier-Stokes solution to derive a 
corrected plume shape and vice versa. In Ref. 2.1.154 examples with solid jet simulators 
only are presented. 

In Ref. 2.1.156 Chima and Gerhart report on a patched method for the calculation 
of axisymmetric afterbodies with solid jet simulators at subsonic flight Mach numbers. 

With a finite element code they solve the coupled irrotationality and compressible con¬ 
tinuity equations for the inviscid flow, the results of which they couple iteratively 
with a Sasman-Cresci type integral boundary layer code. Neither flow separation nor jet 
flows are considered. 

In Ref. 2.1.157 Hodges presents a method for predicting the subsonic flow over 
axisymmetric afterbodies that patches together three sections of the flow. The method of 
characteristics for the calculation of the jet, a surface singularity method (Panel 
method) for the inviscid external flow and a lag-entrainment integral method for the 
boundary layer and mixing region are used. Simple models for separated flow regions and 
the entrainment of air are applied. An assessment of this method and the one of 
Ref.2.1.142 has been conducted in Ref. 2.1.159 . Since then the method has been modified 
to handle jet temperature effects and blunt afterbody bases ( Ref. 2.1.158 ). 

Radespiel ( Ref♦ 2.1.160 ) constructed a calculation method by coupling the solu¬ 
tion of the Euler equations from the Streamtube Curvature algorithm (STC) ( Ref. 2.1.161 ) 
with the solution for the boundary layer and free shear layer from the imp1i"cit marching 
procedure GENMIX ( Ref. 2,1.162 ). For the free shear layer a k-e-V turbulence model has 
been found to be superior to a k-E turbulence model ( Ref. 2.1.163 ). The method is res¬ 
tricted to afterbodies without base and without flow separation. The nozzle pressure 
ratio should be less tnan three. 

Most of the methods presented so far perform quite well for afterbody flows with 
weak viscous/inviscid interactions. In Ref. 2.1. 164 Dash and Wolf extended the (weak 
interaction) SKIPPY code ( Refs. 2.1.146 and 2.1.165 ) to flows with strong interactions by 
implementing a parabolized Navier-Stokes procedure for the jet. They also investigated 
the effects of three different turbulence models. 

Ref. 2.1.166 (Kern, Hopcraft) reports on afterbody flow results obtained by 
coupling a two-dimensional Navier-Stokes solution for the jet with a potential flow 
analysis of the external flow. Steps towards a code that couples complex potential flow 
and/or Navier-Stokes codes to PANAIR ( Ref. 2,1.167 ) are defined. The aim of this 
investigation is the calculation of the flow around closely coupled engine-nacelle/ 
strut/wing configurations. 
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The method of Swanson, Rubin and Khosla ( Ref. 2.1.168 ) is similar to that of 
Cosner ( Ref. 2.1.153 ) in the use of the steady state Navier-Stokes equations. However, 
instead of the"veToeity splitting a multiplicative composite velocity is used. The 
original approach has been extended to transonic and turbulent flows and has been applied 
to axisymmetric afterbody configurations with solid jet simulators. The results in 
reverse flow regions differ from the measurements. Improvements in the turbulence model 
are supposed to reduce these differences. 

In Ref. 2.1.169 (Boppe) a patched flow model that differs from others only in 
details is described. For subsonic/transonic external inviscid flow the Full-Potential 
equation is solved. A shock-fitting method for the solution of the Euler equations is 
applied to supersonic external inviscid flow. The displacement thickness of the afterbody 
boundary layer calculated from Green's lag-entrainment integral boundary layer method 
( Ref. 2.1.125 ) is added to the solid body. Local control volume analysis is used in 
determining separation point and reattachment point locations of recirculating flow 
regions. The Euler equations are solved for supersonic exhaust jet flow. Entrainment of 

external flow into the supersonic jet is accounted for by adding a displacement thickness 

to the jet boundary that corresponds to a fully developed turbulent mixing profile bet¬ 
ween two incompressible streams of different velocities. The merging of the upstream 
boundary layer and the jet mixing displacement surfaces is described as "smoothing". 

Tinoco and Chen ( Ref. 2.1.170 ) present a calculation method for transonic flow 
around isolated engine nacelles an<3 an extension of the method in Ref. 2.1.44 for 
wing-body-strut-nacelle configurations. The flow around the isolated nacelle and in the 
jet is calculated by an Euler code ( Ref. 2.1.201 ). A boundary layer calculation for the 
internal inlet and the external fan cowl is coupled to this code and the inviscid flow 

geometry is updated by the boundary layer displacement thickness during iteration cycles- 

The solid plume shape and the transpiration necessary to simulate engine power effects 
introduced in Ref. 2.1.44 for installed nacelles are calculated here from an axisymmetric 
Navier-Stokes code ( Ref. 2.1.5 ).A boundary layer analysis is conducted on the wing only. 

Reviews of many of the methods described above can also be found in 
Refs. 2.1.171 to 2.1.174. 


2.1.5 EULER EQUATIONS 


Solutions of the Euler equations can be used in multi-component models for flows 
with varying total pressure and temperature and for which rotational effects cannot be 
neglected. They can also be considered as "stepping stones" towards the solution of the 
full Navier-Stokes equations. 

In all references both the freestr^am flow and the jet flow have been calculated 
by the Euler equations. Whereas Refs. 2.1.175 to 2.1.178 split the flow into domains. 
Refs. 2.1.179 to 2.1.182 consider the entire flow “as - one domain. The solutions are found 
fey time-dependent computations using either a predictor-corrector scheme of MacCormack 
( Refs. 2.1.17 5 to 2. 1.1 81) or a fourth order Runge-Kutta scheme (Ref. 2*1.182) for the 
time integration. 

Although the results shown look quite realistic, there are still numerical 
problems to be solved. Artificial inviscid separation and questionable entropy production 
at stagnation points and in shock regions are two examples. In Ref. 2.1.182 these are 
assumed to depend on the boundary conditions and the numerical filtering used in that 
specific code. 
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2.2 DESCRIPTION OF TEST CASES 


2.2.1 INTRODUCTION 


A critical review of the computer programs available to the Working Group was un¬ 
dertaken, by applying them to selected experimental test cases. Experience in other bran¬ 
ches of computational fluid mechanics has shown that this "test case" approach is a gene¬ 
rally revealing and constructive activity. It clarifies the scope of the various programs 
and gives some indication of their current relative standing. It must be emphasized at 
the outset, however, that a limited review of the type undertaken here can never provide 
a full assessment either of the present accuracy of predictions or of the relative merit 
of the different modelling or computational procedures for further development. 


Several 

(1) the 

(2) the 

(3) the 

(4) the 

(5) the 


features of a flow field program ideally need to be assessed 
accuracy with which the geometry is represented by the computational grid 
quality of fluid behaviour modelling within the field and at its boundaries 
accuracy, stability, and convergence of the solution algorithms 
effect of grid density 

size of computer needed and the speed of execution. 


All these 5 points are best checked by test cases with a known exact solution; no such 
cases are known in the present context. A massive effort, using many test cases, would be 
needed to check all these five points for any of the programs, and that effort was not 
available to the Working Group. Therefore, the more limited objective was selected of 
illustrating the scope of the programs made available to the WG, and giving some indica¬ 
tion of their predictive quality. 


2.2.2 TEST CASE SELECTION 


So the selection of test cases was made using the following criteria:- 

(i) the number of cases should be small 

(ii) they should be confined to an axisymmetnc single stream nozzle and afterbody 
and cover the major variables involved: 

flight speed 

jet pressure ratio and temperature 
afterbody shape 

presence or absence of base regions 
possible presence of wind tunnel walls 

They should encompass cases in which boundary layer separation did and did 
not occur on the afterbody. 

(iii) the experimental information should be as accurate and as comprehensive as 
possible, with measurements of flow field details as well as afterbody pres¬ 
sure distribution. 

(iv) there could be no restrictions on the publication of the data, so that the 
cases would be available for research workers to test their own programs in 
the future. 

A fairly wide range of possible cases was offered, including one of the "AGARD" af¬ 
terbodies selected for testing by the previous Working Group. 

Table 1 shows the final selection; it will be seen that each of the variables mentioned 
in (ii) is covered at least once. In each experiment, only one or two test points from 
the range of test conditions potentially available could be chosen. 

Unfortunately, technical difficulties prevented the test results being obtained for 
test case 4 (hot jet), the calculations having already been done. 




Origin 

Flight 

nozzle 

approx jet 

afterbody 

base 

wind 
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Mach 

pressure 

temperature 

shape, 

region? 

tunnel 

boat tail 





No. 

ratios 

°K 

angle 


blockage 

separation? 

on the 

m the 








variation? 


afterbody 

jet 

1 



2.9 


8° 



r>o 
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NASA 

0.8 

2.9 

300 

circular 17° 

no 

no 

yes 

P 

P,V 

2A 



5.0 


arc 17* 



yes 



3 




300 



no 
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DfVLR/MBB 

0.7 

3.0 

900 

(AGARD Al) 

no 


no 

P, Dl 

P, V, T 

5 




300 

circular arc 






6 




300 

10° 


yes 




7 

NASA 

2.2 

11.13 

300 

conical, 5° 

no 

no 

no 

P 

P,V 

8 

CNERA/AEPO 

SPATIAL£ 

0.85 

37.03 

300 

conical, 6° 

yes 

no 

no 

P 

V,Tu 

9 



17.08* 


0* 



no 



10 

FFA 

2.0 

102.5* 

300 

conical 0° 

yes 

no 

no 

P 

none 

11 



17.08* 


6° 


no 



12 



102.5* 


6° 


_ 

yes 




P = pressure, V - velocity, T » temperature, Tu = turbulence, bl = boundary layer 
* plus base pressure prediction for jet static pressure ratios in the 
range 1 to 15 

Table 2.2.1: Test cases 


Brief 
lated in an 


details of the test cases follow. 
Appendix, included in the form of 


Their full experimental 
a microfiche. 


results are tabu- 


2.2.3 A CCURACY OF TEST RESULTS 


No estimates have been made (or provided by the experimenters) of the accuracy of 
the quoted results. In each of the experiments, there will have been quantifiable random 
inaccuracies resulting from normal instrumentation inaccuracies, but such errors in this 
type of test would not be significantly large in the context of the present comparisons 
with theory. However, the possibility of important systematic errors in this type of test 
- especially affecting the net drag coefficient - is recognised. Such errors could arise 
from non-uniform entry flow, from model support interference, from poor downstream con¬ 
ditions, or from minor model defects. They are fully discussed in later chapters. 

They cannot by their nature be quantified by the experimenter. The Working Group there¬ 
fore selected tests undertaken by teams with great experience fully aware of the pitfalls 
exposed, for example, by the earlier AGARD PEP working Group 4 ten years ago. Further¬ 
more, tests were chosen (as far as possible) to allow comparisons to be made of the ef¬ 
fect of changing one parameter within a single test series, so as to minimise the impor¬ 
tance of any systematic errors. It will be noted also that no attempt has been made to 
apply "wind tunnel blockage corrections" to the quoted results since blockage is one of 
the parameters investigated. 




2.2.4 CONTRIBUTORS OF THE TEST CASES 


Test Case 

Contributor 

Country 

Address/Company 

1, 2, 

2A, 7 

Lawrence E. Putnam 

USA 

Mail Stop 80 

Nasa Langley Research Center 

Hampton, VA 23665 

8 

Jean Delery 

F 

O.N.E.R.A 

29, Ave. de la Division Leclerc 
F-92320 Chatillon 

9, 10, 

11 , 12 

Dr. B. Wagner 

J. Agrell 

D 

S 

Theoretische Aerodynamik (BF 30) 
Dornier GmbH 

Postfach 1420 

D-7990 Friedrichshafen 1 

FFA-Aeronautical Institut of Sweden 
P.O. Box 11021 

S—16111 Bromma 

Sweden 

3, 4, 

5, 6 

Dr. A Zacharias 

D 

Messerschmitt-Bolkow-Blohm GmbH 
Military Aircraft Division,LKE123 
P.O. Box 80 11 60 

8000 Miinchen 80 


2.2.5 DATA AVAILABLE 




Incomp i 

0 A V D 

-essiblf 

§i/D 


Compr« 

6 C */ D 

»ssible 


Remarks 

l 

3,4,(5,6)* 

7 

8 

9,10,11,12 

-2,935 
-1,967 
-2,658 
-0,598 
-0,200 
-1,30 

0,0166 

0,0168 

0,0153 

0,0201 

0,0074 

0,0074 

0,0097 

0,0100 

2,28 

2,28 

1,57 

2,01 

1,40 
1,37 

0,0184 

0,0184 

0,0169 

0,0258 

0,0374 

0,0279 

0,0071 

0,0071 

0,0095 

0,0084 

0,0227 

0,0088 

2,60 

2,60 

1,78 

3,07 

1 ,65 
3,18 

■> from 

3 measured 
from U/Uqo meas. 
from Pt/ptos meas. 
by experimentalist 
by exp.(exept Hi) 


* For Test Cases 5 and 6 not related to actual body diameter but to body 
diameter of Test Cases 3 and 4. 

Table 2.2.2: Initial Boundary Layer Data 
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2.2.5.1 TEST CASES 1, 2 and 2A - NASA LANGLEY CIRCULAR ARC BOATTAIL AT M^* 0.80 


I - Model Configuration (see Figures 2.2.1, 2.2.2, 2.2.3, 2.2.4) 


A. Forebody - 14* Cone/Circular Arc/Cylinder (see Figure 2.2.2) 

B. Nozzle for Test Case 1 (see Figure 2.2.3) 

Length to Maximum Diameter Ratio 1/D = 1.768 

Base Diameter to Maximum Diameter Ratio d B /D, 1/D - 0.51 
Chord Boattail Angle [3*8* 

C. Nozzle for Test Case 2 and 2A (see Figure 2.2.4) 

1/D - 0.80, d B /0 * 0.51, (3= 17* 


II. Model Installation in Tunnel (See Fig. 2.2.5) 0.098 % blockage 


III. Free Stream and Jet Conditions 


“CD " 

0.80 

NPR 

- 2.9 

for 

Test 

Case 1 and 2 

’*00* 

101.0 kPa 

NPR 

- 5.0 

for 

Test 

Case 2A 

T to^ 

31 OK 

T tj 

= 30 OK 





IV. Data Available 


A. External Surface Pressures 

B. Local Mach Number and Flow Angle in Flow Field Outside Jet Exhaust 

C. Pitot Pressure in Jet Exhaust and in Shear Layer Between Jet and External 
Stream 

D. Boundary Layer Separation Location 

E. Boundary Layer Profiles Upstream of boattail 


V. References 


2.2.1, 2.2.2, 2.2.3, 2.2.4, 2.2.5, 2.2.6 





M 


NASA AIR-POWERED CONE-CYLINDER MODEL 



Figure 2.2.1: Drawing of exhaust-nozzle simulator. (All dimensions are in centi¬ 
meters unless otherwise noted.) 


Start of boattail 



x/D 

r/D 

x/D 

r/D 

0.0 

0.0 

1.8 

0. 408170 

.1 

.024925 

1.9 

.422439 

.2 

.049850 

2.0 

. 435487 

.3 

.074775 

2.1 

.447323 

.4 

.099700 

2.2 

. 457950 

.5 

.124626 

2.3 

.467373 

.6 

. 149551 

2.4 

. 475596 

..7 

. 174476 

2.5 

.482623 

.8 

199401 

2.6 

.488456 

.9 

.224326 

2.7 

.493099 

1.0 

.249251 

2.8 

.496553 

1.1 

.273551 

2.9 

.498820 

1.2 

.296564 

3.0 

.499900 

1.3 

.318300 

3.1 

.500000 

1.4 

.338771 



1.5 

.357985 



1.6 

. 375951 



1.7 

. 392677 

9.0 

.500000 


• From x/D ■ O.Oto x/D ■ 1.001667 

r/D ■ 0.249251!x/D) 

• From x/D ■ 1.001667 to x/D • 3.041077 

r/D * -7.932489 ♦ V-lx/D ) 2 * 6.0821541 x/D) + 61.858721 

• From x/D ■ 3.041077 to x/D ■ 9.000000 

r/D - 0.500000 


Figure 2*2.2; Details of 14*-cone/circular-arc/cylinder forebody. 




«e t 

Hi' » 



Figure 2.2.3: Details of nozzle configuration for AGARD WG-08 Test Case 1. 

All dimensions are in centimeters unless otherwise noted. 



Figure 2.2.4: Details of nozzle configuration for AGARD-WG-08 Test Case 2 and 2A 
All dimensions are in centimeters unless otherwise noted. 
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2,2.5.2 TEST CASES 3, 4, $ AND 6 - AGARD MODEL A-1 with 10 # AND Mco * 0,70 

t. Model Configuration (See Figures 2,2.6 and 2.2.7) 

A. Porebody - Cylinder (See Figure 2.2.8) 

B. Nozzle - AGARD A1 

1/D * 1,6578 

Ob/D ■ .4154 

P * 10* 

II. Model Installation in Tunnel (See Figure 2.2.8) 

A. For size of model relative to tunnel see Figure 2,2.7 and 2.2.8 

B. For test cases 3 and 4 calculations are to be made by assuming model is 
in free air. That is tunnel walls are not present. 

III. Free-Stream and Jet Conditions 

M^ * 0.70 NPR - 3.0 
T^* 300K 
p tCD* 101 -° 

T t j » 300K for all cases except case 4 
T t j - 900K for case 4 

IV. Data Available 

A. External Surface Pressures 

B. Velocity and Temperature Profiles in External and Jet Exhaust Flows 

C. Boundary Layer Profiles 

D. Model Surface Temperatures 

E. Tunnel wall Static Pressures. 

V, References 



Figure 2,2.6: Details of the AGARd A-l model. All dimensions are non-dimensiona- 
lized by the body maximum diameter. 



AGARD WG-08 

T«st Cm 

''""'-n. Geo*. ; 

^Per. 
Hoflel 

0 

[mm] 

L 

[mm] 

m 

n 

1mm] 

d 

1°] 

m 

m 

x R 
A 3=D- 

Tunnel 

Blockage 

3 


XI 1 


75.43 

18.90 

220.55 

m 

1 .6578 

0.415] 

4.8472 

1 .07% 

3 ♦ 4 


ASAPO A 1 

67.0 

111.07 

27.83 

324.76 

B3 

1 .6578 

0.4154 

4.8472 

2.32% 

6 

__1 

«I 3 

125.0 

207.23 

51.92 

605.9 

i. 

1 .6578 

0.4154 

4.8472 

8.07 % 


Note: Test cases 3 and 4 are to be computed for 0.0% blockage. That is, 
calculations are to be made assuming tunnel walls are not present. 


Figure 2.2.7; 


Details of the blockage models. All dimensions are in millimeters 
unless otherwise noted. 









































econdary compressed air 

/ ,— Combustion chamber 





Primary Test section Jet rake Diffusor Jet engine j 79 Sound 

compressed air Afterbody model "’max* 50 * 9 absorber 

Nozzle 


Jet Induction wind tunnel (SIB) of DFVLH 



Figure 2.2.8; Model arrangement in the jet induction wind tunnel (SIB) of DPVLR. 
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2.2.5.3 TEST CASE 7 - NASA LANGLEY p= 5° CONICAL BOATTAIL AT Mqq= 2.20 


I. Model Configuration (see Figures 2-2.9 and 2-2.10) 

A. Forebody - 14° Cone Cylinder 

B. Boattail (configuration 6 of Figure 2-2-10) 1/D = 0.60 
Boattail Angle p = 5“ 


II* Model Installation in Tunnel (see Figures 2.2.9 and 2.2.11) 


III. Free Stream and Jet Conditions 

2.20 NPR * 11.13 

124.1 kPa T t j = 300K 
316.67K 

IV. Data Available 


M 


OO 

P tCD 

T tOD 


A. External Surface Pressures 

B. Internal Surface Pressures 

C. Local Flow Angle, Mach Number, and Static Pressure in 
Flow Field Outside Exhaust 

D. Boundary Layer Profiles Upstream of boattail 


V. References 


2 . 2 . 11 , 2 . 2.12 



Sketch of jet-engine exhaust-nozzle simulator. All dimensions in 
centimeters unless otherwise noted. 


Figure 2.2.9: 







Probe ttlng actuator (longitudinal action) 
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2.2.5.4 TEST CASE 8 - ONERA/^EROSPATIALE CONICAL BOATTAIL WITH P= 6* AND BASt 

I. Model Configuration (see Figures 2.2.12 and 2.2.13) 

A Axisymmetric afterbody with conical boattail ( [3= 6*) and nozzle. 

B Geometrical definition of the external contour of the afte'body shown in 

Figure 2.2.12 

C Geometrical definition of the nozzle given Figure 2.2.13 

II. Model Installation in Tunnel (see Figure 2.2.14) 

Nose sting mounted model. Tested in the ONERA S3Ch transonic wind-tunnel 
(continuous return wind tunnel). Model installation is shown in Figure 
2.2.14. The model is mounted with zero yaw and zero angle of attack in the 
center of the WT. 

The S3Ch WT has a quasi-octagonal test section (Cross sectional area equal 
to 0.66 m*) inscribed in a circle of diameter D = 1 m. 

The upper and lower walls are perforated (porosity to 0.20 ) and slightly 
diverging (30'). 

Geometry of test section is shown in figure 2.2.15. 

III. Free Stream and Jet Conditions 

1. External Flow 

Mqq = 0.85 
p too = 100 kPa 

Ttco» 325 K (mean test value) 

In fact the tabulated (and plotted) quantities (i.e. mean velocity components 
and Reynolds tensor components) are relative to a conventional stagnation 
temperature: 

T tOD = 288 K 

Boundary-layer characteristics: 

The external layer has been probed for 4 angular positions ( vp = 0,90’, 180* 
and 270*) at a station located 20mm upstream of the base (X = -20 mm). Its 
averaged integral properties are: 

- displacement thickness: 5* = 0.00374 m; -s 

- C compressible values 

- momentum thickness: v = 0.00227 m; 3 

- incompressible shape parameter = 1.40; 

- estimated physical thickness: 5 = 0.024 m. 

2. Nozzle flow 
Mj = 2.9. 

This is a mean value, the flow being not strictly uniform in the nozzle exit 
plane. 

p i 

“1,17 (for Mj = 2.9) . 

p OD 

T tj = 


300 K. 

















































2.2.5.5 TEST CASES 9,10, 'L AND 12 


FEA CONICAL BOATTAIL WITH BASE AT M, 


2.01 


CD = 


I. Molei Configuration (see Figure 2.2.17) 


Two boattail angles: 

Afterbody lengths 
Nozzle: 

Radius ratio: 


Pi = 0°; 6°j (6* conical boattail chosen since 

this is an optimum angle 2.2.15, 2.2.16 

L/D = 1 

nearly uniform conical flow @= 20°; Mj «= 2.5 
(nozzle exit) 

nozzle calibration: see Figure 2 
R ll/ R 2E = 0 . 6 


II. Model Installation m Tunnel (see Figure 2.2.16) 


Suck down windtunnel with stagnation conditions corresponding to ambient at¬ 
mospheric conditions (tunnel cross section 0,46 x 0,57 m 2 corresponding to 3 
percent blockage) 

Reynolds number per meter: Re = 13 x 10*> 1 (boundary layer transition strip 

m 85 mm from nose) 


III. Free Stream and Jet Conditions 


External Mach number: 
Static pressure ratios: 
Cold jet: 


Mco = 2.01 
Pj/Poo = 1-0; 6.0 
T t j = T tcO = 286 K 


IV. Data available 

Tabulated pressure recordings from FFA Technical AU-913. The numbers of 
the pressure orifices correspond to the positions given in the test case 
decription. P 2 is a reference pressure taken on the model surface 2.2 dia¬ 
meters ahead of the base and representing P CD 55 P E- 

Plots of base pressure and separation point position are presented for the 
whole pressure ratio range and for all boattail angles tested in order to 
give a complete impression of the experiments. 

Schlieren pictures for cases 9, 10, 11 and 12. 

Since oilflow pictures are only available for pressure ratio Pj/Poo =9*0 
at boattail angle [3 e = 6°, such a photograph and the corresponding 
Schlieren picture are also included in order to reveal the excellent 
agreement in separation prediction between oilflow visualization and ex¬ 
trapolation of the corresponding shock wave onto the the body surface. 

External Boundary Layer 


V. References 


2.2.14, 2.2.15, 2.2.16 





Figure 2.2.16: Details of wind tunnel model 




Location of base pressure taps 
Test case 9,10 D T /0 =0.82 
lest case 11,12 : D T /D = 0.75 


Afterbody orifice locations 
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General Configurotion and Nomenclature 


Mj = 2.5 flj 20 
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Nozzle coordinates 


Figure, 2.2.17: Details of noz2le. All dimensions are in millimeters unless 
otherwise noted. 
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2.3 


COMPILATION OF RESULTS 


The figures should be self-explanatory if one notes that the jet exit is at 
X/D - 0.0 for all teat cases. For the same test case some plots (e.g. c„ along boattail 
or drag build-up) are included several times, each containing results or different con¬ 
tributors. In that case, the first plot shows the results of all contributors without 
identification including the experimental data. This figure is followed by figures in 
which either Navier-Stokes, IVI, or Euler results have been plotted as specified in each 
figure. The curves in these plots are marked by the identification number of each contri¬ 
butor. These identification numbers are specified in the table of Fig. 2.3.1 . 

The boattail pressure drag coefficient CDPBT has been calculated by moat of the 
contributors by using the trapezoidal rule. The test data have been integrated before and 
after extrapolating the measured boattail pressure coefficient linearly from the last 
measuring station to the end of the boattail. Both values are presented. The result of 
the extrapolation has been marked by a dashed line in the bar graph for CDPBT. 


Thirteen figures have been devised to present the data of each test case: 

Boattail wall pressure coefficient 
Drag buildup along boattail 
Axial velocity on jet centerline 
Mach number on jet centerline 
Static temperature along jet centerline 
Pitot pressure along jet centerline 
Bar graph of base drag coefficient 
Bar graph of boattail pressure drag coefficient 
Bar graph of boattail friction drag coefficient 
Bar graph of total boattail drag coefficient 
Skin friction coefficient 
Pressure coefficient along base grid line 
Tunnel wall pressure coefficient 

In cases where there was no data available for specific figures these figures 


Thirteen : 
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Fig. 

4: 

Fig. 
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Fig. 
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FIG. 2.3.1: Participants and Methods used in AGARD Working Group 08 



























WG08 : TEST CASE 1 
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2.4. - EVALl'AT 10S OF 1SVISCII) ASD PATCHED CAUTl.ATIOS VET!tOD> 

2.4. / - Brief description of calculation methods - 
2.4 .1.1. - Per feet_fluul calculations - 
Introductory remarks - 


Four contributions comprise perfect fluid calculations. Three of them are solutions of the Ruler 
equations. According to this approach viscous effects are neglected and consequently the entire flow 
is assumed to be inviscid, a classical slip condition being prescribed on solid boundaries, and 
frontiers between different streams being considered as slip lines. The fourth method (contri¬ 
butor ii" see table 1 .it the eiut of this sec t iuii» i?» in i.itt an oi jgm.il method solving the poteu- 
Mal equation for the external flow. 

It should be said that comparison of such calculations with experiment has no significance in 
situations where separation is likely to occur -or occurs effectively- on the afterbody. Indeed in 
this case strong viscous effects are present in the flow so that an entirely inviscid flow model can 
be totally unrealistic. The main interest of the Ruler contributions lies in fact in a comparison 
of the accuracy and of the reliability of different codesaimmg at ti.- solution of the same equations 
applied to identical configurations. Such a comparison is of course extremely useful since any intro¬ 
duction of a viscous correction -as in Inviscid/Viscous Interactive methods- obviously requires a 
sufficiently accurate basic inviscid flow calculation. 

Furthermore, purely inviscid calculations are imprest ing for at least two other reasons : 

i - they are needed for flow diagnostic and they can be extremely useful to evaluate wind tunnel 

blockage eff“rts (see Section 2.4.2.2. below) ; 

ii - Ruler codes are a stepping stone toward N uier-Stokes codes. Navier-Slokes codes which do not 

give the correct inviscid flow part will never bo able to calculate the correct viscous flow. 

rh>‘ contribution .»/ Znnnetti and Oimfri - [ 2.4. (number 1) 

In tins numerical method the Ruler equations are solved tor a compressible rotational flow which can 
be fully subsonic, transonic or fullv supersonic. The steady state solution is sought hv the use of 
a time marching technique. However, the method of solution adopted here utilizes an original procedure 
based upon the theory of characteristics I 2.-*.8 ] . 

In order to have a numerical scheme always consistent with the wave propagation phenomena implicitly 
described bv the t ime-«iependent Ruler equations, the governing equations are recast as compatibility 
relations on chat ac t orist 11 surfaces . The form of the equations finalIv adopted is in f.’c t the result 
ot three characteristic surfaces. Rath of the retained equations contains derivatives computed along 
two Lines on a characteristic surface, n.imelv the bicharacter ist ics along which the signals propagate 
and another line. Ihe above linear combination eliminates all terms not related to bicharacteristics 
or partule paths. 

The numerical scheme adopted belongs to the so-called lambda family . The spatial partial derivatives 
are approximated bv a one-sided finite difference in order to lake into account the proper direction 
of propagation ot signals along bicharacteristics. 

lor the present application the computational domain is divided into two subdomains £), and o2) z (sec 
Fig. 2.4.1) by means of a cut line issuing from the afterbody trailing edge TK : 

- subdomain 3 , is the internal flow - or exhaust plume. It is confined by the centre line , 'he 

nozzle wall . the cut line Zji and the permeable boundaries Zi, and ±,i ■ 

- subdomain *0/ is the external flow. It is confined by the upper wall Liz and the cut line 

Zn . It can extend to infinity in the U direction or it can be confined bv the wall of a tunnel. 
It is limited by two permeable buimdar ies " Zn. at its entrance, at Us exit. 

The cut line separating <2)i and is in fact a streamline which is also a contact discontinuity 

if the stagnation conditions and the thermodynamic properties of the fluids in «0 f and are 

different. This contact discontinuity Zri is computed as an explicit, discontinuity. It is considered 
as an impermeable and perfectly deformable wall. On the two sides of Zrr the tangential component 
of the flow velocity and the total pressure can be discontinuous, vhile the static pressure and the 
normal component of the flow velocity are continuous. At the start of the calculation an initial flow 
configuration and sh.ipe u! I fie jet is assumed. Since it is not compatible wit i a steady state solution 
a transient phase is generated. 

During the transient phase of the calculation, this contact discontinuity changes Us sh.ipe in order 
to satisfy the conditions of impenetrabi 1 ity and continuity of the static pressure across it. At the 
end of the transit'., phase a final shape which satisfies the steady state flow condition is obtained. 

I’he applied boundary conditions are as follows : 

i • on the upstream permeable boundaries and Ztt (see Fig. 2.4.1) the total pressure P[ , 

total temperature T~t and flow angle 6 are prescribed if the incoming flow is subsotiic . It it 
is s uper son ic all the four flow properties (namely P t , , 0 plus the static pressure P 1 

must be prescribed on Zu and 
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ii - at the outlet permeable boundaries two cases must also be considered : 

. if the flow is subsonic the pressure is prescribed, 

. while if the flow is supersonic no boundary conditions are needed. 

iii - on the upper boundary Z n and on the solid walls a slip condition is applied, i.e. the slope 

of the velocity vector is prescribed. 

iv - on the axis £** symmetry is stated. 

Thus the problem has in fact four kinds of boundary ; 

a - solid wall and center line, 
b - inlet permeable surfaces, 
c - outlet permeable surfaces, 
d - interface tthe contact discontinuity) 

All these boundaries are treated so as to be consistent with the physical phenomena which take place 
in the actual transient phase. The use of the bicharacteristics compatibility relations allows a 
rational implementation of these boundary conditions. 

Two different grids are used in the two subdomains and <2)i . In the inner flow the mesh lines 
are defined by the X = const, and Y * const, lines where : 

X . x 

/ - (y-%)/ 

with X and jj cartesian coordinates, and U being the ordinates of the upper and lower 

boundaries respectively. v ' 

The external flow region is mapped in a similar way in the case of a nozzle in a tunnel ; while if 
the region extends to infinity, the Y co-ordinates are stretched according to the formula : 

y m t»h[k (ij/o-l)] . Unh (XX) 
l.tlnh(X) 

where k is a stretching parameter, O is the maximum diameter of the afterbody, X * k (2y L fo~i) in 
which jfi is the ordinate of the lo. «*■ boundary (wall of the afterbody and interface). The line 
Y = 1 corresponds to infinity in the p direction. The location of the last computed Y = const, 
line is at about one and a half or two diameters O depending o the test case. 

In all the test cases 40 x 6 intervals in the inner region and 40 x 13 in the outer region have been 
used (see example of mesh in Fig. 2.4.2). 

The contribution of Vuillot and Veui1 lot -[2.4.9~10] (number 2) 

In this method the Euler equations are solved numerically by a pseudo-unsteady type method in which 
the stagnation enthalpy is assumed always constant. An advantage of this assumption is to avoid the 
solution of the energy equation. As a result the unsteady phase of the calculation has no physical 
meaning since the constancy of enthalpy is only satisfied when a steady state is reached. 

The continuity and momentum equations are integrated step-by-step in time by using an explicit 
predictor-corrector scheme with a local time step technique. The spatial derivatives are discretized 
directly in the physical plane ( X , tf ) by means of finite difference formulae. 

As shown in Fig. 2.4.1 the computational domain is divided into two subdomains c*5 f and ZDt by means 
of a cut line issuing from the afterbody trailing edge. In fact, as in the previous method, domain 
<Z)i identifies with the exhaust jet and domain with the external flow. The enthalpy which is 

constant in each subdomain may be different from one to the other. 

As in the previous method the cut line separating and is a streamline on which compatibility 

conditions between the two adjacent flows are enforced, namely equality of pressure and flow direction. 

This streamline is fitted as a mesh line whether or not it is a real slip line. In the course of the 

unsteady phase of the calculation this streamline is moving until it reaches an equilibrium position 
when convergence is reached. Thus the mesh has to be readjusted at every time step. 

The applied boundary conditions are the following : 

i - on the inlet boundaries Zn and Z n (see Fig. 2.4.1) the direction of the velocity vector 

9 (here $ » 0) and the stagnation pressures /?, and are prescribed if the flows are 

subsonic. All the flow properties would be given'at these boundaries if the incoming streams 
were supersonic. 

ii - on the outlet boundaries Zji and Zgi the two cases are distinguished : 

. if the Mach number is subsonic a non reflection condition is applied, 

. if the Mach number is supersonic no conditions have to be prescribed. 

iii - on the upper boundary £« a slip condition is applied 

iv - on the axis Z^ symmetry is stated. 
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The treatment ot the above boundary conditions is achieved by means ot a technique based on compa¬ 
tibility relations derived from the theory of characteristics. 

Artificial viscosity terms are added to the equations in order to ensure the stability of the scheme 
and to capture shocks (if any) correctly. 

The mesh is defined by two families of lines. The I-lines are vertical and the J-lines are interpolated 
between a Jl-line and a J2-line, which are the given boundaries ol each domain. The initial exhaust 
plume boundary is horizontal. The mesh is refined inside the nozzle in the I -direction and near the 
cut line for subdomain in the J-direction. 

The following table gives the number of mesh points for each computed test rase. An example of a mesh 
is shown in Fig. 2.4.3. 


J Test case 

R 

L 


Number 

of mesh points 

' 

on 

the 

body 

in x direction 

in y direction , 

in 

in 

in 

in ' 

• l 

3 

6 

67 

81 

86 

15 

14 f 

• 2 

3 

3 

37 

48 

51 

15 

14 ! 

» 2A 

3 

3 

37 

48 

51 

15 

14 ! 

! 3 

3 

6 

63 

81 

86 

15 

14 ! 


L and R are defined in Fig. 2.4.1. 


The initial conditions are uniform flow except upstream of the nozzle exit plane in subdomain d/) 1 . 
There the initial flow is a one-dimensional flow calculated by means of an iscntropic law. 

The calculations were executed on a CRAY-1 computer. For each calculation the number of iterations 
was equal to 8 000 but in fact convergence was achieved well before for most test cases (for instance 
2 500 time steps were sufficient for test case 2 as shown in Fig. 2.4.4). 

Tht' contribution of Bissingt'r and Eberlc -{2.4.1}] (number 1) 

This code solves the time dependent Euler equations supplemented by the energy equation. It uses a 
fully conservative predictor-corrector method (quasi-conservative for tost cases 4 and 11). 

A finite volume discretization technique is employed with flux difference splitting. Natural damping 
is provided by eigenvalue decomposition. Local time stepping is used. 

The flow region for which the calculations are done usually extends from 11 times the maximum bodv 
diameter D upstream to 25 O downstream of the nozzle exit plane. The Literal extent is between 
D anil 12 0 . 

The boundaries of the <omputationa1 domain are treated in a way that differs somewhat from the methods 
•lose ri bed above. At the entrance and exit all flow variables known are specified and kept constant. 
Hv chara* t or ist w flux consider.it ions information about the flow variables needed are fed into the 
flow calculations. At solid bodv surfaces a slip condition is applied. Free stream conditions are 
set .it the outer boundary. In cases with wind tunnel wall (test cases 5 and 6) the outer boundary is 
treated like a solid wall. Symmetry is enforced along the symmetry axis. The following tables gives 
the number of grid points for each computed test case : 


' Test case 

Number ot grid points . 

! 1 

1(M) x 74 ! 

» 2 

75 x 74 ! 

? 2 A 

75 x /4 ! 

» 1 

100 x 100 ! 

? r y 

100 x 72 ! 

! 6 

100 x 37 ! 

! 4 

1(H) x 48 ! 

• 11 
i 

100 x 42 ! 


Convergence criterion is a residual defined as the maximum of the sum of th absolute values of the 
difference between iterations of earh variable at each grid point. In addition, changes in static 
pressure along the whole length of the grid line forming the nozzle contour and the change of the 
boattail pressure drag coefficient CPPBT with iterations are considered. 

The number of iterations ranges from h IM*> r,» 1 r > UiH). Improvements in grid shape are possible which 
should reduce number of iterations and computer time*. 
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for it calculation i,i the flow of test cases 5 to 6 (axisymmetric afterbody in a cylindrical wind 
tunnel) the pressure at the exit of the computational domain has to be specified. Because this pressure 
is not known at the start of the calculation, the final answer can be found only by an iteration 
procedure during which this exit pressure is varied. In the first step the calculation was started 
with an exit pressure equivalent to the measured w'all pressure at about the same sireamwi.se station. 
The result of the calculation gave a value of the pressure coefficient at the body wall which did 
not go to zero tar upstream ut the nozzle exit plane. For the second calculation step the original 
exit pressure was corrected by roughiv the deviation of the body wall pressure from zero of the first 
step. The results contributed to this Working Croup are the results of the second step. 

The contribution of An h.irms [j.4.12-14 J (number 9) 


In this method the external flow is assumed incompressible and irrotational. In these conditions the 
stream function defined hy : 

Uz AJL /_ AAL 

dtj * dx. 

satisfies the Laplace equation : J = 0. Use of the stream function is part icu lari v recommended 
since in the present problem the tangential velocity Vfc along the afterbody contour and/or the tunnel 
wall is required. In effect it can be readily shown that : 

dt 

where 71 is the direction normal to the surface. 

An empirical flow model is used to simulate the propulsive jet. In it the displacement effect is 
represented by means of a solid conical body whose semi-angle corresponds to the jet spreading 
angle oC . Furthermore the entrainment effect of the jet is represented by a sink effect, lor this 
purpose a velocity dir-• ribution normal to the jet boundary is prescribed as shoi n in Fig. J.s. r >. Ihe 
jet spreading angle of and the velocity distribution of jet entrainment W* h.«ve been established 
from extensive experiments and compiled mat hemalical1v in the form of polynomials : 


rfr / ( H. , fyj/P, , \ /T, : I 3 ) < 0 = tKMLliiil .mulo) 

<j l . %/P m , T ‘ 4 /T. , P , * ) 

The Laplace equation along with the appropriate boundary conditions in the inlet and outlet sections, 
on the afterbody, the tunnel wall contour anil the jet is solved by using t lie Boundary Klement Method . 
The basic principles of this method are as follows. 

By means of weighting with the fundamental solution and the application of Green's function it is 
possible to carry over the Laplace equation &<p = 0 which is used lor potential problems into 
Green’s second equation i 

J 6 [<P’A l <p . <PA‘<p*]c/n *J r [<P* M/dn - <P W/t* J dr 

The fundamental solution thus represents the solution of the Liplace equation man infinitely extended 
space for a source singularity of intensity 1. Hie fundamental solution for the two-dimensional case 

<P\ JL A r 
zn 

where r is the distance from the singularity. 

If the properties of this fundamental solution are taken into consideration in Green's second equation 
then it reads as follows tor any point ^ in an enclosed domain : 

(i C<j>i i f r [<p‘ ■¥/,}, . 4> 44>*/di ] dr 

where C is a constant dependent on the location of t lie point. Inside the domain £ = 1 and for 
smooth boundaries C = i).'> (in the above equation n is the unit normal to the surface). 

By sub-dividing the boundary into elements and predetermining the functional behavior of the 
potential <p and of the gradient 0<p, On along the boundary elements, t lie equation 1 can be 
represented in the form of matrices : 

(A) C(p L = H AAL - Q (p 

— ' <Dn — — 

^^/c)n and <fr are the columns of the nodal values of the gradient and * he potential, whereas 
H and <p are the corresponding influence matrices. 

if point t is moved to the boundary, Kq. 2 can be formulated for all the boundary elements as 
foil iws ; 

It ; ll 
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by rearranging Hut r i 
An example *»t ttn*sh l 


v >>t a mixed boundary value problem the opi.tl ion system is i eat i aiiged so that the unknown 
ilurs i .111 be combined to i<*rm i one column io tot . Ill is roariangemenl results in a system 
is Hi which the unknown bound it v value >>: the potential and thf» gradient .ire combined in 
,iml t be known bound, ji v values ot these quantities m column Y . This new system of 
A X_ ~ y is used to calculate the unknown b.mmJjrv values, where mairix /? is created 
and H 


the {touredat 


Moment Method is t op! esent ed in 1- l g. 2.4.<i. 


Hnce the equation f«u the stream 1 unction lias been solved bv means ol this method, the Prandt L-Glauer t. 
rule is applied to represent the compressibility ettcci on pressure distributions. 

'2.A.1.2 - /m - J sej </-l'i s«. tuis Interactive m't bujf'of calculation - 

Was it print iple s»* - 


The Uisic idivi ot Inviscid-Viscous Interactive (IVI) methods also called coupling methods - consists 
in splitting the flow field into : 

i 'an external or outer region where viscous effects (laminar as well as 'urbulent stresses) are 

assumed to play a negligible role, 

ii -one or several inner region(s) in which dissipative effects are essential. These regions are 

boundary-layers, wakes, mixing zones, .... 

The usual IVI is a substitute for solving the full time-averaged Navier-Stokes equations for flows 
in which dissipative effects are confined within regions the size of which is small when compared 
to a characteristic length scale of the problem (chord-length of a profile, blade-to-blade distance 
of a cascade, afterbody diameter,...). 

Thus in the IVI approach the external flow has to satisfy the simpler Kuler equations, which are 
frequently replaced by the potential equation if the inviscid flow is - or is assumed to be-irrota- 
tional. It .should be noted that what is called the "external flow" can in fact comprise several 
streams ; for instance the external and the exhaust jet in the case of a propulsive afterbody. 


On the other hand, the dissipative regions can be calculated using various flow models differing in 
their level of sophistication : 

i -the full Navier-Stokes equations can be used f2.4.1 r >] , 

ii - analytical, methods based on asymptotic expansion or perturbation techniques are sometimes 

employed f 2.4.16/, 

hi - the most popular -and most economical- model however makes use of the PrundU thin shear layer 
equations which are solved either bv tinile difference techniques or more frequently by integral 
met hods. 

Mixed procedures ran in fact be envisaged : for instance boundary-layer equations are applied in the 
major part of the viscous flow except in small tegions where their validity in questionable (shock 
foot region, trailing edge flow, largely separated zone, etc...). These sub-domains are represented 
by more refined analyses using either analytical methods or numerical solving of the full Navier- 
Stokes equations. 

However since all the methods tested by the «mu t iUitots to this Working Group use the classical Prandll 
equations to represent the visions layers, we will not comment on other possible approaches. 

Briefly speaking, development of an IVI method requires the following ingredients which will be 
described in the presentation of the various tested IVI methods : 

i - an accurate and fast solver of the inviscid flow equations, 

ii - an accurate (i.e. physically realistic) method to compute dissipative flow regions, 

iii - representative and if possible convenient compatibility relations between the outer and inner 

flow regions. These compatibility relations result in a coupling equation , the form of which 
may lead to delicate problems in transonic or supersonic flow. 

i v - an efficient iterative procedure to ensure a fast convergence of the interactive calculation 
between the two flow regions. 

The flow schematizeLion employed in the case of the afterbody problem is represented in fig. 2.4.7. 
In consists of two inviscid flow regions : namely the external stream which is frequently transonic 
and the exhaust jet which frequently expands to supersonic conditions. The dissipative part of the 
flow field comprises the following "sub-regions" which are frequently calculated by using different 
models : 

i - the turbulent-boundary-layer developing on the upstream part of the afterbody outer part, 

ii - a separated flow region developing from the separation point of the incoming boundary-layer. 

This region only exists if the jet pluming or/and the shape of the afterbody downstream part 
induce a sufficiently strong adverse pressure gradient. 






i *2 

in • a jet-wake region forming downstream of the afterbody trailing edge. It is constituted by the 
melting ol the atlerbodv boundary-1 a\er (eventually sepai at ■•<]) and ot the tio//'e bound .11 v-layer 
•huh i- usually very thin due to the smullet development distance and the aImhi^ favorable 
prepare gradient inside t tie nozzle. 

iv the turbulent mixing-layer developing along the fiontier separating the external flow and the 
exhaust jet. 

It should be said that in many methods of calculation the no/zle boundary-layer is neglected because 
ot its extreme thinness. 


Hir uontribut 1 an ot Putman and Wilmoth - [2.4./?] (number 4) 

this met hod is in fact known as the KA.-.JET analytical method. In it the inviscid external flow solution 
is obtained with the relaxation procedure ot .South and Jameson [2.4.18] for solving the exact nonlinear 
potential flow equation. This procedure is valid for subsonic, transonic and supersonic irrotational 
flow over blunt or pointed bodies of revolution. Slighly supersonic Mach numbers are permissible as 
long as the entropy production by shock-waves is negligible. 

•he inviscid jet plume flow field is solved by a specialized aircraft version of the shock- 
capturing/shock-fitring inviscid plume procedure of Dash ol al. [2.4.10] . The solution is obtained 
by explicit spatial marching of the Euler equations for a uniform composition gas mixture. Mach disks 
are located bv shock-titting at the triple point and incorporating the iterative procedure of 
Ahtu*it [ 2.4.20] to treat, the Mach disk streamtube. E'or small Mach disks and regular shock reflection 
from the axis, the Abbett procedure is not used and the Mach disk streamtube is approximated by a 
i anstant area "sting". Also, for low Mach number jets, the flow field dowstream of the Mach disk is 
approximated bv an iseniropic decay procedure described by Dash et al. [2.4.19] . In this method, 
the nozzle exit Mach number must be greater than 1.05. 

The viscous part ot the flow is divided into the four distinct regions represented in Eig. 2.4.7 and 
already Jesiribed i n the previous paragraph. 

‘he -it ta<hed boundary-layer region is solved with a modified version of the Reshotko and Tucker 

integral method tor turbulent flows [ 2.4.21 ] . This method employs the momentum and moment-of-momentum 
integral bound irv -layer equations written in an incompressible plane deduced from the physical plane 
bv .i compressible-incompressible transformation. The velocity distribution is represented bv power - 
law profiles and the skin-trution coefficient is computed with the well known Ludwieg-Tiliman relation 
extended to compressible flow through application of the reference enthalpy concept. Another empirical 
1 iw is used to express ilu? viscous term of the moment-of-momen t um equation. This boiindarv-lavcr 

calculation yields the displacement thickness distribution over the body and the* boundary-layer profile 
at the no/zle exit needed t<> initialize the mixing layer calculation. In fact, the nozzle internal 
boundary-layer, being most often quite thin compared to the external flow boundary-layer, its thickness 
is estimated from flat-plate theory. 

Vor separated flow, the reverse flow is divided from the flow by a d i sc r i mi nat: i ng st roaml i no springing 

1 rota the body at the separation point and that intersects the plume boundary at the real lachment 

point (see Fig. 2.4.8). The separation location is predicted by the method proposed by 
Presz [2.4.22] . In this method a control volume in the boundary-layer is considered between the point 
where the wall pressure goes through a minimum on the afterbody and the assumed separation point, 
(..onservat ion of mass and momentum through the volume along with the use of the compressible version 
ot the well known Coles law-.it the wall-law of the wake boundary-layer profiles allows the calculation 
of the pressure al separation, fins control volume analysis avoids the numerical difficulties met 
by classical direct boundary-layer methods on approaching the Goldstein type singularity at the 
separation point. 

The shape of the discriminating streamline from the separation point to the end ol the body is then 
calculated by the discrete control volume method of Presz et ai. [ 2.4.22] . A conceptual model ol 
the t low field in th»‘ vicinity ot a separated afterbody is shown in Fig. 2.4.9 along with r he control 
volume used to calculate t tie d i s* r i mi nat i rig streamline shape. The upper surface of the control volume 
is ui< lined at an angle 0 with the wall and since t he upper surface is a flow streamline no mass 
tlux passes through it. Hit' recirculating flow streamlines are assumed to In* source-like in direction 
with each st i earn I me having a common origin. Hns assumption allows i smooth transition from the flow 
direction on the bodv to that on the discriminating streamline. The inlet and outlet sections of the 
t .ilciil.it ion control volume are constructed normal to the streamlines. 

Hrietlv speaking t tie method consists in applying the coniinuitv and momentum equations to successive 
(onuol volumes like those shown in Fig. 2.4.9. Iho velocity distributions in the reserve flow region 
• re represented bv a modification of the error-1unction curve giving the velocity profile in a 
turbulent mixing /one (see ^ 2.4.1. i below), fhe turbulent shearing stress along the discriminating 
streamline is derived from tables presented bv Korst and Chow [ 2.4.2i ] . However for the present AGAKD 
lest cases t h** discriminating streamline shape in the jet wake region is a straight line obtained 
hv simple extrapolating the discriminating streamline slope at the end of the body to its intersection 
with the jet plume boundary. 

Mixing layer properties are calculated by a specialized aircraft version ol the overlaid mixing 
analysis developed bv Dash and Pergamont and applied in what is known as the hOAl code ( 2.4.24 J 7 
Hie overlaid roneept is a direct extension of classical boundary-layer methodology to the analysis 
ot near! ield shear layers. In bcuindarv-layer theory, the inviscid Mow pattern is first calculated 
followed by a boundary-layer vali uiai n>n with edge conditions and pressure gradients set bv the inviscid 
fl/'w- pattern. In the direct extension of this approach to nearfiold shear - lavers, the inviscid exhaust 
jet and external flow patterns arc first determined ami the nearfield shear-1 aver calculation is then 
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initialed along the inviscid plume interlace (see Fig. 2.4. lt>). Focal edge cumin ions and buth normal 
and streamwise pressure gradients are specified everywhere by the inviscid external flow and the jet 
exhaust solutions. 

[he turbulence is nuiolul by the eddy viscosity concept along with two transport equations fur the 
turbulence kinetic energy and the turbulence dissipation rale. Hie equations for tlu* shear-layer 
(continuity, axial momentum, turbulence transport quantities plus specie's Conner vat ion in t lie complete 
HOAT version) are written with as independent variables the streamwise co-ordinate X and t lu¬ 
st r eamtunct ion l/> . The system of parabolic equations thus obtained is solved by a finite difference 
marching procedure using an impl iciI/explit it formulation. The calculation is started at the nozzle 
exit for attached flow or at the reattachment location for separated flow. 

In the present application, the starting velocity profiles are determined from Lhc knowledge of the 
two displacement thicknesses at Ihe origin of the shear-layer. Those displacement thicknesses are 
provided by the calculation of the upstream part of the viscous layers. The initial velocity distri¬ 
butions are then deduced by a law of the wall/law of the wake type representation (see Fig. 2.4.11). 
Provisions .are made in the program to select the initial level of the turbulent kinetic energy. 

The solution of the turbulent mixing-layer yields a displacement thickness distribution arising from 
the |et entrainment effect as well as mixing-layer properties across the inviscid plume boundary (see 
Mg. 2.4.12), This displacement thickness $ is evaluated by integration of (see Fig. 2.4.12) : 

df'fc)/j £ r V c (x)/(J e ( x ) 

and is added to the inviscid plume interface to obtain the effective plume boundary. 

The component solutions of the RAX.JKT method are combined into the iterative procedure shown m 
Fig. 2.4.13. An underrelaxation procedure is applied in adding the displacement correction to the 
body-plume shape and in imposing the inviscid pressure gradients on the boundary-layer solutions. 
Iterations are repeated until the desired convergence level is reached. For the AOARD test cases 
approximaloly 20 iterations wore sufficient for convergence. Twenty viscous-inviscid iterations require 
12 minutes of CPF time on a Control Data CYBKR 1 7 r > computer. 


The contribution ot Kuhn - [ 2 . 4 . 20 - 27 ] (number r >) 

In the method developed by Kuhn, the external inviscid flow is calculated by the method of South and 
Jameson [2.4.1H] as implemented by Keller and South [2.4.28] with, minor modifications to accommodate? 
the iterative interaction procedure. The inviscid exhaust jet is determined by using an approximate 
method in which the jet flow is assumed uniform in each cross section. The plume shape is calculated 
in <i series of straight-line segments which approximate the curved shape of the plume. The external 
pressure is compared with the internal pressure at the exit plume boundary point and. depending on 
the comparison, an expansion or compression turn is calculated using Prandtl-Meyer theory. 

To compute the boundary-layer, a compressible-incompressible transformation is first applied to the 
basic equations. Then the solution procedure employs an integral technique in the incompressible 
plane based upon the momentum and moment-of-momenturn equations. The velocity profiles are represented 
by an improved version of the law of the wall/law of the wake formula allowing in particular a 
faithful representation of the profile shape in the near wall region. The viscous integrals are 
evaluated by a two-layer eddy viscosity model. The method applies also to laminar flow, transition 
from laminar to turbulent being calculated by letting the eddy viscosity change from a laminar viscosity 
to a fully turbulent value over a short distance. 'ITiis boundary-layer method can be applied either 
in a direct mode -i.e. with velocity at the boundary-layer outer edge prescribed- or in an inverse 
mode -i.e. with the displacement thickness prescribed. 

The modeling of the exhaust jet entrainment effect is based on a technique developed by Peters et 
al. [ 2.4,29] in which an integral method for the plume mixing layer is coupled with a Method of 
f.’hnrai ter ist ics inviscid jet calculation. The boundary of the jet is taken to be the mid-point, of 
the mixing-layer and the displacement thickness of the mixing-layer is calculated in a manner similar 
to the way the displacement effect of a boundary-layer is defined. The entrainment effect ol the 
exhaust jet is thus accounted for to a first approximation by using the displacement surface of the 
jet as the effective boundary upon which to calculate a boundary-layer. Then the afterbody boundary- 
layer is simply extended on to this approximate surface as though the jet were a solid surface. 
Kntrainment is accounted for by the fact that the displacement surface of the mixing-layer profile 
is a negative quantity relative to the jet boundary. 

Several techniques are available for estimating the location of separation. An iterative procedure 
is included in the computer program in which the separation point is adjusted to minimize the mean 
squared error of the viscous and inviscid solutions for the freest ream velocity. A simp)er # technique 
locates separation according to an input value of the houndary-layer shape factor H = 8/6 . The 

separation location can also be provided directly as an input. 

A schematic representation of the flow model is given in fig. 2.4.14. Upstream of the separation 
location Xj . the boundary-layer is computed in a direct mode with the euge velocity coming from 
the inviscid flew calculation specified. Between and a suitably chosen point Xp downstream 

ot reattachment or in the plume reattachment region, the displacement thickness is prescribed. The 
effective displacement surface between and is assumed to be conical. In this region an 

inverse mode of calculation for the boundary-layer is performed. It provides a "viscous" edge velocity 
Uenj which may or may not agree with the "inviscid" velocity U emv produced by the perfect fluid 
calculation. On the downstream part of the calculation domain the direct mode is employed anew. 
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The iteration cycle represented in Fig. 2.4.15 includes two loops, (Tie inner loop is performed for 
given values of Jj and 6s and consists of iteiation on the boundary-layer displacement effect. 
When the inner loop is terminated, if separation is present, the squared deviation between the two 
velocity solutions Utmi and Uem* between X$ and xy is calculated. The accuracy of the matching 
of the two solutions is then indicated by the value of the RMS error : 


5 -[ f 


( Ue w; - U e ) 1 ^ 


If this error is not within a specified tolerance, i new outer cycle is started with new values of 
Xj and Xp 

The inviscid exhaust jet is calculated twice during the above iteration process. The first jet 
calculation is performed assuming an external flow parallel to the |i*t axis with constant pressure 
and the free stream Mach number. After four cycles of the preceding iteration a new exhaust jet is 
calculated using the external pressure distribution that exists at that time as calculated by the 
inviscid external flow calculation. 


Subsequently [2.4.27] the interaction method has received several improvements : 

i - relaxation of the assumption that the effective outer boundary ol the separated flow is conical. 

In the improved iteration method, the new displacement thickness distribution is deduced from 
the mismatch of the "viscous" and “inviscid" outer edge velocities U? ms and Vg w following 
a correction procedure introduced by Carter [ 2.4. in ] . Also it is no longer necessary to operate 
the boundary-layer method in a direct mode up to the separation point, but the inverse mode 
is used with the displacement surface prescribed over the entire afterbody flow region. 

ii - use of the Method of Characteristics to compute the exhaust jet inviscid core. 

iii - finally, capability to treat shock-induced separation has been added. 


The present method is applicable to flows with subsonic or supersonic free streams with Mach number 
in the range 0.5 - 1.5 including flow with shock-wave induced separation and to bodies with either 
high pressure exhaust plumes or solid plume simulators. 

In the calculations performed for the WG OB the iterative* procedure was used to obtain a first appro¬ 
ximation to the separation location. Then this location was adjusted further by the* author until the 
error between the viscous and inviscid solutions was minimized. 

Initial conditions for the boundary-layer calculation ate obtained from analytical solutions for 
boundary-layer on flat-plates. For the present calculations, the solutions for laminar flow were used, 
followed by a short region of transition to turbulent (low. 

For the NASA Langley models the calculation was started a short distance from the tip of the nose 
of the model using the given flow conditions to determine t lie required parameters. For the AGAR!) 
models, several starting location wore tried until the calculated boundary-layer displacement 
thickness at the beginning of the boattail matched the measured values. This resulted in the boundarv- 
layer being started at an axial station about 5.7 diameters aft of the nose tip. 

The computer run time was typically 30-45 seconds on a GDC 7600 computer for a case with the separation 
point specified. The number of iterations was in the range 11-16, depending on the test case 
considered. 

For the calculation of the external inviscid flow the mesh had Hi axial points, 61 of them being on 
the body, and 31 radial points. The exterior boundaries were placed at infinity. 

The contribution of Hodges - [2.4.'J/-32] (number 6) 

In this method the inviscid external flow over the afterbody is computed by using the surface singu¬ 
larity method of Hess and Smith [ 2.4.33 J . This method is normally used in conjunction with an 
approximate compressibility correction based on Gothert’s rule but incorporating a refinement. The 
revised procedure uses the standart Gothert rule together with the surface singularity method to 
calculate surface Mach number Ml and pressure coefficient Cp . An incompressible flow pressure 
coefficient CJ© t is then calculated using Kuchemann's rule [2.4.34] : 

Cpi - Cp with : p = fl.fl 1 

and a modified compressibility factor fl defined by : 

d l = 1 - M 1 ( 1 - Cp _ t - M l ) 

The value of 3 varies along the afterbody and jet. The corrected pressure coefficient is then taken 
; B^Cp L 

The inviscid flow in the jet exhaust is computed by the Method of Characteristics as far as the end 
of the first cell. The pressures along the jet outer boundary are supplied by the inviscid external 
flow calculation. This method assumes that the exit velocity at the nozzle is sonic and is capable 
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of t ofliput i iik f he jet exhaust flow characteristics for under-expanded .jets of pressure ratios, NPR, 
up fn f>. Snue the pressure distribution on the afterbody is not sensitive to fine detail of the jet 
downstream of the first cell, the remainder of the jet is modeled simply by adding several more cells, 
identical to t tic* first, followed by .1 semi-inf inite cylinder. 

1 he pro<edure for modeling the viscous layer is illustrated in Fig. 2.4.16. The boundary-layer displa- 
i I'lm-nt thickness or; t tie afterbody and )et (regarded as a solid body) js computed with 
the original version «>f the lag-entrainment method ( 2.4.J5J . Briefly speaking, the lag-entrainment 
method is an integral method based on the integral momentum equation and on Head's entrainment equation 
representing the rate at which mass is transferred into the boundarv-layer by the turbulent mixing 
pro<ess. This well known method incorporates a transport-1 ike equation to represent lag effect on 
the entrainment coefficient which occurs when the boundary-layer is subjected to strong adverse-or 

favorable- pressure gradients. 

I’M i s method is also used to determine the location of separat ion_ on the afterbody. The boundary-layer 
i •» assumed to separate when the transformed shape parameter H is equal to 1.44. This criterion 

was developed hv torrelafing overall pressure distributions predicted by this method rather than 
•♦♦•eking agreement with measured separation locations. 

Hie discriminating streamline is defined as a straight line which starts at the* separation point 

location Xs on the afterbody and leaves the surface at an angle &s • The straight line 

intersects t lie boundary of the jet at what is considered as the reattachment point. The angle 

9s >s defined in degrees bv the empirical relation : 

6> s = /.« * 13 o (1- M t ) 

which was determined by an approximate fit to experimental data. The boundary-layer flow characte¬ 
ristics in the shear layer between the separated region and the external flow are computed by the 
l.ig-ent ramment method in which tlx* skin iriction ctxd'f it ient is set equal to zero. The effective body shape 
in this region is determined by adding the boundary-layer displacement thickness to the discriminating 
streamline. The discontinuities in slope at the ends of the separated region are smoothed with quintic 
polynomials chosen such that radius, slope arid curvature arc matched at both ends (see in Fig. 2.4.17). 
For the intersection of ttie discriminating streamline with the jet boundary, the upstream end of 
the* smoothed region is in t he plane of the nozzle exit and the downstream end is a similar distance 
beyond t fie r eat tachmeiil point. In the neighborhood of the separation point the boundary-layer 
displacement is calculated first and smoothing is applied to the displacement, surface. The smoothing 
at separation extends over 10 percent of the afterbody length. 

A r.ither simple approach is used to model the entrainment of external air into the mixing region 
developing along the exhaust jet boundary. Che boundary condition on the inviscid external surface 
of the plume is modified to include an inflow normal to the boundary, the magnitude of which is propor¬ 
tional to the velocity difference across t he |et boundary. Downstream of reattachment or downstream 
of the nozzle exit if no separation is present, a constant of proportionality (the so-called 
entrainment coefficient £ ) <»f u.ui is used- In tuning the calculation procedure it was found that 

it was necessary to also apply an entrainment correction to the effective body shape in the separation 
region. 1'hus a value of £ of -0.01 is used for the entrainment coefficient between the separation 
point and a point in the plane of the nozzle exit. An entrainment coefficient of 0.05 is used from 
the nozzle exit to reattachment. In fact, the difference in these entrainment coefficients provides 
,i correction to the simple straight line approximation of the discriminating streamline. The results 
are consistent with experimental evidence which shows that the discriminating streamline is convex 
to the external flow for most of its length. 

Since Kef. 2 .4. 11 was published, there have been two modifications to the method. The first modification 
allows the calculation of flows past axi.symmetric afterbodies with annular bases. The base region 
is t reviled in a similar way to a separated flow region. The boundary of the region is a straight line 
which lias its intersection with the jet boundary smoothed with a quintic polynomial. Hie slope of 
the straight line boundary is equal to the slope of the afterbody at the jet exit plane. As for the 
separated region, an "entrainment" factor is applied at the boundary of the base flow region. The 
value of the factor, 0.02, was chosen by tuning. 

The second modification is an attempt at modelling jet temperature effects, A rise in jet temperature 
can affect the external flow in two ways, firstly an increase in the entrainment rate caused by 
increased jet velocities, and secondly an increase in the mixing layer growth rate. 

The first of these effects was already catered for in the entrainment model. The mixing layer is not 
modelled explicitly and so the* second effect is treated by modelling the mixing layer growth rate 
as a radial velocity and adding it to the entrainment velocity. The* radial velocity is calculated 
f rom : 


having cal 


v 

growth 


ciliated dt/dx 

dt_ _ Vent 
dx 0 n 


Dm where Ug = velocity in external flow 

dx 

dt _ rate of change of mixing layer 
dx thickness with distance downstream, 

by consider.it ion of the mass balance within the layer, 


ft 

Cm 


where 
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Uh - mean velocity in mixing layer 
= mean density in mixing layer 

Thus the net radial velocity towards the axis = V - V , = V . ■— ^— 

ent growth ent jj* a 

As illustrated in Fig. 2.4.18 the present method uses two iteration loops. The outer iteration is 
betweei the jet calculation and the external flow calculation. The first step in this procedure is 
to calculate the shape of the boundary of a jet issuing in still air. The external flow is then 
calculated over the combined afterbody and plume. The resulting pressure distribution over the jet 
boundary is then used in the calculation of a new jet boundary. This procedure is continued until 
a converged solution is reached. Usually about eight iterations are required. 

The inner iteration is between the calculation of the inviscid external flow and the boundary-layer. 
The pressure distribution obtained from the inviscid flow solution is supplied to the boundary-layer 
method along with the body and plume shape. The displacement thickness and the discriminating 
streamline are then added to the afterbody and plume. Because of the sensitivity of the calculation 
to the iteration procedure, an underrelaxation procedure is used to ensure convergence. 

Boattail pressure drag coefficient is computed from the predicted pressure distribution for each 
iteration. Convergence of the inner loop is assumed to occur when successive values of the boattail 
drag coefficient differ by less than a specified value (for instance 0.00001). 

The computer program written for a DEC 1099 computer takes approximately 10 minutes of CPU time to 
obtain a typical solution. 

The contribution of Hardy and Dutouquct - [2.4 .36-37] (number 7) 

In the present method the inviscid external and jet exhaust flows are computed by using as dependent 
variable the stream function . Thus the basic equation is obtained by writing the irrotationality 

condition, which gives : 

(3) JL ( _L i£ ), ± ( JL J>1 ). 0 

Ox ( e r Jx > Or ' er Jr / 

The density is calculated by the following equation : 

i-.[’*#(£-£)]* 

\<a * a to **> 

For the external stream which extends to infinity the numerical resolution is in fact performed with 
an auxiliary stream function remaining finite when the radial distance r tends towards infinity. 
This function X is defined by : 


x - v- 

where represents the behavior of the stream function 


at infinity : 


As for the external flow the physical space co-ordinates ( X , r ) extend to infinity, a finite compu¬ 
tational domain is constructed -co-ordinates (X , R )- by means of the following transformation for 
the radial co-ordinate : 

(4) r = —5 - 

In this expression A and B are constants. A similar transformation is employed for the streamwise 
co-ordinate. 

Considering the internal flow -which comprises here both the flow in the upstream part of the nozzle 
and the exhaust jet- a special procedure is used to solve the basic equation. As we know, the stream 
function equation looks like the exact potential equation in which we find the two "components" Mg 
and Mr of the Mach number. However this equation for the stream function contains a cross derivative 
whose approximation would necessitate the use of a nine-point finite difference scheme. To avoid this 
difficulty, a new basic equation has been written which takes the form : 

( 5 ) (i.M'iSr , W , M‘(A W M) dv 4 or 

Ox 1 Or 1 f V Jz dr ' dr r dr 

where 6=. ( W/fa /d¥/j» ) and where CJ is a supplementary term representing a possible variation 

of vorticity for the case of a non isentropic incoming flow. 

The advantages of a method using the stream function as dependent variable a<e : 

i - a faster convergence rate because of Dirichlet type boundary conditions, 

li - a mass automatically conserved, 

iii - an easy extension to include vorticity effects due to non isentropic incoming flow or shock 

curvature, 


iv - an accurate calculation of a centered supersonic expansion. 

The basic equations for both flows are solved by a relaxation technique. The numerical procedure uses 
a five-point implicit scheme. The scheme is centered when the local Mach number is subsonic and an 
upwind finite difference scheme is employed In regions where the Mach number is supersonic. The method 
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of solution consists of performing successive resolutions of Eqs. 3 and 5 in which p and M are 
considered as given quantities provided by the preceding resolution. 

The calculations are performed by prescribing the following boundary conditions : 

- for the external flow : Mach number, static pressure, stagnation temperature at upstream infinity. 

- for the internal flow : stagnation pressure and stagnation temperature of the flow entering the 

nozzle. 

The mesh topologies for the external flow and the nozzle flow are represented in Figs. 2.4.19 a and 

b. It should be noted that the figure gives only a schematic representation of these meshes ; in 

reality many more grid points were used to perform the present calculations, namely : 

- 40 x 20 grid points in the external stream, 

- 40 x 15 grid points in the internal stream. 

In the finite computational domain ( X , R, ) the grid points are equally spaced. In the physical 
plane ( X , r ) the mesh size varies from the wall to the far field according to formula 4 given 
above. 

The boundary-layer developing on the afterbody is computed by using the well known Hatankar and 
Spalding [ 2.4.38] finite difference method along with a mixing-length type turbulence model. It is 
recalled that this method uses a dimensionless stream function as cross-stream variable, obtained 
from a Von Mises co-ordinate transformation. The boundary-layer calculation is carried on over the 
exhaust jet boundary, considered as a solid surface except if separation occurs on the boatlail {see 
below). 

The solution is obtained by an iteration procedure consisting basically of two steps : 

1 - at first an interactive calculation is performed between the inviscid external and nozzle flows. 

This iteration is conducted until convergence, i.e. until the free boundary separating the two 
flows is frozen (the number of cycles is generally equal to 4). 

2 - during the second iteration procedure the plume shape obtained when step 1 is finished is 

considered as invariant. Then an IVI calculation is performed between the external stream and 
the boundary-layer developing on the afterbody and on the plume boundary considered as a solid 
surface. A typical number of cycles is 20. 

3 - in the case of large nozzle pressure ratio it can be necessary to start a new step \ by making 

a calculation of the exhaust jet with the pressure distribution given by step 2 prescribed on 
its boundary. 

During the IVI calculation, separation is looked for by considering that it occurs when the boundary- 
layer shape parameter M = $*/ 6 reaches the value 2.6. If separation is found at a location 

J?S . then downstream of Xj the pressure is assumed to be constant and equal to its value 

at the separation point. 

The AGARD WG 08 calculations have been executed on an 1MB 3UJ3U computer. For each case, the CPU time 
was about 4 minutes. 

The contribution of Radespiel - (number 8) 

In the external flow and exhaust jet the Euler equations are solved by means of the Streamtube 
Curvature algorithm (STC) f 2.4.39] . Thus a grid of streamlines and orthogonal trajectories is set 
up as shown in the example presented in Fig. 2.4.20. The positions of streamlines are calculated by 
means of successive approximations of continuity and normal momentum equations. The STC algorithm 
is suitable for regions of different stagnation temperature and different stagnation pressure. It 
allows a rapid calculation of the inviscid part of the flow field for configurations comprising several 
external-internal streams provided that the jet pressure ratio NPR is in the range below 1 3. At the 
outer edge of the computational domain both wall boundary and far field options are available. For 
the latter case a small perturbation linear potential theory is assumed in the far field region. 

The boundary-layer type equations are solved by the GENMIX implicit marching procedure which is applied 
both for wall boundary-layers and free shear layers f 2.4.40] . The GENMIX code solves the mass- 

weighted averaged mean momentum and stagnation enthalpy equations and three transport equations for 

turbulent quantities : the turbulence kinetic energy A , the dissipation rate <£ and an 

intermittency factor / . Concerning the calculation of free shear layers, the ( &.£- y ) 

turbulence model proved superior to the standard ( A - £ ) model [2.4 41] . Viscous sublayers near 

walls are bridged by adequate wall functions. 

On the one hand the viscous algorithm GENMIX is linked to the STC solution with the help of the local 
pressure gradient which is approximated by integration of : 

$U l _ dp. 

~ UrT 

orthogonal to the mean flow direction ( U and f denote viscous quantities while *//? denotes 
the inviscid curvature). This concept leads to a realistic representation of viscous pressure gradients 
at the wall and a smooth fit of viscous flow quantities to the inviscid flow at the edge of the 
turbulent region. The matched viscous solution for the jet region is established from the jet axis 
to the edge of the turbulent mixing region. 
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On the other hand, the viscous f low quant it ies are used in the STC algorithm tor the approximat ion 
of continuity in every slreamiube. Thus turbulent viscous deceleration and acceleration are accounted 
for in the inviscid part of the solution. 

The IVI calculation procedure is as follows. 

The program first computes purely inviscid streamlines and orthogonal trajectories. Having readied 
the prescribed grid refinement and streamline position tolerance, viscous and inviscid calculations 
are done in turn. I'pst ream wall boundary-layers are adjusted to fit the experiment ally measured 
thickness. At the jet exit plane a thin (0.001 D ) turbulent equilibrium mixing layer is assumed 
between the inviscid nozzle flow and the wall boundary-layer. Thus initial profiles ol flow quantities 
are prescribed from the jet axis to the outer edge of the boundary-layer. 

During the IVI process underrclaxution must be applied. The relaxation factor gels hall *he value 
alter the first couple ol iterations. 

No smoothing ut viscous results is necessarv. 

The program constructs a mesh of streamlines and orthogonal trajectories. During the IV1 process, 
the streamlines encounter deceleration or acceleration due to viscous effects, both inviscid and 
viscous equations are integrated towards the wall so that no displacement thicknesses are added. 
Convergence is controlled by computing the value of afterbody pressure drag during the iteration 
process. Convergence history of the calculated test cases is shown in Fig. 2.4.21. flie folloume 
table gives detailed information on conditions of calculation, mesh sizes,, iteration number and 
computer time. 



Case 1 

Case 5 

Case 4 

Case 5 

Case »» 

! So. of viscous-inviscid 
! iterations 

14 

14 

12 

12 

12 

; No. inviscid meshpoints 

561 

614 

614 

5>5 


! No. inviscid meshpoints 
! on the bodv 

'12 

10 

10 

1 


, No. inviscid streamlines 

17 

18 

18 

18 

1 5 

| No. inviscid orthog. 

55 

65 

65 

62 

6l 

! hxt. boundary condition 

* stTeamwise 

Far ti c 1 d 

Farfield 

Farfield 

wa 1 1 . 

added 

wal 1 . 

added 

, Fxt . bound-irv .it r/D 

2.82 

:i.27 

1.27 

4.84 

1 . 76 

i'pst.ream bound, at x/f) 

-4.0 

-6.9 

-6.9 

-9.6 

- 1.5 

, Downstream bound, at x/D 


1. $ 

6.4 

6.4 

5.2 

4.14 

! Relaxation ol 
! Coupling procedure 


0.4 -0.2 

0.4 -0.2 

0.4 -0.2 

0.4 -0.2 

0.4 -0.2 

! Cross stream mesh points 

w<> 1 1 

21-2 1 

21-22 

21-22 

21-21 


! viscous Mg. 

jet 

4 1 

48 

48 

51 

44 

! St Teamwise steps of 

wall 

71 1 

7 14 

7 14 

7/ r . 

650 

! viscous Alg. 

]Ct 

5(16 

6 72 

6 51 

5 In 

608 

) CPI 


7 r »o 

780 

t>5u 

• >oo 

691 > 

' Computer 

Siemens 78 70 
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For test cases 5 to 6, turbulent boundary-layer thickness was added to the tunnel wall. According 
to the experiments, the computed pressure distributions matched the reference pressure at the tunnel 
wall at the location X * -0.44 m. 

2.4.1.3 - Multi-Component Methods for base flows - 

Underlying physical descript ion of base-flow - 

The very complex flow that establishes behind the base of a missile equipped with a propulsive nozzle 
is schematically represented in Fig. 2.4.22. The figure shows the streamline pattern of a mean steady 
flow . In most practical situations the flows which separate at the base are turbulent sc that in reality 
such streamlines are fictitious since they are relevant to a mean flow in the sense of statistical 
turbulence (i.e. Reynolds averaging). In reality the flow is highly fluctuating and its instantaneous 
structure far more complex than the mean organization shown in Fig. 2.4.22. iiowever the streamlines 
thus constructed are those which would result from a modeling of the flow within the framework of 
the classical time-averaged Navier-Stokes equations concept. 

The base-flow region is at a quasi-uniform pressure P B and constitutes what is frequently called 

the dead-air region . Two turbulent mixing layers develop between the outer high velocity inviscid 

streams and the dead-air region. To summarise briefly, the internal organization of the dead-air region 
is almost always marked by the presence of a fluid circulation promoting exchanges between external 
and internal flows as shown in Fig. 2.4.22. The slower flow (here the external flow) gives up some 
mass flow entrained by the faster flow (here the nozzle flow). 

A necessary condition for the above steady flow solution to be possible is that the mass-flow 
<f t fed into the dead-air region by the external flow be equal to the mass-flow a extracted by 
the entrainment effect of the propulsive jet. ' 

The above flow pattern must be notified in the following circumstances : 

i - when the outer flow is faster than the internal flow, 

ii - when separation occurs either on the afterbody surface upstream of the base shoulder or inside 

the nozzle (see below). 

iii - when mass injection or mass aspiration (base bleed) is performed through the base of the missile. 

However, in every situation the main flow features represented here and the essential concept apply, 
the guideline to derive a realistic flow pattern being the necessity to obey the mass conservation 
principle. 

Basic principles of the tested methods - 

The different methods tested here are all based on the same flow schematization which is a generali¬ 
zation of the well known Korst's flow model for turbulent reattachment behind a rearward facing 
step C 2.4.42 ] . All these theories are valid only to: supersonic flows, which means that the external 
flow as well as the jet issuing from the nozzle must remain supersonic at least for a short distance 
downstream of the confluence point. 

The complex real flow structure is schematized in the following way : 

i - the dead-air-region - roughly limited by the triangle 5 e R T (see Fig. 2.4.23) is at the same 

pressure P B as the two separated inviscid flows (external ana internal). 

ii - the viscous phenomena are superimposed on a perfect fluid structure entirely determined if the 

base pressure is fixed. 

In the case cf an under-expanded nozzle flow, the external stream may separate somewhere on the after¬ 
body upstream of the base shoulder. The same flow model is applicable, the difference being that now 

the external separation point St is located upstream of the base plane (see sketch a in Fig. 2.4.24). 

A similar situation can be met if the nozzle flow is highly over-expanded. In this case an internal 
separation may occur at a point Sj located inside the nozzle (see sketch b in Fig. 2.4.24). 

The inviscid supersonic flows are presumed known down to the separation points St and , together 

with the properties of the incoming boundary-layers. 

For all theories the first step consists of performing an inviscid fluid calculation considering 
provisionally the base pressure P& as known. The Method of Characteristics is most often used to 
perform this calculation. Thus it is possible to calculate the inviscid flows separating at points 
Jt a n( l respectively. This calculation provides in particular the constant pressure free 

boundaries ( Jt ) and ( Tj ) of the inviscid flows. When Pp is lower than both % and 1 ostream 
pressures at and «Sy respectively), «5 e and Sj are the origin of an expansion fan (a cii umstance 

schematized in Fig. 2.4.23). But, as already pointed out, this situation is not always met : for 

example if the jet is under-expanded P& can be higher than P c and then a shock-wave emanates from 

St . Conservely if the jet is over-expanded a shock can propagate from Sj . 

The two lines ( J e ) and ( Jj ) usually meet at the inviscid confluence point Rj different from 
the physical reattachment point R . Downstream of Ry the two inviscid streams have a common 
boundary ( r ) -a slip line- on which both flows have the same pressure and the same direction. 

These two conditions allow the determination of the initial direction Gp T of ( /* ) at Rr as also 

of the common downstream pressure Pp T in the two flows. The determination of the downstream conditions 
can be done : 
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i - either bv considering that at Rr each flow undergoes a compression shock -as sketched in 
Fig. 2.4.2)- which is in principle the most accurate procedure to be adopted for purely inviscid 
f low, 

11 - or bv replacing the shocks by isentropic compressions ; indeed experiments show that the shock- 

waves form by the focusing ot compression waves at a distance from Rf . The assumption of 
an isentropic compression should thus lead to a more accurate evaluation of G# r 

Then the viscous effects are superimposed on this inviscid flow model. In the present situation 
turbulence effects manifest themselves essentially by the development of mixing-1avers -or mixing- 
zones- along the isobaric boundaries ( -4 ) and ( Jj ). 

To represent the properties of these mixing-layers all the theories considered utilize the approximate 
solution proposed bv Korst for the case of a vanishingly thin boundary-layer at the separation 
pomr in terms of an error function velocity distribution : 

to) JL - f * -L ( 1 . erf p ) vherp y <r jL 

CT being the spread parameter of the mixing which is given by experimental correlations. 

Fur non-adiabatic cases in which the dead-air temperature 7/s differs from the incoming (low 
stagnation temperature 7j c (ot 7^, ) the temperature profile is taken to be of the form ; 

JL s A = Jk. + {-t - 2k.)p . A b , (i. A t ) p 

'tt 7 fe T ‘t 

She above two-dimensional velocity profiles are located respectively to each of the isobaric boundaries 
t ■{ ) and ( Jj ) by satisfying the integral momentum balance for the respective streams on a local 

t• ihmensional basis. 

The ne>.t step consists of applying a reattachment criterion Cor both flows which reattach at R r on 
the downstream common line of confluence? T KAtthis point resides the major difference between 
the various methods tested here. However, this reattachment criterion whatever it is provides the 
exchange mass-flow rales <?* and q. which are fed into (or e traded from) the dead- air region 
by the entrainment process taking place in tho external and internal mixing-layers respectively. These 
mass-flow rates are readily calculated if the velocity and temperature distributions across the mixing- 
la vers are known. 

Also the rates of thermal energy and transferred {the transfer being either positive or 

negative) to the dead-air region can be calculated in a similar wjv. 

Thus the mass and energy conser it ion principles applying in the steady stale regime lead to the two 
; >< 1 ]owing equ.it ions : 

Oi * q, 0 

(H) e t / ej + e B - O 

where ^ and €« arc* respectively the mass-flow and the energy flow rates eventually fed into me 
dead-air region through the base. 

The mass-flow and energy rates transferred to the dead-air region bv the mixing process are written 
in the form : 

% ' <t t -- * Vr *T (’ 4/) 

e e * e - 2 If /> r ( e e t ij ) 

where ^n r is the distance of the confluence point nr from the axis of iwoluvion and Rt ' % 

6g and ^ are evaluated from two-dimensional mixing theory. These quantities are |>i >»por t iona'j to 

the mixing spread parameter 0~ and to the so-called mixing length which is tin- distant o alonw which 
the isobaric turbulent mixing takes place- Frequently this mixing length is taken as equal i-> i he 
length of the isobaric boundary between the separation point and the* tealtachment point Rr . 

Thus the two equations 7 and 8 constitute the "« Insure" relationships which tor preset i bed values 

of cfo and - determine uniquely the two quantities up to now undetermined ; name I v the- base 

pressure and the dead-air temperature 5 • Ihe solution procedure consist*' o| iterating mi 

dn>i ^ until Eqs. 7 and 8 are simultaneously satisfied. 

However this solution procedure must be modified if separation occurs on tin* altetbodv or inside the 
nozzle, (see Fig. 2.4.24) la this case tfjt* pressute in tl*‘ sr|* Mated i«yiai rvmelv is lei• •ituined bv a -^jHiai ion 

criterion which gives the pressure in the separated region as a function .>1 i he incoming t low 
properties ; separation in supersonic flow being independent ot downstream cor lit ions according i o 
the Tree--Inti act ion concept introduced by Chapman f 2.4.4.) J . 

In the present situation, ^ being known, the base-flow theory allows the determination of the 
location of the separation point on the afterbody or in the nozzle. Th * solution is now obtained 

by iteration on (plus eventually T& ) until the balance equations 7-8 .ire satisfied. 


ft 
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The method of Delery - [ 2.4,44-45 ] (contributor n° 10) 

Basically this method relies on the angular reattachment criterion concept introduced by Carriere 
and Sirieix [ 2.4.46 ] . This criterion postulates that the reattachment process is entirely governed 
by the state of the dissipative layer when it approaches the reattachmen* zone. This state can be 
characterized by : 

i - the direction of the inviscid external flow relative to the wall on which reattachment 
occurs (see Fig. 2.4.25), 

Li - the external Mach number Mea at the outer edge of the separated dissipative layer ( M t g corres¬ 
ponds to the base pressure Pg ), 

iii - the velocity and density distributions across the turbulent mixing-layer. 

It is further postulated that the reattachment angle must obey a relationship of the form : 

W V = ^ (#e. . G) , A a . f ) 

where : 

- Ag is the ratio of the dead-air temperature to the external stagnation temperature, 
f tlx* ratio of specific heats, 

- Ca the generalized injection coefficient defined by : 

Co. & _ *8 

‘ % U '» L * !-•*, u t \ L 


In the above expression : 

- ft is the mass-flow rate eventually injected into the dead-air region, 

Xg is the munentun carried by the fluid injected, 

e. is the momentum thickness of the incoming boundary-layer at the base shoulder, rhus in this 
formulation the boundary-layer effect is represented by means of what is now known as the "equivalent 
base-bleed concept". 

L is the length of the isobaric free-boundary ( 1 in Fig. 2.4.25) ; x D is the 

displacement of the mixing zone virtual origin introduced to take into account initial boundary- 
layer effects on the mixing layer development [ 2.4.47-48 ] . 

- ^9 • ft, are the velocity and the density of the external invisci * stream at the pressure 

a • 

Inasmuch as Of is usually a small parameter, F.q. 6 cun be written : 

A'.,) 

The unperturbated reattachment angle ty is a known function of Meg , Ag and f resulting mainly 
from empirical correlations. The sensitivity function W/dCq is determined theoretically from 

solution of the isobaric turbulent mixing represented by the error function (see Kq. 6 above), the 
effect of the initial boundary-layer being taken into account by th«- origin shift concept. 

The effect of axisymmetry on the unperturbated reattachment angle is represented by means of a 

correction function involving the geometrical shape of the isobaric tree-boundaries ( Jg ) end 

( JJ ) f 2.4.49] . 

Ihe reattachment ciiterion is applied to the external and to the internal flows by assuming that 

everything happens as if each of them reattaches on a wall achieving the common confluence direction 
e* T . Hence one can immediately deduce the Oj 's and the corresponding mass-flow rates and 

% ' 

In the version of tlie method employed for the WC. 08 calculations the flows are assumed iso-energetic 
(no energy balance is considered) so that the solution uniqueness (in terms of base pressure ) 

is ensured by the single condition ft ♦ ft + * (| wuh ft = 0 foi the present test cases. 

The mixing parameter (T is calculated from the correlation curve of Sirieix and 

Solignac ( 2.4.48] with a correction factor to take into account the axisvmmei r ic effect. Hie influence 
on the initial boundary-layer of expansion (or compression) at the separation points is computed by 
the well known Reshotko and Tucker discontinuity analysis l 2.4.50] . 

Separation on the boat tail is detected by using a separation criterion derived from the Free- 
Interaction theory of Chapman [ 2.4.4) ] . According to this criterion the pressure P 3 in the separated 
zone is expressed by the following relation : 

A, i , k Lm; (2cp { 

o 




162 

in which the static pressure £ . the Mach number M 0 the ski n-f r ic Lion coefficient 

C-fo are relative to the incoming flow. Pie coefficient £ is deduced Irom empirical correla¬ 
tions : the value H = 5.3 has been adopted here. It should be pointed out that the Free-1 nterac t ion 

theory is valid only at low to moderate Reyno. Is number as is generally the case in most wind tunnel 

experiments. This theory becomes questionable at high Reynolds number [ 2.4.31 ] ; then a separation 
criterion such as the one proposed by Zukoski [2.4.32] should be preferred. 

Thv mot hod ot Addy - [ 2.4.5i ] (contributors n ° II, ij arid li) 

In Addy's method the isobaric turbulent mixing analysis is applied by neglecting completely the effect 
of the initial boundary-layer. The original Chapman-Korst escape criterion is used as reattachment 
criterion. It is recalled that this criterion slates that the stagnation pressure P^g reached on 
the limiting streamline when the reattachment process begins must be equal to the static pressure 
P S after reattachment. The downstream pressure P% results from the oblique shock svstem ai 

Rj in the inviscid flowfields (see above). However, in order to take into account the axisvmmelry 
effect and to improve agreement with experiment Addy has modified that criterion by expressing it 
in the form [ 2.4.54 ] : P t(/P» = & (Rt r / ) _ where £ is an empirical function 

of the rut o of radii r at J e _ and Jg . r « rj/fi* • Furthermore in the present version 

of the theory the quantities Re * Rj • and tl l s * are evaluated by introducing 

effective mixing length ( Le )*ff and ( L, ~)tff approximately determined by locating the 
meeting point of the two mixing-zones. This modification has been introduced to take into account 
the fact that in reality the isobaric mixing represents only a fraction of the lengths Le and 
L} of the inviscid isobaric free boundaries. 

In the program developed by Addy the case is considered where the flows are not lso-energelic which 
occurs in particular when the two flows have different stagnation temperatures. In these conditions, 
as already explained, the temperature Tp of the fluid imprisoned in the dead-air region is a 
supplementary unknown whose determination requires writing a budget equation for energy (see above), 
['he computer code automatically determines the base pressure and the base temperature by an iterative 
process until Eqs. 7 and 8 are both satisfied. 

Tho method of Wagner -[ 2.4.53-57] (>-ontii but or n° 14) 

This method is originally based on t e Addy's program but incorporates significant deviations from 
it. 

Thus initial boundary-layers at the separation points are taken into account by introducing an origin 
shift for the isobaric turbulent mixing and the equivalent bleed concept (see above). Boundary-layer 
expansion (or compression) at the separation points is computed by making use of Nash 
fi mula C 2.4.38] and the spread parameter is computed after the Korst and Tripp correlation [2.4.39]. 

But the essential difference from Addy's method lies in the use of the angular reattachment criterion 
of Carriere and Sirieix including axisymmetric correction (see above). However, in the present appli¬ 
cation of this criterion to tt • two shear-layer confluence problem an iterative procedure is included 
in order to adjust the attachment direction Qfi r for achieving equal reattachment pressure Pr in 
both shear-layers (this condition being not fulfilled in the application of the angular criterion 
made by Delcry). The recompression pressure rise up to the roaltachment point is given by assuming 
an isentropic recompression on the limiting streamline from Po to P K . Thus in Wagner's method 
the attachment direction is no more that or the confluent inviscid flows downstream of Pr • Instead 
the pressure at the realtachment point R is the same in the two reattaching shear-layers which 
seems more satisfactory from a physical point of view. 

In order to calculate flow separ.it ion on boaltails the separation criterion of Z.ukoski [2,4.32] for 
upstream facing steps was used including a provision lor incipient separation as proposed by White 
and Agrel 1 [ 2.4.61) ] . 

Tho mot hod ot Sfouldon -[ 2.4. t>] -ftj ] (contr ihutor n° I 5 ) 

This method is based on a flow model which predicts boundary-layer development over the body and then 
solves for the confluence of the resulting external shear-layer with the jet exhaust plume (internal 
shear-layer) behind the dead-air zone, rite means bv which a solution is obtained is illustrated in 
Fig. 2.4.2b. The calculation procedure begins by making an initial estimate ol the angle through which 
the external flow is turned at the base. The ensuing pressure change is thus known and the shape of 
the exhaust-plume which expands to the base pressure can be determined by a MeLhod of Characteristics 
solution. The solution is classically determined by a mass-flow balance equation in which the nett 
mass flow returned near 'he confluence point and the ditference evaluated. 

The angle of the external shear-layer is then iteratively adjusted until this difference becomes small 
(to within a specified tolerance), i.e. a mass balance is achieved. 

An external flow separation ahead of the base is deemed to exist if the flow cannot be turned suffi¬ 
ciently by a shock wave to meet the convergence criterion ; the relationship between maximum turning 
angle and Mach number is determined on an empirical basis. In this cas the flow turning angle is 
held constant at its maximum value and the shear-layer separation point iteratively moved forward 
from the base until a converged confluence solution is reached. 

The calculation of boundary-layer development requires the knowledge of body pressure distribution. 
The program provides the option of either performing a potential flow calculation or an input of 
pressure coefficient values, althouth in all present applications the potential flow option has been 
used. For bodies with ogive noses the calculation is based either on supersonic slender body theory 
or an alternative transonic flow theory, the selection of which depends on the Mach number. For bodies 
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with cones iifferent theoretical methods are used, according to whether th< »het k is attached or 
detached. Boattailed afterbodies are treated by alternative supersonic or transonic theories, depending 
upon the approach Mach number. 

Moulden’s method is applicable to low supersonic speeds up to a maximum ->f Mach The lower limit 

is Mach 1.(1 hut experience suggests that the lowest speed for ust?ful results is Mach 1.2. Within this 
speed range the program can handle bodies having ogival or conical noses, a cylindrical center section 
and a conical boattail afterbody having any boattail angle within the range 0 to 10 . Hot or cold 
exhaust plumes may be handled as well as a solid plume simulator. T 'he program outputs body pressure 
coefficient, base pressure and plume shape. 

2.4.2 - Evaluation of methods by comparison with experiment - 
2.4.2./ - Pertect_tluid_calculations - 

In the present paragraph we will consider only the Euler calculations , since the Boundary Element 
Method of Zacharias (contribution n“ 9) -which is an inviscid fluLd calculation- takes into consi¬ 
deration the entrainment effect of the exhaust jet, this effect being of course a viscous phenomcuion. 
Thus the contribution of Zacharias will be discussed when examining Inviscid-Viscous Interactive 
met ds in the next section. 

Test cases 1, 2, 2A and 3 have been computed both by Vuillot-Veuillot (contribution n° 2) and by 
Bissinger-F.berle (contribution n° 3) ; test case 1 having been also computed by Zannetti-Onofri 
(contribution n° l). ft is thus possible to make a comparison between the results given by different 
numerical methods applied to the saving of the Euler equations and considering identical flow 
configurations. These test cases correspond to classical aircraft afterbodies with a sharp extremity 
(no base) and equipped with a sonic or slightly supersonic propulsive nozzle. Ln all these cases the 
external flow is transonic. 


The distributions of the boattail wall pressure coefficient for the four test cases 1, 2, 2A and 3 
are plotted in Figs. 2.4.27-30. The different contributions are identified by numbers whose attribution 
i., indicated in Table 2.4.1. The experimental results are also plotted in the figures. It is observed 
that relatively large differences exist between the three -or two- calculations which in principle 
should give identical results since they solve the same set of equations. The largest discrepancies 
are noticed for test case 2 and 2A whic. correspond to a greater value of the angle 0g at the 
boattail extremity. In this case the external flow expands to higher Mach numbers on tne boattail 
rear part. The best agreement betwoe, methods is obtained for test case 3 (see Fig, 2.4.30) which 
is m fact the most "gentle" case. 

Explanation of the differences observed between the various contributions is not an easy task since 
in sucli calculations -even if the afterbody geometry, the external upstream Mach number, and the 
Nozzle Pressure Ratio, are identical for all the calculations- many other parameters are chosen freely 
by the contributor, for instance : 

- location of upstream and downstream boundaries, 

- location of the upper boundary 2-h (see Fig. 2.4.1) which, for the present test cases, can be 
taken at large hut finite distance or at infinity, 

- the flow variable imposed on subsonic boundaries, 

- the number of grid points. 

Consequently it is very delicate to reach conclusions about the accuracy of the different methods 
and to establish an order of merit among them. For example in the calculations nerformed by Vuillot 
and Veuillot (contribution n" 2\ the upstream value of the pressure P m has been prescribed on 
the downstream houndary. This is certainly true from a physical point of view provided that this 
boundary be far enough from the afterbody. However in the present situation the upper limit 
2.21 having been located too close to the afterbody this boundary condition leads to a wall pressure 
which does not tend to P 9 (or equivalently to a CP which does not tend to zero) on the upstream 
part oi I he afterbody. This behavior is obvious it one considers Fig. 2.4.3 : the outlet section 
Zji is evidently larger than the inlet section Zil hence, since the external flow is subsonic, 
the pressure in 2n must necessarily be lower than the pressure in £?* . A far better agreement 

with the other calculations would certainly have been obtained by adjusting the pressure in 
2a in such a va> that CP tended to zero in the entrance section 2ti 

The Mach number distributions on the jet center Line .or test cases l, 2, 2A and 3 are plotted in 
Figs. 2.4.31-34. These distributions also exhibit large differences between the contributions. Thus 
the results obtained by contributors l and 2 show oscillations which probably reflect the existence 
of a succession of shock-waves in the supersonic exhaust jet. On the other hand contribution n° 3 
gives a perfectly smooth Mach number distribution along the centerline. 

Test cases 3 and h (see Figs. 2.4.5b and 57) of section 2.4.1.2 below have been calculated by Bissinger 
and Eberle only (curve number 3 on the figures) so that it is not possible to mak« comparisons here 
with other Euler calculations. In fact, test cases 5 to 6 are very close to test case 3, the afterbody 
geometry and the NPR being identical. The essential difference is the presence of an outer wall at 
a finite distance from the afterbody, the aim of these cases being the illustration of tunnel blockage 
eff<-t. Tliis question is more thoroughly disecused in section 2.4.1.2 below. 






lest, case 7 has been calculated by Zanneti and Onofri only (contributor n° 1). Hi la flow situation 
is ditterent from the other aircraft afterbody configurations (namely test cases 1 to h) in that the 
incoming external flow is supersonic. Hie computed boattail wall pressure coefficient is represented 
in Fig. 2.4.35. In fact in the present situation the external stream undergoes a nearly simple-wave 
expansion at the origin of the boattail with almost negligible viscous effects so that agreement 
between perfect fluid theory and experiment is very good. 

The two last Euler calculations performed by Bissinger and Eberle are relevant to missile afterbodies 
having a relatively large base, the external and nozzle flows being both supersonic. Then as we know 
(see above) the flow field includes a large separated /one constituting a dead-air region in contact 
with the base. In these circumstances the use of purely inviscid flow model is highly questionable 

since in the present situation viscous effects play an essential role. As can be seen from 

Figs. 2.4,36 and 37 f the results from the Euler code do not show these separation zones. Nevertheless 
the base pressure drag coefficients from these calculations are not too far off the measured values 
(see Figs. 2.4.64 and 65). This is another h i' it to caution against the use of integrated variables 
as a measure for the quality of a code, (see remark in following sub-section). 

The quantity of most practical interest for flows 9 and 11 being the base pressure, we will examine 

the results givent by the Euler approach in the paragraph devoted to applications of multi component 

methods (see § 2.4.2.3 below). 

Figures 2.4.27-30 also show a comparison of Euler calculations with experiment. One notes a fairly 

good agreement between theory and experiment for test cases 1,2, 5, 6 and 7. This is because in these 

cases viscous effects are weak. Indeed for these test cases the viscous correction is small arid its 
order of magnitude can be comparable with the uncertainty of the perfect fluid calculation itself, 
either Euler equations or the potential equation bieng used. On the other hand, for test cases 2 and 
2A, because of a larger boattail terminal angle ( /3f = -17° instead of -8 or -10°), the adverse 

pressure gradient in the rear part of the afterbody is much more severe so that the boundary-layer 

separates. In these circumstances a purelv inviscid calculation is likely to give a result very for 
from the reality, as is shown by Figs. 2.4.28-29. In fact, as already mentioned in § 2.4.1.1, comparing 
inviscid flow calculations with experiments in which the flow is manifestly separated has no tu u ! 
significance. 

2.4.2.2 - [nvisc±d-\_i_scqu$_Interactive methods - 

Test cases 1, 2, 2A, 3 and 4 have been treated by the great majority of IVI methods. All those cases 

are relevant to aircraft-type afterbodies placed in an external stream extending in principle to 

infinity. Test cases 5 and 6 which include tunnel blockage effects have been computed by only one 
IVI method (contribution n° 8 of Radespiel) and also by the Boundary Element Method (contribution 
n 0 9 of Zacharias). 

Let us first consider test case 1 . As already pointed out in the preceding section, due to the mild 

curvature of the afterbody contour the adverse pressure gradient on the rear part of (he boattail 

is not very severe. Thus the external flow boundary-layer thickens moderately and does not separate. 
Furthermore, because of the modest Nozzle Pressure Ratio (NPR = 2.9) there is practically no jet 
pluming as shown by the tracing of iso-Mach lines in Fig. 2.4.38 (these iso-Mach Lines result from 
the Euler calculation performed by Vuillot and Veuillot). Consequently the interaction between the 
external flow and the exhaust jet is small. As a consequence of these two facts viscous effects on 
the afterbody are weak and -as seen in the preceding seclion-a purely perfect fluid calculation already 
gives a result rather close to reality. The greatest discrepancy between experiment and perfect fluid 
calculations is observed very close to the boattail extremity, where the compression given by a perfect 
fluid model is evidently too steep. In reality there is always locally a non-negligible interaction 
between the external stream and the exhaust jet which involves viscous phenomena. 

The distributions of boattail wall pressure coefficient given by the IVI methods (contributions 
n° 4 to 8) plus the BEM method (contribution n° 9) are plotted in Fig. 2.4.39. The following features 
are observed : 

i - all the computed distributions are very close to each other. The more noticeable -but modest- 

deviation is that of contribution n° 7 (Hardy-Dutouquet) which slightly overpredicts the 

expansion on the upstream part of the afterbody. 

ii - the accounting of viscous effects improves the prediction, essentially in the vicinity of the 

boattail extremity. 

m - the largest differences between the calculations are observed precisely in this region. Those 
differences can have various origins : numerical accuracy of the code employed to solve the 
inviscid part of the flow fiel'* ; physical accuracy of the model used to predict the development 
of the boundary-layer on the boattail ; more or less satisfactory representation of the 

confluence of the external and internal boundary-layers at the origin of the jet mixing layer. 
Thus, contribution n° 9 overpredicts the pressure rise at the boattail extremity whereas the 
method of Kuhn (contribution n° 5) gives too small a pressure rise. Bes: agreement with experi¬ 
ment is achieved by contribution n° 4 (the RAXJET flow model) and by contribution n° 8 (calcu- 
lation of Radespiel). 

Also a fair agreement between calculations and experiment is noted for the drag buildup along boattail 
as shown in Fig. 2.4.40. It is recalled that the drag buildup is obtained by integration from the 

boattail shoulder of the elementary streamwise component of the pressure force coefficient. Thus the 

end value of this integral -in which quantities are appropriately scaled-is by definition the boattail 
pressure drag coefficient. Figure 2.4.41 Rives the bar graph of boattail pressure drag coefficient. 
r*fo i-i lues are given for the experimental coefficient : 



- out' value (the lower) is obtained by linear extrapolation of the CP distribution down to the 
boat tail extrerity where there is no measurement point for the pressure because of the impossibility 
of locating a pressure tap at the model trailing edge. 

- the other value results from an integration of pressure force down to the last pressure measurement 
point.. 

The bar graph representation reveals a relatively large scatter among the calculated boatlail pressure 
drag coefficients. Consideration of these results make it difficult to judge the quality of the 
theoretical models, since for this test case there is a difference of nearly 100% between the two 
possible experimental values. In fact interpretation of such bar graphs can be misleading and cannot 
be considered as a really significant criterion for the accuracy of the theoretical model : 

i - the measured values of CDPBT is most often known with a large uncertainty since as already 

pointed out CDPBT is determined by integration of an incomplete wall pressure distribution. 
There results an error which can be noticeable as shown by the pressure drag buildup plotted 
in Fig. 2.4.40. Furthermore, the numerical scheme employed to compute the integral may have 
also important repercussions on the final result [ 2.4.63J . 

ii - a good agreement between the computed and measured values of CDPBT can be achieved even with 

a large discrepancy between the corresponding wall pressure distributions. In this case the 
agreement is fortuitous and results in fact from an error cancellation mechanism. 

Methods employed by contributors N° 4, 5 and H (as also n° 7) provide also the distribution of skin 
friction along the boaitail, so allowing calculation of the friction drag coefficient CDFBT. The bar 
graph of CDFBT represented in fig. 2.4.4| shows that the three methods give comparable results, line 
should note that for test case l -as also for test cases 3 to b- the drag due to friction is practi¬ 
cally as high as the drag resulting from pressure forces. This fact demonstrates that for such configu¬ 
rations with a very progressive change in ihe boatlail cross-section any predictive method should 
include a realistic calculation of the skin-friction coefficient. 

For test case 2 , the curvature of the boattail contour being much greater ( fie = -17'' instead 

of -B u for lest case 1), the compression at the boattail extremity is steeper. Thus in this case the 
external boundary-layer thickens much more than in the previous case and separates, as revealed by 
the plateau of the experimental wall pressure distribution (see Fig. 2.4.43). On the other hand, the 
NPR being equal to only 2.0, the exhaust jet remains nearly cylindrical as shown by the iso-Mach lines 
plot of Fig. 2.4.4 2 (calculation done by contributors n° 2). In the present situation viscous effects 
play a predominant role on the rear part of the boattail, so that -as already seen in the preceding 
section- a purely perfect fluid calculation gives a very poor prediction of the external flow behavior. 

The distributions of boattail pressure coefficient given by contributors n° 4 to 7 are plotted in 

Fig. 2.4.4J. For the present test case, consideration of viscous effects improves the prediction 
considerably. Inclusion in the theoretical model of the viscous region displacement effect -that of 
the external boundary-layer principally- leads to a considerable reduction in the pressure level on 
the rear part of the afterbody, making the distribution thus computed much closer to experiment than 
the distribution given by perfect fluid calculations. On the other hand, contribution n° ( ) (MKB cal¬ 
culations) leads here to a poor prediction for the reason that the employed model is essentially 
inviscid, since only the entrainment and displacement effects of the exhaust jet are taken into consi¬ 
deration. In fact for the present case major viscous effects come from the thickening and separation 
of the 1 external boundary-layer. Thus it is riot surpri. ing that the method used in contribution 
n' 9 is unable to predict correctly the boattail pressure distribution, since it neglects the 
displacement effect of the afterbody boundary-layer. 

file best agreement with experiment is obtained by contribution n° 4 (the RAXJKT flow model) which 

gives a very good prediction of both the upstream pari of the wall pressure distribution and of the 

pressure level in the separated region. A satisfactory prediction is also achieved by contribution 

n ,J (Kuhn's method) and a reasonable one by contribution n° 7 (Hutdy-Dutouquet ). In particular, 
contribution n : 7 predicts with good accuracy the pressure level of the separated flow region as well 

as the separation point location. Contribution n° 6 (Hodges'met hod) predicts an unrealistic rise in 

pressure near the afterbody extremity. 

The plot of the drag buildup distributions along the boattail (see lig. 2.<..’.2c ot chaplet 2.1) 
amplifies considerably the discrepancies between experiment and theory, except lor 

contributions n' 1 4 and ’3. The bar graphs of t'DPBf and < PFK1 are shown in Fig. 2.4.4<* For the- present 
configuration the boattail pressure drag coefficient is roughly r > 'imes greater than lor test 
case J. On the other hand, drag clue to friction forces is nea j ' v Jen time's smaller than drag due to 

pressure forces. This comes from the fact that the boattail is hurter than tor test case 1 and that 

the skin friction drops rapidly to very small values because of sepiration. 

Also the bar graph of Fig. 2.4.44 corroborates t tie assertion made previously that in some circums¬ 
tances a poor prediction of the wall pressure dist:ibut ion can nevertheless leads to a reasonable 
evaluation of CDPBT because of error compensation (consider tor example results <bt allied by conlri 
but or n° 9). 

In test case 2A the model is the same as that of test case 2 but now the NPR is equal to S instead 

of 2.9. In fact, as already mentioned, for this afterbody shape and these moderate values of the NPR 

jet pluming is of secondary importance to adverse pressure gradient effects induced by the boattail 
contour (Fig. 2.4. 4 r > shows the shape of the exhaust jet resulting from an Fuler calculation). 
Consequently the main conclusions pertaining to test case 2 remain valid for test case 2A, in parti¬ 
cular the pressure distributions on the boattail are nearly identical in the two coses. Here the best 
agreement with experiment is still achieved by contribution n° 4 (see Fig. 2.4.4f> ). In the present 
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lest t I. < is a s 11 uat i ■ 'ii i*hiih visions effects in the external Now have moderate r ejierc us> i oi-.s 

■ >. ; ; t tie v«: v pr• - * >i»i s - i \ ■ variation .t the boat tail truss section. Also 1 here is no s i 1 1 i c .ml 

■w *«) a;:: i as shown hv tin* perteit f 1 >t i <1 (a 1 1 u 1 at t on ot Fig. ~ ■ -*. 4 H • Distributions ot computed 

it t i: [ Ait! pressure m,.; : irit'Mt are plotted n, F'ig. i.a.4<i . ,.\s tor test < ase 1 all t tie IV| methods 
t >■ .: ed liej .* give j.--u!t- •. n tan ugi e< itkiit with experiment, the most noticeable <! i si r e}»auc t e 
ip;..-»! ; ng n< *r t lie b. jt » t < S e>.t t eiti t \ . liras* buildup along boat tail is given in Fig. and bar 

-a ipb t I*.: as: ' ’ ■ i e T I 1 i *' r s I •. »: »- sir ',:i t Ti Figs. J.-i.Vl. 

■ iM'oiset i v i s well as the Nozzle Pressure Ratio (NPR = 1) are the same as 

i't.e >- • •<-;it l il <h t! * * t i.mii e is in i I it • jet stagnation t eRtpoi at lire, Tt , hein.* 

•. t ■ s •. : ii- - ead .•! v.'o K lor test case 1. In reality, at these t el at i v<-1 v 

s t t i.-f 1 . '-mall i in I ueiu.«' on the 1 low past t hr- afterbody. Indeed a change 

,• | - •; p.a t • s likclv : ... have two main r eperc'tissi on.-' : 

’ i r. v i i id. r\'i him plume ran I'm* modified because ot real gas effects. However 

i stsie J i - v«-: let / c.. ejieii.-. ale still snail. Fur t he tutor e. as ilreadv noticed 

. t!*|e. .a l tie Ni’r , wU p 1 ill'll IU; is limited So that an exact ptedliliofl Of the 

sip. i i: a •—i :;t it! !<■ h rat ilelv .iet ei nine the boat tail pies: lire distribution. 

t • in* i x mg-! tver developing alum: the hound,n \ sop;n at t ng the p-t and tin* 
i in Ur allotted bv a d t t ! et e:u . • in the total temperatures *>t t.he two Mows, 
is jiteseiit i e>i i i a- the iet mixing ! tv<i has an almost negligible influence ot: 
•low ■ i p-a j i ■. iin ot the uo/zle exit plane. : h i - behavior is demoiisl rat c*d bv the goo-: 

i.a ee:,. i.t ..fit need bv methods *’ 1 ti il ot i i.-ri t r i but or i- !' tor instance! a'iic!, neglect complete!*. 

> I '..-.I e ot 'leiftijf pres.oir e t oeJ t i c_ i ent t ompui eil tor test < use ’■* coincide pta<ll<allv witli 

( rte po.'lie to le.-t i ise t, j.a denotis!. t at ed iiv comparing the iiitve. ,,t rigs, d . 4 .4 ‘ * and 1 . 
''*.>■ :."t.... o -lit ! er« ,: n' in tin- boat t ill pressuio drug f.*efii< i <-nt , .n- shown i n Fig. where 

* ' >• "(•■' v t i ■ s ■ • , i • 1 1 si i b, ,-:i represented (values in rvt t.un:|e> ) ti otdet to in ilitute comparison 

»ltu "h-a" \ a 1M' : . Nonet h.-ti -s- . a i t hough pr.lCt i« ill> all tin- obr.et ved ditferi-mes ire It. tin 

■ a e t » iji 'i : e o,e sn : ill’H! at !ug)i.*i jet >t.agnation t impel at n t e. An nutcase in 'id'!'! is jited i. (.<><! 

■ i \ on Is it;,- :;iei ho..l, n.iXidi that ot f.uhti 1 c ont i i but or a M. In lut . i dm rou: in l Ul’KI’ with an 

in i.-i-.e i: i ^ / T{ 9 i.s predicted tumidi-d t It.it I he tiu-oreiii. i! tr.odel takes into n. i oiint t In - 

•• : i - 11 » nil tat ee-ed, t, v the I eltipef’at HI e .list ribul : on U.to.ss t tie |.-t r. i x i ug - | i\>-i >. i ■ t!Si'|:ieil< < • 

o' j.o i lit i! ■) I : :u ii*ove votmiient). I'he ,*•) «i.M'iperat at« eileit h.e- been riot t tua ouglil \ examined bv 

>a .piel [ will! i-.irried • -lit I alctil.it ions tor I lalio <7, / 7 r a , equal to • of. the altethodv 

i' n'.’ii it ton ot test eases and 4. A.-; shown hv i iu. .!.•*. l*.r this higher value ot the jet 

st i■ a t J ..|i t eniperal ft •*, the i»« 1 cm: I. on tile I>n,,rr.i{f f rrea.-e.ve distribution l.eroitie- < leailv vtstiili*. 
i; < i • t '".til t ■ • plotted in Fig. 'i» giva t !u- variation ot t’lii’HT with ^ / r ta> ts ilso an tllus- 

'.i.it ton ot t lie el )(«t ot the turbulent I'madt I number considered in tie modelling ot t lie iet mixing 

i.iver i tali n) it ions jieftormed hv ka.li*sj»t el ). 

Ih*' de. terse in bu.il tail cue! In Mtit when the jet stagnation 1 einpet at ure iru reuses is well emit limed 
'•■■■ •■'['■■I ... Oil i ■ [ . ] . 

pi-.'':. and *■ i ’ '!•:•. t t tie t tie lutlnetue ,.{ wind tunnel titockage, the model geometry as well as 

* be Mow > •. i: i i 1 1 loti., being 111 .. as tot test . a: e i. For test i ase ; the model is sialc*d t or 

a i hioikage and tor tf-t < !•.■■ <> lor a s - 'w*' blockage. For those two test rises, then* I .> or I \ on* 

' on! I i but i mi usjrtL’ in !VJ r..thod ->l . 1 1 1 *i 1 at i on (that ol Kulesjael contribution u Hi. There ate 

1 wo other loiitiitiuiii.n. : one bv /a> hat i e> (« .>nt t l hut m n **' wiiicfi uses t tie /t KM method and the ot hei 

: i'! i ngef i bei !e ' . . sit r i b'-it or. • r. '■ » H* wlmfi the Ful'-r eqil.lt ions ate solvni. Fxpei intent shows 

-- Fi,>. that there notueihle tunnel blockage «• 1 1 r*c t only lot lest t ase »>. this el t cut 

: • 111 *.* ! i ? t it : 1 1 r (r> di-f*rt: u. te-t i t.-e •. When i-ompaiing e\p«r ii'ietit with c a 1 ( u lal ions it should he 

* ' ! tiiit ' *:•• I * ••! ■ : i i ulat i i-..i|!!ie zeio block.u;. 1 1 t hough I lie t ext case 1 >• vjuo inent was 



\ i'W:i h'. iig>. .. •>> utid "< »?:<• met boil utilized bv Kadespiel gives a latlu-r good pt edict inn ol 

the- |'i-ssiin' d i '.t t t hut :oti mi the ho.i.: ii I . Also the pressure ilr.iv* * net t ic cent i •- fairlv well 
■ a *■>! i' t •••!, « r i -1 11 !>•* i ng gi v**n l >' rat net latge exp«’i i:m*nt ■■ 1 tint numerical cincet Lain* v in the d e t e r m i 
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Ik" 1 i ;t tour bst i uses t ost i aSj'S ’> t.n I arc- in tart relevant to mix.-ile at > erbod ies. The tested 
models ha\e a has>. wdiose irc*a r eju eseitl s a noticeable fraction ot the afterbody maximum cross -sen ion. 

I he si* models are equipped with a cortical nozzle of semi angle equal to 20 s * and whose nominal exit 
'•’.e fi number Mj i .•> c*quil to For all the' tested configurations the external incoming stream 

ts i itip*.*r son u. uniform flow of Mach number t*m - 2.>i|. For t c»st cases ') and J<> f he .efterbodv is 
cvli'tdriial wlnle it has a conical boil tail (angle 3[ - ~h ) for test cases 11 and I... 



In such flows the extent of the separated region may be very large, so that this kind of flow is not 
easily amenable to a classical In vise id-Vi.scouts Interactive analysis in which it is implicitly assumed 
that the viscous part of the flow remains relatively thin and r:i*i be treated by a boundary-Layer type 
analysis. For this reason no conventional IVI methods hive been used to calculate test cases 9 to 
1 2 . The majority of contributions consist of applications of the Multi-Component Methods described 
§ 2.4.1.1 above. As we know these methods are based on a rather schematic representation of the very 
complex real flow field. Consequently the only quantity that they claim to predict accurately is the 
pressure Pa acting on the base, plus fur some of them the base temperature T & m cases where 
the Mows are not i soenerget ic . 

Due to the hyperbolic nature of the equations governing the two inviscid streams (namely external 
flow and nozzle flow) the pressure distribution on that part of the afterbody located upstream ol 
the base does not depend on tiie base flow solution. Thus its dotormination can be done independently 
ot the base pressure calculation itself by any convenient perfect fluid method, the Method of 
Characteristits for example. Eventually a boundary-Layer displacement correction can be added t<> 
account for weak interaction effects. However this independence of the upstream flow on I fit- base flow 
region is no longer true when there is large jet pluming since then the base pressure can become 
significantly higher than the pressure upstream of the base, so that separation may occur on the 
bool tail. In this situation Multi-Component Methods generally predict also the location of i lie 
Sfpar.il ion point (see if 2.4.1.3 above). 

Foi test cases 9 to 12 the two Mach numbers M<b and tfj are the same and the nozzle geometry 
is unchanged. Pie varying parameters are the afterbody external shape and the Nozzle Pressure Katie. 
Kegarding the shape : 

- test cases 9 and ID have a cylindrical afterbody and 

- test, cases i and 12 have an ..tf t rrbody with a conical boat tail. 

For each shape two values of the NPK are considered. However because of the very short computer lime 
needed by Multi-Component Methods, the contributors have performed calculations for a larger number 
of NPK values in order to allow the tracing of curies giving continuously the variation of base 
pressure with the nozzle expansion ratio. Thus results are presented as curves giving the ratio 
ft* i P m as a function of the pressure ratio Pf / P*> , which is more commonly used 

than the NPK for missile afterbodies at supersonic speed. 

Such curves for the cylindrical afterbody are represented in Fig. 2.4.6U. The method of Addv has been 
employed by several contributors (»° 11, 12 and 1.3) who obtained of course identical results, so 
that those contributors have not been distinguished in the presentation of results. Also, two variants 
of Addy's method have been tested : one includes the empirical correction of the reattachment criterion 
accounting for axisvmmetry effects (see § 2.4.1.3 above) ; the other uses the original Korst criterion. 

At values of the expansion pressm ■ ratio ft / P m less than 6, the best agreement with 

experiment is achieved by Delery’s method and by the version of Addy's method which does not include 
the correction factor. This good agreement deteriorates at higher values of ft// P» • Thus 

for ft'/ P+ greater than 6 the best agreement with experiment is progressively achieved by 

Wagner's method. The flow model of Moulden (contributor 15) underpredicts the base pressure as 
soon as ftj / P* is above 3, the discrepancy between theory and experiment increasing steadily 

.IS f}/t i increases. However, it should be said that the calculations of contributorn u I5 

have been done at a Mach number of 2 as this is the maximum speed for which the program of Moulden 
j.s applicable. 

Results tor the at lor body with boat tail are represented in Fig. 2.4.61. For this case all the 
methods tend to underpredict the base pressure. Wagner’s method provides the best prediction for values 
of ft / P u less than 8. Foi the present test case, separation is detected on t In. boat tail. 

Delery’s method predicts occurence of separation at the base for ft/ft close to 9 whereas 

according to Wagner’s method separation occurs as soon as ft/ft* is equal to 3. Such a large 

difference in tin- prediction of separation can be attributed in part to the definition adopted to 
define the appear i ence of separation ; thus in t tie met hod employed by Delerv, occur rente of sep.natian 
t .a respond.- to i tie establishment •! a well developed separated legion ; on the other hand Wagn . 's 
rn. t hod predicts otcnieme ol "l i ie" incipient sepaiation at the hoattail extremity, the situation 
i oi r espnmt i ng .<» tlie first uppea. .nee ol a tiny zone of reversed I low along the boatt.nl. 

Figures 2.4.02 and (>} give the same results in the form of the uaso pressure coefficient CPB. The 
bar graphs ef the base pressure drag coefficient for all contributions and for conditions corresponding 
to test cases 9 and 12 are represented in Figs. .A.tia and o'). These bat graphs include Euler 
calculations and also Navier-St ikes calculations. 
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Fig. 2 4 6 - Zacharies contribution definition of boundary element mesh. Fig. 2.4.7 - The inviscid-viscous interaction approach. The various 

computational regions. 
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Fig. 2.4.8 - The Raxjet code. Schematization of the nozzle afterbody 
flowfield. 


Fig. 2.4.9 - The Raxjet code. Model for calculation of the separated 
flow region. 
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Fig. 2.4. to - The Raxjet code. The overlaid mixing analysis for the 
calculation of the jet mixing layer. 


Fig. 2.4.11 - The Raxjet code. Initial velocity distributions for the mixing- 
layer calculation. 




Fig. 2.4.12 - The Raxjet code. Representation of the displacement effect 
arising from the jet entrainment effect. 


Fig. 2.4.13 - The Raxjet code. T he inviscid viscous iteration scheme. 
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Fig. 2.4.23 ~ The corresponding inviscid flow model. 




Fig. 2.4.24 - Base flow models for separation on the afterbody or inside the nozzle. 
») under expanded nozzle flow; b) overexpanded nozzle flow. 
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Fig. 2.4 26 - Moulden method convergence procedure, 
a) attached flow (solution for all cases examined) ; b) solution for a separated flow case. 
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Fig. 2.4.40 - / VI calculations, fast case 1. Drag buildup along boat tail 



Fig. 2.4.41 - IVI calculations. Test case J. Bar graph of boattail pressure and friction drag coefficients. 



Fig. 2.4.42 - Test case 2- Inviscid flowfield structure 
(contributors n 2 calculation). 


Fig. 2.4.43 - IVI calculations. Test case 2. Boattail wall 
pressure coefficient. 
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Fig. 2 4.44 - IVI calculations. Test case 2. Bar graph of boattail pressure and friction drag coefficients. 
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Fig. 2.4.47 - IVI calculations. Test case 2a. Bar graph of boattail pressure and friction drag coefficients. 
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Fig. 2.4.48 - Test case 3. Invi&ckt flowfield structure 
(contributors n° 2 calculation). 
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Fig. 2.4.50 - (V( calculations. Test case 3. Bar graph of boattait pressure and friction drag coefficients. 



Fig. 2.4.51 - IVI calculations. Test cam 4 Ijet temperature effect). Boattait wall pressure coefficient 
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Fig. 2.4.59 - IVI calculations. Test case 6. Bar graph of boattait 
pressure drag coefficient. 


Fig. 2.4.60 - Application of MCM't to base flows. Base 
pressure variation with nozzle expansion ratio. Test cases 9 
and 10 configuration (cylindrical afterbody). 
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Fig. 2.4.63 - Application of MCM's to base flows. Bam 
pressure variation with nozzle expansion ratio. Test cases 
11 and 12 configuration (conical boattail). 



Fig. 2.4.64 - Test cases 9 and 10. (cylindrical afterbody) Bar graph of base pressure drag coefficient. 



Fig. 2.4.65 - Test cases 11 and 12. (conical boattail)■ Bar graph of base pressure drag coefficient. 
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2 .5 _Evaluation of Navler-Stokes Contributions 


2.5.1 Contributions 


Navler-Stokes results liave been presented by only three contributors although a considerable number 
of publications are already known dealing with the numerical solution of the Navler-Stokes equations for 
jet-afterbody interference problems. The participants 16, 17 and 18 provided solutions to the test cases 
as listed In Fig. 2.3.1. Hence, unfortunately only for test case 2 solutions from all three contributors 
are available. For test cases 1, 3, 7, 8, 9, 11 and 12 two different results were given while only one 
solution exists for test cases 2A, 4 and 10 and no solution for cases 5 and 6. 

Some attempts have been made to validate the numerical results by variation of the numerical parame¬ 
ters as grid resolution, grid adaption, variation of forebody length, changing of turbulence model etc.. 
Contributor 16 changed the forebody length for test cases 2 and 2A and the boundary layer thickness in 
order to check influences coming frpm the upstream bondary where the initial conditions on the cylindri¬ 
cal part of the body have been defined by use of the experimental boundary layer data. In case 3 the fine 
resolution region of the wake mesh has been adapted to the calculated plume boundary In an additional 
run. An exercise was made for some cases by variation of the artificial smoothing terms In order to veri¬ 
fy their Influence on the solution. For cases 3 and 8 the solution has been analysed at different conver¬ 
gence levels. Considerable effort has been spent by contributor 17 on the construction of solution adap¬ 
tive meshes using the finest meshes of all. Contributor 18 examined the effects of refined grids and 
different residual tolerances. Case 2 was also run by switching off the eddy viscosity In order to deter¬ 
mine the difference between Euler and Navler-Stokes solutions. 

However, despite these valuable exercises the results do not contain a systematic analysis of all 
effects obviously important for determining the solution. This would at least require a more detailed 
study of grid resolution and adaption, calculations with different codes using the same mesh and the same 
turbulence model, and comparisons of different turbulence models running one code In a fixed mesh and 
Including corresponding laminar and lnvlscld calculations. Therefore, the following comparison of results 
can only represent a rough and preliminary estimate of the capabilities of Navler-Stokes methods with 
respect to the Jet-afterbody Interference problem. Nevertheless, the results Indicate the potential of 
Navler-Stokes analysis to predict many features of the flow correctly. 


?.5.2 _ Description of the Different Contributor's Approaches and Calculation Procedures 

2.5.2. 1 Participant 16 (Wagner) 

The full time-dependent, Reynolds averaged Navler-Stokes equations have been solved using a finite 
volume method based on MacCormack's hybrid integration scheme (Ref. 2,5.1) similar to Jacock's treatment 
(Ref. 2.5.2). The turbulence Is modelled by the two layer eddy viscosity model of Baldwin and Lomax (Ref. 
2.5.3). The external flow calculations were started on the cylindrical part of the body at least two 
diameters upstream of the body boattall junction setting there fixed boundary conditions which use boun¬ 
dary layer profiles being constructed after Whitfield (Ref. 2.5.4) from the given experimental data. No 
corrections have been applied for the fact that the experimental values were mostly taken farther down¬ 
stream. Usual no-slip, zero normal pressure gradient, and zero normal temperature gradient boundary con¬ 
ditions have been applied at the solid walls including the base surface. At the nozzle exit supersonic 
conical or sonic parallel outflow was assumed, except for case 3, by setting corresponding conditions 
Immediately upstream of the nozzle exit. Because of the 10 degree convergent exit of test case 3 the 
Internal flow within the nozzle and the preceeding supply tube has been modeled In order to get realistic 
conditions at the nozzle exit. In the latter case a vanishing base area was constructed by extrapolating 
slightly the external slope and extending the internal contour cyllndrlcally while for all other cases 
the real base area was Introduced Into the calculation. The downstream boundary was located at least 
three diameters behind the base extending to more than six diameters for cases 3 and 8. The downstream 
boundary condition required zero gradient for all flow quantities. Laterally, the boundary had a distance 
of ten diameters from the axis, except for case 3 where it was only five diameter away. Undisturbed flow 
has been assumed at the lateral boundary. 

The complete mesh consisted of 88 cells In streamwise direction (exception: case 3 having 108 cells 
streamwlse) and 35 in normal direction resolving the boundary layer typically by 16 cells of Increasing 
thickness through exponential stretching, except normal to the base where a coarse equidistant spacing Is 
applied. Within the wake region behind the base the mesh Is divided In an upper and a lower part over¬ 
lapping by two cells rows and having 35 cell rows each; the wake columns are therefore counted twice in 
the above mentioned total of 88 cell columns. At both sides of the dividing mesh line the resolution Is 
very fine, corresponding to the boundary layer resolution. Hence, the dividing line was Intended to flow 
the real plume boundary as close as possible being either known from experiment or estimated by a guess 
of the plume expansion. Only for case 3 an additional calculation was made adjusting the dividing mesh 
line to follow the separation streamline during calculation. Obviously, this procedure cannot work for 
blunt bases because this streamline usually reattaches In the base region as can be seen, for example, by 
inspection of the streamlines Indicated by the experimentalists (Ref. 2.5.5). As examples the original 
fixed mesh of case 3 (Fig. 2.5.0.1) and a part of the mesh for case 11 (Fig. 2.5.0.2) are presented. For 
the blunt base cases the Internal shear layer at the Jet boundary could not be finely resolved up to the 
confluence of both shear layers bounding the separation region since an excessive number of time steps 
must be avoided. Also the turbulence model has not been adjusted to represent this layer properly. 

Convergence to steady flow has been achieved after 1200 time steps for supersonic cases and 5000 
time steps for subsonic flow. Only case 3 needed 8000 steps until the Internal flow field was converged. 
The critical transonic blunt base case 8 has been additionally run up to 10000 steps. Convergence has 
been Judged by the behaviour of the drag coefficients and by inspecting the flow field at typical posi¬ 
tions Inside and at the boundaries. Typical flow times non-dlraenslonalized with body diameter and exter¬ 
nal undisturbed velocity are 7 for supersonic problems and 15 for transonic ones. 
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2.5.2.2 Participant 17 (Deivert) 

The Reynolds-averaged, time-dependent Navier-Stok.es equations have been solved in the thin-layer 
approximation following Ref. 3.5.6. The timewise integration has been performed with the aid of the Beam 
and Warming implicit finite difference algorithm (Ref. 2.5.7). The equations are factored (spatially 
split) and central differences are used. The turbulence structure is also modeled by the algebraic eddy 
viscosity model of Baldwin and Lomax (Ref. 2.5.3). The calculations were performed with an included fore- 
body, with the complete experimental configuration used when known. Usual Navier-Stokes boundary condi¬ 
tions including zero normal pressure gradient have been applied at the body surface except at base sur¬ 
faces where slip conditions are admitted since neither the grid nor the present formulation of the thin 
layer code support the viscous effects (Ref. 2.5.8). At the nozzle exit the supersonic outflow condition 
is set on the base grid line which is in the nozzle range aligned to the spherical or plane surface 
through the nozzle lip exhibiting constant state in the conical or parallel flow, respectively. For test 
cases 3 and 4 the convergent outflow conditions was simplified to sonic parallel flow. In the cases 1 to 
4 the very small base has been neglected by modifying slightly the external contour for vanishing base 
area (References 2.5.9/10). Computational boundaries are 20 body diameters apart from the body surface, 
and extend 25 body diameters downstream from the nozzle exit plane. Upstream boundary condition was uni¬ 
form free stream. Uniform free stream has also been assumed at the far-field lateral boundary and extra¬ 
polation has been applied at the downstream boundary. A special treatment of the boundary conditions is 
applied at the nozzle lip also including a special relaxation procedure for turbulence description (Ref. 

2.5.8) . Both corners of the base exhibit double-valued boundary conditions depending on the direction of 
approach. 

A body-oriented computational grid is constructed in a manner compatible with the thin-layer appro¬ 
ximation. Radial grid lines on the forebody Join the surface orthogonally and on the afterbody surface 
and Jet centerline they are normal to the body axis. Typically 140 points are distributed In the stream- 
wise direction with some 80 points on the body surface between the nose and the end of the afterbody and 
60 points on the jet centerline between the end of the afterbody and the downstream outflow boundary. 
Clustering is used near the nose and the end of the afterbody and near the afterbody shoulder. Streamwise 
grid lines are distributed radially from the body surface with a high degree of clustering neir the sur¬ 
face to resolve the turbulent boundary layer. Typically 48 points are used between the body surface and 
the far field boundary. An additional 20 points are distributed across the nozzle exit plane and, for 
configurations with blunt bases, an additional 32 points are distributed across the base for a total 
number of radial points of 100 for blunt based geometries and a total number of 68 for sharp Upped 
nozzles. 

Initially the grid lines are distributed using a simple algebraic algorithm and the grid lines are 
not necessarily clustered to regions of high gradients in the flowfield solution. During the course of 
the solution the grid is adapted to both density and pressure gradient providing clustering in regions 
where these gradient are large. An example of this adapted grid for a blunt - base configuration (Ref. 

2.5.9) is shown in Figs. 2.5.0.3 (initial grid) and 2.5.0.4 (adapted grid) for teat case 10. The 
application of the turbulence model Includes the possibility of detecting two shear layers in a vertical 
grid line (Ref. 2.5.10). 

Convergence typically has been achieved between 1700 and 5000 iterations corresponding to 
dimensionless times of 6 to 17. A solution was assumed to be converged when the flowfield over the 
afterbody became steady. The flow field in the far jet may not yet be converged. The meshes of 
contributor 17 give the best overall resolution and extend relatively far downstream. 


2.5,2.3 Participant 18 (Forester/Kern) 

As reported in nef. 2.5.11 the computational algorithm la based on MacCormack's explicit method 
(Ref. 2.5.12) solving the complete time-dependent, Reynolds-averaged Navier-Stokes equations by use of a 
finite volume approach, A two layer eddy viscosity turbulence model has been used with the length scale 
In the outer layer by the boundary layer thickness. This turbulence model has been combined with wall 
functions for obtaining the wall shear stresses and convective fluxes in the mesh cells bordering solid 
surface boundaries. This greatly reduces the mesh required for boundary layers and avoids excessive com¬ 
puting times. Behind the base, the eddy viscosity is assumed to be proportional to the mixing layer 
thickness and the velocity difference across it. The code uses an automatic solution adaptive grid to 
Improve the computation of boattall pressure, base pressure and plume shape in the near field. 

The calculation is started externally on the cylindrical body using initial boundary layer profiles 
and Internally at any point inside the nozzle or at the nozzle exit as desired. The normal pressure gra¬ 
dient is assumed to be zero at no-slip surfaces or equal to the centrifugal force. Total pressure, total 
temperature and flow angle are specified at subsonic inflow boundaries with the remaining field variables 
obtained by assuming a zero axial gradient in each variable. At supersonic Inflow boundaries all field 
variables are prescribed. Linear extrapolation is used tor all field variables at purely supersonic out¬ 
flow boundaries. Where both subsonic and supersonic flow occured at the outflow bondary, the free stream 
static pressure is prescribed at each cell regardless of the local Mach number. Discontinuities therefore 
occur in the supersonic outflow region (shocks or sudden expansions) but little upstream Influence was 
observed because of the supersonic flow preventing upstream propagation of disturbances. 

The grid consisted of between 1100 ani 2400 mesh points that are carefully tailored to the gradients 
of the flow problems (Ref. 2.5,13). For mesh resolution studies this number was varied from 470 up to 
6850 points. Convergence to residual levels of less than 10" 5 was achieved within 3750 and 20,000 time 
steps depending on mesh size, flow conditions, boundary layer resolution, and prescribed convergence 
tolerance. The adaptive grid is used to resolve thin mixing layers and accurately compute the flow turn¬ 
ing at the nozzle exit plane. A variation of the level of the coefficients in the artificial vlicoeitiy 
Is used to determine the role of smoothing upon the results. Some oscillations usually remain in the 
crispest solutions. 
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2.5.3 Discussion of Navier-Stokes Results 


Separate discussions follow now for each test case. Preceedlng the basic discussion of the diagrams 
lresented in chapter 2.3 an evaluation of the flow fields is presented based on the Individual plots of 
velocity vectors, isobars, and iso Mach lines. The iso-plots for the temperature ratio T/T w also provided 
by contributors 17 and 18 contained not much additional useful information. Hence, these plots are omit¬ 
ted. 


2.5.3.1 Test Case l (Participants 16 and 17) 

The velocity vector plots (Figs. 2,5.1.1a and 2.5.1,1b) do not differ essentially. Only smooth vari¬ 
ations can be observed going from the boattail to the wake and no flow separation is detected on the 
boattall. Apparently, solution 16 (Fig. 2.5.1.1a) exhibits somewhat less spread out of the free shear 
layer indicating less turbulent mixing than solution 17 (Fig. 2.5.1.1b). Both isobar plots (Figs. 
2.5.1.2a and 2.5.1.26) sfu - the same flow structure revealing an initial expansion of the jet (static 
pressure ratio Pj/P» about 1.5) and a compression following. The positions of pressure minimum and maxi¬ 
mum on the centerline agree very well. Contribution 16 exhibits some wavlness of the solution within the 
Jet shortly behind the nozzle exit indicating probably a too coarse mesh there. Also the iso Mach curves 
(Pigs. 2.5.1.3a and 2.5.1.3b) agree basically exhibiting only slight quantitative differences. 

Both calculated pressure distributions on the boattail surface (Figs. 2*3.1.1b) are relatively close 
to the experimental results, especially in the rear part of Che afterbody. Both'show a sudden pressure 
drop at the very end of the boattail where no measurement was available. Contributor 17 has not modeled a 
base area and claims the result for the grid point at the trailing edge questionable since the boundary 
condition set at this grid point depends on the sweep direction followed at last in the course of the 
numerical procedure (Reference 2.5.8). In contrast contribution 16 included a modelling of the small base 
with a resolution of about ten mesh cells. The solution exhibits a base pressure level reasonably lower 
than the boattail pressure thus Influencing probably the last cell on the boattail and causing the drop. 
However, by no means can it be presently judged if these details of the solution are realistic. The pres¬ 
sure drag build up on the boattail (Fig. 2.3.1.2b) is obviously very sensitive to the small Cp-differen- 
ces between solutions 16 and 17 observed in Fig. 2.3.1.1b. these small deviations lead to the pronounced 
difference of Fig. 2.3.2.2b. 

The velocity ratio on the centerline (Fig. 2.3.1.3b) shows the peak values exactly in the same posi¬ 
tion for solutions 16 and 17 and also the following velocity minimum is in the same position. Furthermo¬ 
re, the positions of the extreme values agree reasonably well with the 1VI and Euler results (Fig. 
2,3.3a). The extreme values are more pronounced in solution 16 than in solution 17, probably due to a 
coarser mesh in solution 16, but surprisingly the Navier-Stokes values range in between the Euler and IVI 
results. The Mach number (Fig. 2.3.1.4b) behaves very similar to Che velocity. Downstream, these initial 
oscillations of the Jet are soon damped out in the Navier-Stokes solutions, especially in solution 17 for 
which the mesh extends far downstream leading to a probably realistic behaviour of the jet. This damping 
is obviously stronger than in the Euler solutions l and 2 probably due to the viscous terms. The static 
temperature ratio on the centerline (Fig. 2.3.1.5b) confirms the previous observations except a little 
difference in the initial temperatures at the nozzle exit. This difference is due to a disregard of the 
slight difference between external and internal stagnation temperature in solution 17 and can in no way 
affect other solution features. Finally in Fig. 2.3.I.6b the pitot pressure on the jet centerline is 
compared with some experimental values. To some extent the measurements seem to support the expansions 
and compressions found by computation but the experimental points are too coarsely distributed to draw 
firm conclusions and they may be affected by some measurement errors. 

The calculated base drag in Fig. 2.3.1.7 confirms the above mentioned fact of lowered base pressure 
level for solution 16. The calculated boattail pressure drags (Fig. 2.3.1.8) of the Navier-Stokes solu¬ 
tions are not far from the extrapolated value for the experiment (dashed line). But considering the 
possible errors using the extrapolation procedure applied to the experimental values (see chapter 2.3) 
the agreement with reality cannot finally be judged by this figure. A more reasonable impression may be 
got from Fig. 2.3.1.2b by comparison at the position of the last measurement point which is the point 
before the last one in this figure. Fig. 2.3.1.9 contains the friction drag calculated from four solu¬ 
tions. The IVI solutions 4 and 5 are between both Navier-Stokes solutions with respect to this quantity. 
Correspondingly, we see a comparison of total boattail drag in Fig. 2.3.1.10 where the difference In the 
Navier-Stokes solutions result mainly from the different friction drags shown In Fig. 2.3.1.9. 

Fig. 2.3.1.11a depicts the distribution of skin friction coefficient revealing that the level of 
solution 16 (identified by Fig. 2.3.1.11b) is considerably higher than those of the IVI results 4, 5 and 
8 while solution 17 shows the smallest values of all. The behaviour of at the very end of the afterbo¬ 
dy (Fig. 2.3.1.11b) reflects the pressure behaviour of Fig. 2.3.1.1b. 

Finally, the pressure coefficient in a transverse plane just at the nozzle exit is presented in 
Fig. 2.3.1.12b. While the values of solution 17 are exactly taken at the nozzle exit grid line, the va¬ 
lues of solution 16 are corresponding to the first column of cell centers slightly downstream of the base 
but the experimental values indicated also in the figure are still farther downstream measured. Solutions 
16 and 17 are closer to each other than to the experimental results in the external field and no explana¬ 
tion can be offered for this fact. Approaching the body, solution 17 meets the measured C^-valuea while 
solution 16 still exceeds them. The considerable drop to the lowest base pressure value becomes by this 
figure quite clear for solution 16. Within the jet solution 17 exhibits exactly the theoretical values 
set there at the base grid line while solution 16 shows already a considerable decrease of Cp caused by 
the influence of the reduced pressure at the nozzle lip since the internal pressure was set to the theo¬ 
retical value slightly ahead of Che exit (see Chapter 2.5,2). Also the wavlness of solution 16 within the 
Jet becomes obvious in Fig. 2.3.1.12b. 


2.5.3.2 Test Case 2 (Participant 16, 17 and 18) 

The velocity vector plots (Figs. 2.5.2.1a to d, where Fig. 2.5.2.Id presents only the flow direc¬ 
tions but not the actual values of the velocities) show features similar to test case 1. Although the 
experiment exhibited a considerably thick separated flow region, only solution 17 shows some evidence of 
such a separated flow. Looking onto skin friction results, solution 17 could be seen to predict separa¬ 
tion very close to the position where it was experimentally observed (Ref. 2.5.10). Also solution lb 
predicts separation but farther downstream in between the experimental separation point and the trailing 
edge. Apparently, this computed flow separation restricts the flow reversal to a very thin layer at the 
body surface possible coinciding with the laminar sublayer. This fact prevents the development of a rea¬ 
sonable bubble dimension normal to the surface, and in consequence the expected and experimentally obser¬ 
ved pressure plateau was not achieved. Solution 18 exhibits no separation at all in terras of negative 
shear stress. This fact has been mainly attributed to grid sparseness normal to the wall, the use of wall 
functions, and too simplified and may be insufficient turbulence modelling (Ref. 2.5.13). This inaccura¬ 
te prediction of separated flow zones on smooth contours appears the most severe limitation of present 
Navler-Stokes solutions which has to be overcome as soon as possible. Nevertheless, the accurate predic¬ 
tion of the separation point by solution 17 is already encouraging. 

The isobar fields of Figs. 2.5.2.2a to c look very simitar with the exception of the region lraraedia- 
t» *.y behind the trailing edge in solution 18 (Fig. 2.5.2.2c). The plume structure is essentially the same 
as that of case 1 (Figs. 2.5.2.1a and b) since the nozzle pressure ratio is identical. Also the Iso Mach 
cuves are similarly structured (Figs. 2.5.2.2a to c) at least in the near field of the afterbody and at 
the nozzle exit . 

The surface pressure distributions shown in Fig. 2.3.2.1b do not agree as well as in case 1 to expe¬ 
riment even upstream of the separation point. Especially in the region of the pressure minimum solutions 
16 and 17 do not reach the experimental level while solution 18 exceeds it. All Navler-Stokes calcula¬ 
tions do not predict the pressure plateau of the separated region although the contributions 17 and 18 do 
better than 16. Solution 18 appears to be wavy a the rear end presumably due to coarseness of the mesh. 
Again sudden pressure changes occur at the very end of the boattall as already discussed with tes^ 
case 1. But now the pressure in the last boattail cell falls definitely below the pressure in the adja¬ 
cent base cell for solution 16 and must therefore be attributed to numerics ther to physics. The defi¬ 
ciencies already discussed are reflected in the drag build up (Fig. 2.3.2.2., where the solution 18 pro¬ 
vides the best final value. The IVI solutions 4 and 5 are seen to get much better results (Fig. 
2.3.2.2c). 

The position of the velocity peak at the Jet centerline (Fig. 2.3.2.3a) predicted by the Navier- 
Stokes calculations differ only slightly from the IVI solution 4 and the Euler solution 2, both with 
respect tv the position of the corresponding Mach number peak and the following Mach number minimum. The 
Navler-Stokes solutions are In excellent agreement to each other (Fig, 2.3,2.4b) except the differences 
in peak heights. This holds similarly for the temperature (Fig. 2.3.2.5b) except the slight difference In 
stagnation temperature for solution 17 as already discussed with case l. The comparison of calculated 
pitot pressures with experiments supports the Mach number peaks (Fig. 2.3.2.6b). The extreme behaviour of 
the IVI solution matches the experiment even better (Fig. 2.3.2.6c). 

The base pressure drag (Fig. 2.3.2.7) is negative Indicating a base pressure level exceeding , The 
boattail pressure drag (Fig. 2.3.2.8) is predicted best by solution 18. The underpredlctIon of solutions 
16 and 17 is to a great deal caused by the overpredlctIon of suriace pressures In tlie -.eparated flow 
region. The friction drag computed f^om solution 16 and 17 differ little from the IVI results s and 5 
(Fig. 2.3.2.9) and this par. of the di^g is not significant to the vaues of total drag (fig. 2.3.2.10) in 
contrast to test case 1. 

Both skin friction distributions of the Navler-Stokes solutions 16 and 17 are different from those 
of the IVI results 4 and 5 which agree very well to each other. Probably, the prediction of the separa¬ 
tion point could be improved for solution 16 if the skin friction level could be lowered. But it should 
be mentioned that exercises with an elongated forebody and separate ones with reduced boundary layer 
thickness did not move the separation position by considerable extent. Finally, Fig. 2.1.2.12 shows the 
pressure behaviour on a vertical line nearest to the base. Approaching the trailing edge from the lateral 
external field the deviations from the experimental values increase, being a maximum for solution lb and 
a minimum for 17. Within the Jet the behaviour of solutions 16 and 17 is similar to that seen in test 
case I. The calculation of contribution 18 is started farthet upstream inside l e nozzle which may ex¬ 
plain that the pressure distribution is even »ore affected by the nozzle exit state than for solution 16. 


2.5.3.2A Test Case 2A (Participant 16 only) 

As a result of the increased nozzle pressure ratio compared to case 2, the Jet exhaust for this test 
case is larger in diameter (see velocity vector plot Fig. 2.5.2A.1). The higher jet pressure should have 
an influence on the separation point but experimentally no shift has been observed. In the calculation, 
the separation point moves slightly upstream but it remains still far from the measured one. Isobars 
(Fig. 2.5.2A.2) and iso Mach lines (Fig. 2.5.2A.3) reveal the much stronger expansion within the jet. 

The surface pressure distribution is only slightly changed on the rear pait of the afterbody and a 
considerable pressure drop Is exhibited at the very end which seems not to be supported by the physics 
(Fig. 2.3.2A.lb). The drag build up can therefore not be accurate (Fig. 2.3 2A.2b). 

The Navler-Stokes result 16 and the IVI method 4 agree excellently with respect to velocity and Mach 
nuBber peak as well as temperature and pitot pressure minimum on the jet centerline (Figs. 2.3.2A.3 to 
2.3.2A.6). Also the first measured minimum is reasonably approached with respect to position and height. 





The base drag (Fig. 2.3.2A.7) is even more negative than for case 2 and the boattall pressure drag 
Is far from Chat calculated from the experimental pressure distribution (Fig. 2.3.2A.8). The friction 
drag (Fig. 2.3.2A.9) is close to that given by IVI method 4 but this is obviously due to the cancellation 
of different errors (see skin friction distribution Fig. 2.3.2A.11). The theoretical predictions of the 
pressures at the base grid line (Fig. 2.3.2A.12) are in excellent agreement to each other. However, the 
predictions do not agree well with the experimental results. 


2,5.3.3 Test Case 3 (Participants 16 and 17) 

The velocity vector plots of solution 17 (Fig. 2.5.3,lb and c) differ considerably from those of 
contribution 16 (F g, 2.5.3.1a) since a parallel sonic outflow was modeled in solution 17 while contribu¬ 
tion 16 accounted for the convergent exit by computing the internal flow in order to achieve the real 
curved sonic line outside the nozzle. But in spite of this difference there appears no essential diffe¬ 
rence between solutions 16 and 17 with respect to isobars (Figs, 2.5.3.2a and b) and iso Mach lines 
(Figs. 2.5.3.3a and b). Plume and external flow field structure of solutions 16 and 17 fit well into the 
observations discussed previously for the other cases. 

Both solutions agree well with the experimental pressures (Fig. 2.3.3.1b) in the rear part of the 
afterbody except the little waviness of solution 17 and an extreme pressure drop at the very end in solu¬ 
tion 16. No physical explanation can be offered for this drop In solution 16 since a base area was not 
modeled and the pressure falls below the minimum value in the exit plane while it should be expected to 
be close to a stagnation point at the trailing edge. The drag build up (Fig. 2.3.3.2b) of solution 17 
agrees now best with the experimental data. 

With respect to the centerline data not many firm conclusions can be drawn since the velocity values 
given experimentally are too coarsely distributed (Fig. 2.3.3.3b). The downstream behaviour of solution 
16 appears not to be realistic missing the deceleration by turbulent mixing. Solution 17 seems, however, 
to model the experimental behaviour much better as can be judged from the Mach number distributions (Fig. 
2.3.3.4b). Nevertheless the agreement of solutions 16 and 17 is still satisfactory in the plume rear- 
field. Similar findings hold for the temperature (Fig. 2.3.3.5b) and pitot pressure distributions (rig. 
2.3.3.6b) whereby solution 17 is definitely seen to model the experimentally observed downstream 
behaviour best. Solution 16 in the downstream region is closer to the inviscid behaviour, especially 
close to the Euler solution 2. 

Solution 17 is closest but not very close to the experimental boattall pressure drag found with the 
aid of surface pressure extrapolation (Fig, 2.3.3.8). Note that for this case the linear extrapolation 
had to be applied over a considerable part of the boattall (see Kg. 2.3.3.1b for comparison) and may 
therefore be uncertain. The prediction of contribution 16 Is farther from this experimental value . By 
a calculation with automatic adjustment of the mesh to the actual plume boundary, contribution 16 showed 
a considerable reduction of the pressure drag ("remesh" in Fig. 2.3.3.8). The friction drag for solution 
16 is higher than for solution 17 and for the IVI resuLts 4, 5, and 8 (Fig. 2.3.3.9) corresponding to the 
higher skin friction level (Fig. 2.3.3.11) ending u, with a high Cf -peak which reflects the pressure 
behaviour discussed above while solution 17 shows a slight separation. Both pressure and friction drag 
contribute to the deviation of the Navler-Stokes result 16 from the IVI results with respect to total 
boattall drag (Fig. 2.3.3.10). 

Finally, the predicted pressures at the base plane (Fig. 2.3.3.12) are In reasonable agreement to 
each other but large deviations between both Navier-Stokes results occur within the plume due to the 
difference discussed above concerning the treatment of the initial plune flow-field. 


2.3.3.4 Test Case 4 (Participant 17 only) 

Since for this test case only the plume stagnation temperature is different from case 3 no signifi¬ 
cant differences can be detected in the flow field f terns (Fig. 2.5,4.1 to 2.5.4.3). Also the pressure 
distribution (Fig. 2.3.4.1) does not differ visibly from that of case 3. However, the drag build up (Fig. 
2.3.4.2b) exhibits a slight reduction. 

The Mach number along tb Jet centerline (Fig. 2.3.4.4) shows initially a slightly more pronounced 
oscillation compared to case 1 (Fig. 2.3.3.4b) and drops to a somewhat lower value in the far field due 
to the smaller momentum of the jet. The temperature distribution (Fig. 2.3.4.5) ip of course completely 
different from case 3 and the pitot pressures (Fig. 2.3.4.6) deciease more rapidly to a lower level in 
the far field again due to the smaller momentum of the jet. 

The small differences just discussed result In a reduction of total pressure drag (Fig. 2.3.4.8' 
which in its tendency agrees with all other available results except the IV1-method 9. The friction drag, 
however, does not change at all (Fig. 2.5.4.9). The pressure distribution along the base grid line exhi¬ 
bits no visible dizterence to that of case 3 (Fig. 2.3.4.12). 


2,5.3.5 Test Case 5 

Navier-Stokes results are not available for this configuration. 


2,5.3,6 Test Case 6 

Navier-Stokes results are not available for this configuration. 



2.5.3.7 Test Case 7 (Participants 16 and 17) 


The veLocity vector fields (fig. 2.5.7.1a to c) do not show dramatic effects. Isobars (Figs. 
2.5.7.2a/b) and Mach number contours look similar but due to a finer resolution the Isobars of solution 
17 resolve the external shock wave at the boattail shoulder much better (Fig. 2.5,7.2b). 

The boattail pressure distributions of the Navier-Stokes solutions 16 and 17 agree less well with 
the experiment than those of the Euler solution 1 (Fig. 2.3.7.lb). Comparing both Navier-Stokes solutions 
a correction must be considered for solution 17 which accounts for the difference to undisturbed free- 
stream values upstream of the boattail. Applying such a correction both Navier-Stokes solutions would 
agree closely. However, also the question tmist be raised wether a correction has to be applied to the 
experimental data or not since the measured pressures Immediately ahead of the body-boattail Junction had 
not reached the level of undisturbed free stream pressure p . The difference between solution 16 or the 
corrected solution 17 and the experiment is approximately of the same amount. The large final pressure 
Increase at the very end of the boattail in solution 16 approaches the base pressure level calculated for 
the small base area. Because of the coarse resolution of only two cells at the base, this result cannot 
be very reliable. The drag build up (Fig. 2.3.7.2b) reflects the differences in the pressures but in 
supersonic cases the total drag is less sensitive to those deviations since the Integrated drag is 
steadily increasing from the body-boattail junction to the boattail end. 

For the centerline data 6ome disagreement exists between the Navier-Stokes results 16 and 17 and the 
Euler solution 1 (Fig. 2.3.7.3 to 2.3.7.6) which may be partially caused by use of different initial data 
at the nozzle exit. The Mach number at the nozzle exit (Fig. 2.3.7.4) is for example in solution 1 defi¬ 
nitely different from the nominal value of 2.024. The different initial plume temperature (Fig. 2.3.7.5) 
is due to an interchange of the total temperatures of jet and external stream by mistake In solution 16 
but no essential effect is expected on the rest of the calculated data from this error. 

Fig. 2.3.7.7 shows the small base drag predicted by solution 16. The total pressure drag level (Fig. 
2.3.7.8) is given by all solutions with similar accuracy while the friction drag is again definitely 
higher for solution 16 (Fig. 2.3.7.9) leading to a fortuitously good agreement for the total drag values 
predicted by both Navier-Stokes solutions (Fig. 2.3.7.10), With respect to the pressure distribution in 
the base plane the available solutions show a good agreement (Fig. 2,3.8.12a) especially solutions 1 and 
16 are very close to each other in the external field. 


2.5.3.8 Test Case 8 (Participants 16 and 17) 

This transonic missile afterbody case exhibiting a large blunt base is a very tough test case for 
Navier-Stokes methods but it Is also very interesting since detailed LDV measurements are .-vailable con¬ 
cerning mean velocities and turbulent velocity fluctuations. The calculated velocity vector plot of solu¬ 
tion 16 (Fig. 2.5.8.1a) agrees surprisingly well with the flow field of the experiment (Ref. 2.5.5). The 
streamwise extent of the recirculation bubble is very similar while the calculated result 6hows a slight¬ 
ly smaller size in lateral direction resulting in an outward shift of the reattachment point at the base 
compared to the experiment. In contrast solution 17 shows the main vortex In the separated region rota¬ 
ting in the opposite sense. The isobar plots (Figs. 2.5.8.2a and b) of both Navier-Stokes solutions and 
the iso Mach lines (Figs. 2.5.8.3a and b) are similar but obviously more distinct than in the smooth 
afterbody cases 1, 3 and 7. The differences concern mainly the recirculating base region. 

The experimental surface pressure distribution (Fig. 2.3.8.1) around the body-boattail junction and 
ahead of it is better represented by solution 17 while this prediction becomes worse near the boattail 
end. Solution 16 suffers from a rather coarse mesh at the body-boattail junction but it b- comes very 
reasonable near the boattail end. Hence, none of these solutions can perfectly predict the boattail drag 
build up (Fig. 2.3.8.2) hut result 16 Is quite reasonable. 

The nozzle centerline results differ considerably (Figs, 2.3.8.3 to 2.3.8.6) showing in solution 16 
a larger and more extended initial expansion but finally a probably unrealistic steady Increase of Mach 
number occurs in downstream direction (Fig. 2.3.8.4) consistent with the results fur test case 3 discuB- 
9ed previously. Obviously, the initial disagreement between both Navier-Stokes solutions seems to be 
related to the different base pressure predictions (see Fig. 2.3.7.12). 

The base drag (Fig. 2.3.8.7) shows the predictions 16 and 17 to give a level comparable to the ex¬ 
periment, solution 16 being closer to the experimental values. The boattail pressure drag (Fig. 2.3.8.8) 
is also better predicted by solution 16 corresponding to the better agreement of Surface pressures in the 
rear part (Fig. 2.3.8.1). Skin friction results again appear to be much higher for solution 16 than for 
solution 17 (Figs. 2.5.8.9 and 2.5.8.11). 

Finally, Fig. 2.3.8.12 presents the pressure behaviour in a plane at the base showing clearly the 
surprisingly good agreement of the mean value of the distribution predicted by 16 with the measurements 
while solution 17 delivers somewhat lower base pressures. But It should be mentioned that a comparison of 
shear stress correlations calculated from solution 16 to the experimental results looks less promising 
thus leaving some questions open concerning the prediction quality (Ref. 2.5.14). 


2. 5.3.9 Test Case 9 (Participants 16 and 17) 

Solution 16 shows a main vortex in the recirculation region which rotates in opposite sense compared 
to case 8 (Fig. 2.5.9.1a/b). Some rough evidence Is also seen for predicting the shock system indicated 
by the Schlleren photograph including the Mach disk at the axis. Figs. 2.5.9.1c and d reveal similar 
features for solution 17, but the main vortex in the separated region rotates in the opposite sense and 
the separated region seems to be shorter. The isobar plot of solution 17 (Fig. 2.5.9.2b) gives a very 



impressive picture of the shock system because of its dense spacing of lines In contrast to the plot for 
contribution 16 (Fig. 2,5.9.2a). The plots of iso Mach lines (Figs. 2.5.9.3a and b) confirm the shock 
s true" ture but do not reveal subsonic flow behind the "Mach disk" nor the precise location of the disk. 

The predicted surface pressure distributions on the cylindrical body (Fig. 2.3.9.1b) differ somewhat 
from the experimental values due to the treatment of the upstream regions. This fact suggests a correc¬ 
tion of the calculated values similarly as carried out evaluating the experimental results (Ref. 2.5.15). 
Both solutions predict a strong pressure drop at the boattail end approximating the base pressure level 
due to an upstream Influence through Che subsonic part of the boundary layer. 

The centerline distributions for solutions 16 and 17 are initially in good agreement to each other 
but differ somewhat from Euler solution 3 (Fig. 2.3.9.3 to 2.3.9.6). Especially the first peaks are close 
to each other in position and height. 

The base drag prediction (Fig. 2.3.9.7) is slightly better for solution 16 since the solution 17 
suffers from a toe low base pressure level (Fig. 2.3.9.12). But Is should ue kept in mind that the "mea¬ 
sured" value given in Fig. 2.3.9.7 Is questionable because It is based on only one radial position of 
pressure taps. At that position solution 16 meets the experimental mean value quite well although consi¬ 
derable variation occurs over the rest of the base (Fig. 2.3.9.12). The degree of agreement to experiment 
may therefore be judged for such cases much better by comparison of pressure distributions. The difft »n- 
ce of pressures within the jet results from the fact that the base gridline in solution 17 respresents a 
spherical surface with constant conical outflow conditions while solution 16 describes a vertical plane 
where essentially the same flow field wa9 modeled accounting locally for the upstream position of this 
plane. 


2.5.3.10 Teat Case 10 (Participant 17 only) 

This case differs from case 9 only by Increasing the static pressure ratio px/p^ from 1 to 6. The 
velocity vector plot (Fig. 2.5.10.1) shows already the essential changes of the flow field compared to 
case 9. Ihe isobars (Fig. 2.5,10.2) and the iso Mach lines (Fig. 2.5.10.3) reflect very well the experi¬ 
mental shock structure seen in the Schlieren photograph (see chapter 2.2). 

The surface pressures are identical to solution 17 for case 9 except at the very end of the body 
where a smaller drop occurs due to the higher base pressure level (Fig. 2.3.10.1). The centerline distri¬ 
butions seem to be very reasonable (Figs. 2.5.10.3 to 6) showing now severe expansions and compressions 
which have to be expected within the jet. The base drag Is essentially overpredicted (Fig. 2.3.10.7) due 
to a too low base pressure Level (Fig. 2,3.10.12). But it should be considered that the unknown experi¬ 
mental base pressure distribution could vary across the base to a considerable extent. 


2.5.3,11 Test Case If (Participants 16 and 17) 

In contrast to case 9 solution 16 shows a main vortex rotating in clockwise sense within the separa¬ 
tion zone (Figs. 2.5.11.1a and b). Also the internal barrel shock and the Mach disk are already indicated 
in Fig. 2.5.11. Ia, The corresponding plots for solution 17 (Figs. 2.5.11.1c and d) look similar. Compar¬ 
ing Figs. 2.5.1l.lb and d, again the length of the separated zone behind the base seems to differ some¬ 
what. Because of the finer resolution Fig, 2.5.11.2b for solution 17 reveals the shock structure much 
better than Fig. 2.5.11.2a for solution 16. The calculated shock pattern agrees well with the Schlieren 
photograph (see chapter 2.2 and Ref. 2.5.9). Disregarding the coarser isobar resolution of contribution 
16 both Navier-Stokes solutions agree well to ea h other with respect to the isobars and iso Mach lines 
(Figs. 2.5.11.3a and b). 

The surface pressure distribution (Fig. 2.3.11.1b) exhibits excellent agreement between solution 16 
and the experimental values (except the first one) on the boattail including the pressure drop at the 
boattail end. But it would be not fair to state Less accuracy for solution 17 since the differences ap¬ 
pear to be mainly due to the deviations already present at the cylindrical body which are caused by the 
different computational approaches. If we consider an adjustment of the (^-values to zero on that portion 
of the body the agreement of solution 1? with the experiment would probably be even better than that of 
solution 16. These arguments hold aLso for the drag build up (Fig. 2.3.11.2b) which ia in excellent 
agreement with the experiment for solution 16. 

The centerline values of solutions 16 and 17 (Figs. 2.3.11.3 to 2.3.11.6) are similar up to the 
first peaks and the peak positions agree also with the Euler solution 3 but the peak heights are quite 
different from the Euler solution. 

The base drag (Fig. 2.3.11.7) is somewhat too low for solution 16 whereby a possible variation 
across the base in reality should be kept in mind while it 19 too high for solution 17 reflecting the 
lower base pressure level shown in Fig. 2.3.11.12. The boattail pressure drag values (Fig. 2.3.11.8) may 
coincide after applying a correction as suggested above and the skin friction drag (Fig. 2.3.11.9) shows 
the typical difference already discussed above. The total boattail drag values (Fig. 2.3.11.10) are al¬ 
most identical. 

Finally, with respect to the pressure distribution in the exit region (Fig. 2.3.11.12) the Navier- 
Stokes solutions agree well to each other (considering the differences within the Jet to be natural as 
discussed above) except at the base surface. It may be mentioned that the Euler solution 3 gives the best 
base pressure prediction at the measurement position although the pressure agreement on the boattail is 
only fair. 


2.5.3.12 


Test Case 12 (Participants 17 and 16) 


The geometry of test cases 11 and 12 is Identical but the static pressure ratio is increased to 6 
for teat case 12. the velocity vector plots (Figs. 2.S.12.la, b and c) reveal essential flow field featu¬ 
res. The Isobars of both solutions (Fig. 2.5.12.2a and b) reflect clearly the main features of the 
Schlleren picture from experiment. The iso Mach line patterns within the plume (Figs. 2.5.12.3a and b) 
are similar to each other despite some quantitative deviations. The strong shock angle is clearly 
shown. Neither solution 17 or 18 show the weaker precursor shock or the associated flow separation. 

The pressure distributions on the boattail are shown in Fig. 2.3.12.1b. Solution 17 differs only at 
the very end from chat for case 11 and may be corrected as supposed there. Solution 18 reflects partially 
the large pressure peak measured at the boattail end which corresponds to the higher base pressure. The 
drag build up (Fig. 2.3.12.2b) is too high for solution 17 because of the reasons already known and solu¬ 
tion 18 follows this trend up to the middle of the boattail where it changes to a consecutive underpre¬ 
diction. 

On the centerline (Figs. 2.3.12.4 to 2.3.12.6) solution 17 predicts expansion peaks within the jet 
which occur downstream of the mesh boundary of solution 18. The predicted base drag values exhibit only 
fair agreement with the experimental value compared to the results of other methods (Fig. 2.3.12.7). Both 
'' ier-Stokes solutions agree well to each other with respect to the boattail drag (Fig. 2.3.12.8) and 
.ose values are not far from the experimental result. The prediction of solution 17 can probably be 
.urther improved by applying corrections to the pressure distribution as discussed above. The base pres¬ 
sure level shown only for solution 17 in Fig. 2.3.12.12 is again somewhat too low compared to the experi¬ 
mental value. 
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Fig- 2.5. J.3 b: Iso Mach lines, Test Case 1, solution 17 






Velocity vectors. Test Case 


















Fig. 2.5.2.2 a: Isobars, Test Case 2, solution 16 



Fig. 2.5.2.2 b: Isobars, Test Case 2, solution 17 



Fig. 2.5.2.2 c: Isobars, Test Case 2, solution 18 








Fig. 2.5.2.3 a: Iso Mach lines. Test Case 2, solution 16 
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Fig. 2.3.2.3 b: Iso Mach lines. Test Case 2, solution 17 



Fig. 2.5.2.3 c: Iso Mach lines, Test Case 2, solution 18 









Fig. 2.5.3. I a: Velocity vectors. Test Case 3, solution )6 



Fig. 2.5.3. ! h: Velocity vectors. Test Case 3, solution 17 
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Fig. 2.5.3.1 c: Velocity vectors. Test Case 3, solution )? 
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Fig. 2.5.9.2 b: Isobars, Test Case 9, solution 17 Fig. 
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Fig. 2.5.10.2: Isobars, Test Case 10, solution 17 
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Fig. 2.5.10.3: Iso Mach lines. Test Case 10, solution 17 
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2.6 


CONCLUSION AND RECOMMENDATIONS 


:w 


This theory assessment has attempted to provide an understanding of the state-of- 
the-art for predicting nozzle afterbody flow interactions. Because the working group 
agreed to restrict the assessment to axisymmetric nozzle configurations at zero angle- 
of-attack, the assessment does not provide a complete picture of the state-of-the-art 
for predicting the interference effects of the engine installation on complete airplane 
or missile aerodynamics. However, because axisymmetric prediction methods are in a more 
advanced state of development than three-dimensional methods, the assessment does 
provide insight into the potential capabilities of analytical methods for predicting 
nozzle afterbody flows. Because of the rapid changes occurring in computational fluid 
dynamics, this assessment provides only a "snapshot" of the capabilities of theoretical 
methods at about the middle of 1984. The rapid growth and improvements of computers and 
in theoretical methods should, in the future, provide significantly better methods for 
predicting the effects of engine installation on airplane aerodynamics. 

The results of the present theory assessment can be summarized as follows: 

o The assessment criteria for theoretical methods should be based on the 
agreement with measured surface pressure distributions and flow field 
characteristics and not on boattail pressure drag. The present assessment 
clearly shows cases where there is very good agreement between predicted and 
measured drag but where the agreement between measured and predicted surface 
pressure distributions are very poor. 

o Inviscid methods can be used to provide reasonable estimates of wind tunnel 
wall interference effects. While not investigated in the present assessment, 
it is also clear that inviscid methods can be used to evaluate support 
interference effects. In addition, inviscid procedures can be used to provide 
first order predictions of the occurrence of boundary layer separation when 
used in conjunction with boundary layer calculation methods. 

o At subsonic speeds some of the inviscid/viscous interaction methods provided 
good prediction of the surface pressure distributions on the sharp-lip nozzle 
test cases, reasonably good prediction of the location of boundary layer 
separation, and reasonably good prediction of nozzle pressure drag. 

o For the supersonic blunt base test cases, the multiple-component methods 

provide a reasonable prediction of base pressures, acceptable prediction of 
separation location on the boattail, and reasonably accurate predictions of 
the nozzle afterbody pressure drag. 

o The Navler-Stokes solutions were in good agreement with the experimental 
surface pressure distributions up to the location of any boundary layer 
separation. Because of the poor agreement downstream of separation, the 
predictions of boattail pressure drag by the Navier-Stokes methods were 
unreliable. The discrepancies downstream of separation were possibly due to 
the turbulence models used. For the blunt base test cases, the Navier-Stokes 
methods provided detailed flow field information and, for some cases, provided 
good prediction of base pressures. It appears that the Navier-Stokes 
solutions can provide the experimenter with a valuable diagnostic tool to be 
used to understand the physics of nozzle afterbody flows. 

o Both inviscid and inviscid/viscous interaction methods usually predicted 

correct trends in pressure distributions and boattail pressure drag as wall 
blockage was changed and as jet temperature was changed. One Navier-Stokes 
method was used to predict the effects of Jet temperature, and the correct 
trends were indicated. 

o Today’s Navier-Stokes calculations generally cost from 5 to 20 times as much 
as an inviscid/viscous interaction calculation on the same super computer. 

The cost of multiple-component methods is negligible. The rapid increases in 
hardware technology and improvements in numerical techniques currently 
underway may soon make axisymmetric Navier-Stokes codes inexpensive enough for 
production calculations. 

As a result of the assessment of theoretical capabilities made by the working 
group, the following recommendations are made; 

o Computational research should be undertaken to improve two-dimensional 

modeling of the separation region for inviscid/viscous interaction methods. 
Navier-Stokes code development should continue with concentration on grid 
generation, solution algorithms, turbulence modeling, and user friendliness. 
Detailed studies of the effect of turbulence modeling on practical trailing 
edge problems should also be undertaken. Emphasis should be given to the 
development of methods for three-dimensional flows. Zonal approaches as well 
as complete 3-D Navier-Stokes solutions should be pursued. The 13 AGARD test 
cases used In the present assessment should be used as a basis for these 
theoretical developments. 
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o For present Jay engineering applications, invisc iu/v iscous interaction methods 
and multiple-component methods can be used for design guidance. For 3-D cases 
inviscid methods with a 3-D boundary-layer calculation should be used, in par¬ 
ticular to give indications of likely separation. \avier-Stokos calculations 
should be used for diagnostics of the flow about simple configurations. 


o Careful "test case" experiments should be undertaken to provide flow field 
details for the development of turbulence models. Fundamental studies of 
thick boundary layers merging with thin boundary layers at different energy 
levels {characteristic of initial regions of shear layer between internal and 
external flows) should also be undertaken. These experiments should be made 
at subsonic, transonic, and supersonic speeds. Emphasis should be given to 
transonic speeds for cases where strong shock interactions occur. 

Measurements of body pressures, tunnel wall pressures, body and wall boundary 
layers, flow field velocities, and all Reynolds’ stresses in separated flow 
and mixing regions should be made. In all of these experiments careful 
measurements of all flow quantities should be made at an inflow boundary 
normal to the model and well upstream of the nozzle exit. Finally, data 
similar to that obtained for axisymmetric configurations should be acquired on 
simple generic 3-D models with well-defined geometry. 




EXPERIMENTAL ASPECTS 


It is generally accepted that one of the best proofs of the validity of a theory 
is the experiment. On the other hand# theory has helped in many cases to improve the ex¬ 
periment. Examples of this mutual benefit are the detection of systematic errors, the 
better understanding of available test results, improved concepts for future tests and 
the monitoring/controlling of the boundary conditions in a wind tunnel test section, to 
list just a few, but important items. 

The following chapters deal with the experimental side only. They are not meant 
to be a data base for afterbody drag but highlight some topics in experimental afterbody 
aerodynamics in which progress has been achieved in the past ten years or draw backs 
have been encountered; in some cases simply the present state of the art is described. 
Prime emphasis was placed on afterbodies with propulsive jet(s); nevertheless many re¬ 
sults presented here will be useful also for afterbodies without jets. 


3.1 GENERAL CONSIDERATIONS 

Before discussing the very specific subjects of jet simulation (chapter 3.2), 
testing techniques (chapter 3.3), flow instabilities (chapter 3.4) and errors and cor¬ 
rection methods (chapter 3.5), a few general considerations will be presented in the fol¬ 
lowing to illustrate 

a) the influence of afterbody drag changes on other parts of the aircraft, 

b) the magnitudes of afterbody drag and its sensitivity to pressure integration, 

c) the correlation of afterbody drag with some key parameters like effective 
base area, boattail angle, engine spacing, nozzle interfairings, centre 
base pressure and afterbody mean slope. These correlations are by no means 
reliable enough to replace an accurate measurement, but can in many cases 
be used to predict a trend or drag increment. 


3.1.1 Extent of Afterbody Drag Changes 

According to the conventional definition*) afterbody drag is the sum of pressure 
and friction drag of that portion of the fuselage which extends downstream from the maxi¬ 
mum cross-section. Normally, these absolute drag values are of minor relevance except if 
they are used for the verification of computational methods, for the prediction of local 
aerodynamic loads or for the determination of the best distribution of the instrumenta¬ 
tion. 


In practical aircraft development, i.e. in optimizing the overall drag and in es¬ 
tablishing the drag pclars of the complete aircraft, only afterbody drag changes relative 
to a reference aircraft configuration are used. To date these changes have to be measured 
since the computed values are not yet accurate enough on complex aircraft configurations 
at subsonic flight speeds. This is particularly true when boattail separation is present. 
If in such measurements the afterbody is attached to a balance while the forebody remains 
non-metric, careful consideration must be given to the forebody drag changes induced by 
modifications on the afterbody at subsonic speeds. The order of magnitude of this up¬ 
stream influence for isolated, axisymmetric fuselages (defined in Fig. 3.1.1) is shown 
in Table 3.1.1 to be ACpp pg « 0,002. Whether this value is of relevance depends on the 
test objective. 
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Fig. 3.1.1 Model cross-sectional area 
distribution, MBB-After- 
bodies No. 1 to 5 (Ref. 3.1. ) 


*) Note: A more sophisticated definition 
of pressure drag is given in 
Ref. 3.1.22 (difference between 
real and potential flow pres¬ 
sures) . However, for actual test' 
ing of slender 3-D bodies this 
definition is less practical be¬ 
cause of the required effort in 
computational accuracy. 
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Fig. 3.1.2 Model cross-sectional 
area distribution 
(Ref. 3.1.6 and 3.1.3) 
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Table 3.1.1 Effect of afterbody geometry on forebody drag change. Ref. 3.1.3 
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Table 3.1.2 Comparison of afterbody pressure drag changes. Ref. 3.1.3 



1 

2 

3 

4 

5 

6 

7 







Change of forebody drag 








relative to 


Source 

Change in 
afterbody 
boattailing 

Metric 

break 

at 

x/L 

i CD FB 

Complete body 
pressure drag 

Change in 
afterbody 
pressure 
drag 






- ,C D 

™,% 

ic D FB » 







^D CB 

CC D AB 


Ref. 

Fig. 

3.1.1 

13 

AB1 -*• AB5 

0,5 

0,0030 

23 

3,6 

.4,5 

' A 



15 deg -•* cylindrical 

0,5 

0,0018 

29 

.... 

4,7 

-5,3 

B 

Fig. 

14 

Cylindr. -*■ contoured 

0,8 

0,0022 

35 

1 0 

♦ 1 6 

' C 

7 5 deg con toured 

0,9 

0,0022 

70 

5,8 


11 


Table 3.1.2 relates typical forebody drag changes obtained by AEDC to the pres¬ 
sure drag of the complete body (columns 5 and 6). For example, replacing the cylindrical 
boattail by the contoured one (defined in Fig. 3.1.2) raises the forebody pressure drag 
by 35 % or 10 %, depending on whether referred to the pressure drag of the complete body 
with the low or high drag afterbody (line C). Column 7 relates the pressure drag changes 
on the forebody to those on the afterbody. The negative sign indicates that the corres¬ 
ponding changes on forebody and afterbody vary in opposite directions. In line D, for ex¬ 
ample, 12 % of the afterbody improvement is compensated by the associated drag increase 
on the forebody. 

In testing actual aircraft geometries with nonmetric forebodies, the metric break is of¬ 
ten placed near the trailing edge of the wing, i.e., downstream of the maximum fuselage 
cross-section. With variable wing sweep aircraft this station may be as far downstream 
as x/L = 0,7 up to 0,8. This aggravates the situation, as the upstream influence becomes 
more pronounced compared with a metric break at x/L = 0,5. Frequently the wing is also 
nonmetric, i.e., it can be regarded here as part of the forebody. At subsonic speeds any 
changes in afterbody flowf.eld will also affect the wing, in particular when the wing is 
in its swept back position. For a typical afterbody flowfield variation, like afterburn¬ 
ing on/off, this induced pressure drag change on the wing is estimated to be of the order 
of 5 % of the pressure drag of the complete fuselage (Ref. 3.1.2). For a complete trade¬ 
off this value has to be added to column 5 in Table 3.1.2. 

Sometimes it has been argued that these induced changes on the forebody are too small to 
be taken into account, and particularly so when comparing them with the total drag of the 
complete aircraft model: a typical upstream influence of ACdp FP = 0,002, as shown in 
Table 3.1.1 for isolated fuselages, becomes roughly 0,0002 when referred to the area of 
the wing rather than to that of the body cross-section, and two drag counts are normally 
near the limit of the accuracy attainable in complete model force measurements. However, 
optimizing the drag of the complete aircraft requires optimization of many, also small, 
drag sources. In addition, these small pressure drag changes are measurable or can be 
computed by conventional methods at subsonic speeds. That is, although theory may fail 
to compute absolute local drag values accurately enough, it is probably well suited to 
compute the upstream propagation of small pressure increments measured by a few check 
points near the metric break. In this context, it is suggested to call afterbody drag 
changes which comprise not only the local changes on the afterbody itself but also those 
changes induced on all other portions of the aircraft, global afterbody drag changes. 
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Tig. 3.1.3 The problem of obtaining the difference 
of almost equal magnitudes 


Afterbody Drag Magnitudes and Sensitivity to Pressure Integration 


An idealized, axisymmetric fuselage of 15 % relative thickness (afterbody No. 1) 
showed at Mod = 0,8 and zero incidence roughly the following positive and negative axial 
pressure forces acting on the four model portions having solely positive and negative 
pressure coefficients respectively (see Fig. 3.1.3, data from Fig. 7 in Ref. 3.1.1): At 

subsonic speeds the posi- 
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buildup in subsonic and supersonic flow Slope technique described 

at the end of this chapter 
(para 3.1.3.3). As a re¬ 
sult, improvement is necessary in both, the empirical and theoretical methods. A 
more comprehensive discussion on measurement errors will be presented in chapter 3.5. 


Cq P is the 
drag coef¬ 
ficient ob¬ 
tained by 
integrat¬ 
ing C P from 
0 to any 
x/L (i.e. 
drag build¬ 
up) 


\v 


Fig. 3.1.4 Pressure distribution and pressure drag 
buildup in subsonic and supersonic flow 


At supersonic speeds the problem of obtaining the difference between two almost 
equally large values no longer exists: apart from the pressure rise in the region of the 
trailing edge shock there is virtually a monotonic increase in pressure drag with the dis¬ 
tance from the nose of the body as shown in Fig. 3.1.4. That is why in supersonic flow the 
pressure drag is considerably easier to evaluate than in subsonic flow (larger tolerable 
error ACqp for the same percentage accuracy). Apart from attaining the maximum flight speed, 
however, the relative importance of the afterbody drag of turbojet powered aircraft is much 
smaller in supersonic flow than in subsonic flow, as will be shown in the following. 

The variation of forebody, afterbody and complete body pressure drag with Mach number is 
shown for bodies No. 1 and No. 5 in Fig. 3.1.5, reproduced from Ref. 3.1.1. From the rais¬ 
ed level in pressure drag coefficient at supersonic Mach numbers one could be misled into 
assuming that afterbody drag at supersonic speeds is particularly large and important al¬ 
so for combat aircraft with afterburners. 
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Fig. 3.1.5 Relative magnitudes of subsonic and supersonic pressure drag (Re=21,7.10°) 
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*) Note: This approximation 
does not hold for 
the "convergent cusp" 
configuration 
l Af/F i / 0 at super¬ 
sonic speeds) 

Fig. 3.1.6 (Ref. 3.1.7) suggests 
that rather the opposite is cor¬ 
rect: in one test series all 
12 twin jet afterbody configura¬ 
tions of a combat aircraft project 
experienced at subsonic speeds 
thrust minus drag coefficients Cp 
which were lower than that of the 
single jet reference model by up 
to 0,225. In these tests the thrust 


of each model was very close to 

Fig. 3.1.6 Magnitudes of thrust-minus-drag that of the single jet reference 
coefficient at subsonic and model and so ACf is approximately 

supersonic flight equal to (DModel - Dslngle Re f.)/Fi 

as explained in the same figure. 

A ACp - 0,225, therefore, means that the drag of the worst configuration was higher than 
that of the reference model by about 22,5 % of the ideal gross thrust. With an assumed 
ratio of gross thrust to net thrust of two and with net thrust = drag it follows that the 
aircraft with the worst afterbody had about 45 % more aircraft total drag than an air¬ 
craft with the idealized afterbody. The idealized or single jet reference afterbodies are 
characterized by a boattail of linear distribution of the cross-sectional area, by zero 
base area and by a single jet the throat area of which is equal to the sum of the throat 
areas of the twin jet models. The reference model for the subsonic flight regime had a 
convergent nozzle with a very gradual contraction while the supersonic reference model 
had an idealized convergent/divergent nozzle matched for M« * 2. In order to provide the 
linear cross-sectional area distribution together with a shallow boattail the subsonic 
reference model had to be increased slightly in length. The reference models are consid¬ 
ered as being the aerodynamic optima. Their main advantage over other reference models 
with cylindrical boattails is that during an optimization study they indicate how far 
from the aerodynamic optimum a particular configuration still is and whether further ef¬ 
forts are worthwhile. 


Purely from aerodynamic viewpoint, i.e. disregarding nozzle weight and complexity, 
it will be shown in chapter 3.1.3 that twin jet afterbody configurations can be designed 
such that they reduce the above 45 % of additional aircraft drag at subsonic flight speeds 
to about 4 % for a boattail angle B * 15® (Fig. 3.1.11) and to about 3 % for B = 10® to 12 
(Fig. 3.1.10). Hence enormous performance improvements seem possible for combat aircraft 
assigned for long range missions in which nozzle weight is of secondary importance. 

Fig. 3.1.6 shows further that in the high supersonic regime the drag of the same models/ 
nozzle concepts was only up to 3 % of the ideal gross thrust higher than that of the su¬ 
personic reference model (ACp = 0,03). This is explained by the fact that the nozzles were 
here in the maximum reheat position: the ideal gross thrust is considerably higher and the 
projected areas of boattail and base are reduced due to the larger exit diameter of the 
matched convergent/divergent nozzles. 


The only model having a simple, short flap convergent nozzle with a cusp base 
("convergent cusp") experienced a higher ACp. This is explained by the relatively high 
thrust losses of a convergent nozzle at high jet pressure ratios ( %10 at H* = 1,9). Sub¬ 
tracting those losses from the measured ACp of the "convergent cusp" yields a negative 
value (caused by the post exit thrust). This means that the afterbody drag of this model 
was smaller than that of the supersonic reference, the optimum (T-D) configuration. This 
example illustrates again the close interrelation between drag and thrust. If one of the 
two components is optimized separately, precise assessment of the interface, particularly 
in the experiment, is required. This problem will be further expanded in chapter 3.3 on 
testing techniques. The thrust-minus-drag coefficients in Fig. 3.1.6 were obtained from 
cold jet model tests. No attempt has been made to correct these data to the true jet tem¬ 
peratures. This will be dealt with in chapter 3.2.1 on "Jet Temperature Effects". 


Similar results as in Fig. 3.1.6 are shown in Fig. 3.1.7 for three different 
types of afterbody/nozzle combinations. These data were derived from wind tunnel tests 
conducted by SNECMA (Ref. 3.1.8). Two of the afterbodies shown are actually being flown 
(configurations "C" and "TSS"). The third configuration ("CD") is a more or less venti¬ 
lated ejector with variable boattail angle. In a similar manner, the shroud of the TSS 
has variable trailing edge flaps, which move outward to a cylindrical position at M™ > 1,2 
At smaller flight Mach numbers the boattail angle of these flaps is a function of M* and 
varies between 5® and 20®. Tertiary flow then exists. Its drag is included in the external 
drag of the afterbody. The secondary to primary mass flow ratio W s /Wj is of the order of 
9 % for the TSS and Is charged with the free stream momentum. In contrast, the other two 
nozzle concepts (C and CD) have only small amounts of secondary flow, W s /w^ being about 
0,5 %. Therefore its entry drag (free stream momentum) has been neglected nere, particu- 




larly as this flow has already been used to cool other aircraft components and has been 
charged there. It is clear that in an aerodynamic optimization all three flows have to 
be taken into account. 



The reference value, F*B, is the ideal gross thrust of the primary and secondary 
flows. The curve "C" IDEAL, therefore, gives the thrust losses of an ideal convergent 
nozzle resulting from incomplete expansion. The full lines "C" , "CD", and "TSS" represent 
the internal ejector nozzle performance including the pressure force on the base. Perfor¬ 
mance including the external afterbody drag is shown by the dashed lines. 

The losses in gross thrust of a convergent nozzle depend primarily on the jet pres¬ 
sure ratio. In the present example they are as high as 10 % at M„, - 2,0 (curve "C" ideal, 
linear approximation). Due to the overpressure created by the expansion of the jet down¬ 
stream of the nozzle, these thrust losses are partly compensated by the associated increase 
in base pressure. The total loss, therefore, is reduced from 10 % to 7,5 % (curves "C"). 

In spite of this recovery in losses, this configuration is aerodynamically much inferior 
when compared with the good performance of the CD concept having a total loss of only 2 %. 

In summary, for good performance at higher supersonic flight Mach numbers it is im¬ 
portant to expand the primary flow in a convergent/divergent nozzle. The external drag, on 
the other hand, is relatively unimportant. In the present example it is zero at M* =2,0 
and only 2 % of the ideal gross thrust F*B at M<» = 1,2- At subsonic cruise, the situation 
is reversed with the predominant performance penalty being caused by external afterbody 
drag (difference between full and dotted curves). Note that Figure 3.1.6 shows at = 2,0 
quite similar results obtained from a different investigation: the configuration "conver¬ 
gent cusp" yields a change in thrust minus drag coefficient ACp = 0,06 which compares well 
with the (AF-D)/F*B = -7,5 % for the "C" afterbody in Figure 3.1.7. The difference in sign 
and magnitude is due to the different definitions of ACp and (AF-D)/F*B. Also, the jet 
pressure ratio was lower in Figure 3.1.6. 

The examples discussed in Fig. 3.1.6 and 3.1.7 show that it is important to con¬ 
sider the losses in internal thrust as well as those attributed to external drag when de¬ 
termining afterbody installed performance across the Mach number range. As will be shown 
in chapter 3.3, the experimental measurement of these losses can be difficult. 


3.1.3 Some Useful Correlations 

To date there is no empirical or semi-empirlcal method which gives predictions of 
afterbody performance (i.e. thrust-minus-dray) to a similar degree of accuracy as high 
quality measurements. However, orders of magnitudes and general trends in afterbody drag 
can be predicted with the aid of published data. In Ref. 3.1.7 for example it was shown 
how boattail angle, nozzle Interfairings, engine spacing and base areas affect the after- 




body performance of a typical twin jet, long leaf nozzle configuration at subsonic cruise. 
An extract of the main results will be briefly repeated in the following together with 
more recent results on the influence of base area, centre base pressure and afterbody 
mean slope. 


3.1.3.1 Effect of Engine Spacing and Nozzle Interfairing 





Fig. 3.1.8 


Optimization of engine spacing from two 
different investigations, Ref. 3.1.7 


Fig. 3.1.8 shows 
the variation of 
incremental after¬ 
body drag with 
nozzle spacing: 

There is a clear 
aerodynamic opti¬ 
mum for spacings 
s/d e as close as 
2,5 to 2,7. The 
drag values at zero 
spacing were ob¬ 
tained from a con¬ 
figuration in which 
the jet pipes and 
the two Iris noz¬ 
zles were squeezed 
together to form 
non-circular, double- 
D shaped exits. Note 
that the ACp is re¬ 
ferred to the single 
jet reference model 
having the minimum 
total (= friction + 
pressure) drag. This 
definition of ACp 
applies to all fig¬ 
ures from Ref. 3.1.7. 
Note also that, 
throughout the pre¬ 
sent report, Cd is 
referred to the max¬ 
imum fuselage cross- 
section unless la¬ 
belled by () + . In 
such cases the ref¬ 
erence area is the 
wing planform. 
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Fig. 3.1.9 Effect of boattail angle and interfairing. Ref. 3.1.7 


The beneficial effect of a fairing between the two nozzles is shown in Fig. 3.1.9: 

The presence of the interfairing reduces the draq by a larger amount than a reduction 
of the boattail angle from 20° to 10° does, that is AACd ~ 0,015 as compared with 
AACd ~ 0,010. The combination of both, interfairing and shallow boattail of about 11 de¬ 
grees, results in the "absolute" minimum realistic total afterbody drag of a twin jet 
fighter configuration (ACq = 0,003). Still lower boattail angles would result in an in¬ 
crease of drag due to greater friction from the increased length to achieve the same zero 
base area. 
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= estimated effective base area Ab e ff includes 
also annular gap between shroud and throat of 
convergent nozzle 



0/12(Ab eff/Amax) + 0/024 



Fig. 3.1.11 Correlation of total afterbody drag 
(pressure plus friction) with effec¬ 
tive base size, Ref. 3.1.9 


of the fuselage (Phantom-type 
configurations). Fig. 3.1.11 
shows the variation of after¬ 
body total drag (i.e. pressure 
plus friction) with the effec¬ 
tive base area. In these tests 
the geometric base size varied 
due to the different indenta¬ 
tions ("gullies") between the 
nozzles and due to the differ¬ 
ent shroud and throat diameters. 

The trailing edge boattail angle 
was 10° and 15°, the sum of the 
two throat areas, A e » was 7 % 
and 13 % of the fuselage maxi¬ 
mum cross-section A max , while 
the effective base areas ranged 
from 0 % to 26,1 % of A max . The 
jet pressure ratio had different 
values for each Mach number test¬ 
ed corresponding roughly to those 
encountered in subsonic cruise 
(see Table 3.1.3). "The values 
for the smaller nozzles, which 
represent a lower bypass ratio 
engine, have been taken as 1,5 
times those of the larger nozzles 
so that the comparisons are made 
at approximately the same net en¬ 
gine thrust" (Ref. 3.1.9). 

It is remarkable to note that the 
total drag of all models of 
class 1 and 2, a total of 21, in¬ 
creases approximately linearly 
with effective base size for 
0,7 < Mco < 0,95: 

C DP AB K 0/ 1 2Afceff/A max + 0,006 

For different jet pressure ratios 
and also for higher Mach numbers 
(e.g. Mo. = 1,3) this simple rela¬ 
tionship is less successful, ac¬ 
cording to Ref. 3.1.9. A further 
example of the effect of base area 
on afterbody pressure drag was pub¬ 
lished by McDonald and Hughes for 
an "interceptor type aircraft" as 
far back as in 1965 (Ref. 3.1.15). 


Table 3.1.3 Values of P t j/P«> for Fig. 3.1.11 



Fig. 3.1.12 shows this correlation 
of increase in aircraft drag versus 
the square of the base diameter. 
Note that, in contrast to the other 
diagrams, the parameter on the ab¬ 
scissa includes the jet area. Ac¬ 
cording to Ref. 3.1.15 this corre¬ 
lation holds for 0,6 < M*. < 0,9, 
but probably does not hold for 
conical afterbodies with boattail 
angles greater than 8® or for 
curved boat.ails (circular arc and 
parabolic) greater than 16°. 


Yet another example of the same interrelation is shown in Fig. 3.1.13 by the solid curves 


(D). They have been reproduced from Ref. 3.1.10 and represent a synthesis of the results in 


Ref. 3.1.9, 11, 12 and 13. It is assumed that the influence of boattail angle B would large¬ 
ly disappear, had effective bases been used instead of geometric ones. For comparison pur¬ 
poses also the linear relationship of Fig. 3.1.11 is shown as dashed line E. Apart from the 
lower values curves D and E agree quite well. This may be expected since the data of curve E 


were also used to establish the curves D of the original diagram. 


In Fig. 3.1.14 the correlations of Figs. 3,1.10 (curve C) and 3.1.12 (curves A, B) 
are compared with each other. For this purpose the curves of Fig. 3.1.12 were converted as 
follows: 

C DP AB % ac Do a/c = ( C DT FB ' const = 0,140)/(Cj) O a/c/^Do ~ 1 ) 
with Cdt FB * C Do a/c “ CDP AB. 

In this conversion it is assumed that the zero lift drag of the aircraft minus the pressure 
drag of the afterbody stays constant. In addition, the abscissa values of Fig. 3.1.12 were 
reduced by 0,080 * const to convert (Ab ♦ Aj) into Ab. This implies that Aj is constant in 
Fig. 3.1.12 and equal to the lowest flight test point, at which Ab must then be zero. Per¬ 
fect agreement is now shown for the correlation curves B and C. However, because of the 
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Fig. 3.1.12 Increase in aircraft profile drag 

due to the sum of jet and base areas, 
Ref. 3.1.15 
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assumptions made above, this agreement could be 
fortuitous (for example, had a more representa¬ 
tive jet area ratio Aj/Amax = 0,10 been used in¬ 
stead of the above 0,o80, curves A and B would 
be slightly shifted to the left in Fig. 3.1.141. 
Therefore, additional wind tunnel results from 
the early Tornado development phase were also 
plotted in the same figure as points No. 1, 2 
and 3 (Ref. 3.1.19,20) They confirm curves B 
and C. This is quite remarkable since very 
different wind tunnels, testing techniques and 
aircraft configurations were involved. 

Curve C was obtained from a test series 
in the Boeing 8 ft x 12 ft Transonic Wind Tun¬ 
nel for the US/FRG AVS (Advanced V/STOL Weapon 
System) project during 1965 - 1967. Thrust minus 
drag was measured on a model with metric fore¬ 
body without wing. This forebody did not dupli¬ 
cate the Tornado but rather the "Iliad" config¬ 
uration. Point No. 1 represents an early Tor¬ 
nado configuration with a slightly shortened 
forebody (model 20A) tested in the same wind 
tunnel with the same test set-up. Points No. 2 
and 3 represent also early Tornado configura¬ 
tions, however, tested with model 20B in a dif¬ 
ferent (the ARA 8 ft x 9 ft) Transonic Wind Tun¬ 
nel. In contrast to model 20A this model had a 
non-metric forebody and a (non-metric) wing. 

The one-component balance did not record thrust 
but afterbody drag only. While the afterbody 
pressure drag values were readily obtained from 
incremental force measurements conducted by MBB 
(Ref. 3.1.19), the effective base areas were 
taken from an independent assessment made by 
BAe (Ref. 3.1.20). 


Fig. 3.1.13 Correlation of afterbody 
pressure drag with base 
size, without empennage. 
Ref. 3.1.9 and 10 
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Fig. 3.1.14 Correlation of afterbody 
pressure drag with base 
si 2 e, with and without 
empennage, Ref. 3.1.23 


There seemed to be a clear discrepancy 
between the trends shown by the curves ABC and 
DE. Reanalyzing the ARA data (curve E) in 1984 
for the same jet pressure ratio as for curve C i.e. for Pti/P® = 2,5, did not resolve the 
discrepancy: variations in jet pressure ratio between 2 and 3 had little effect on after¬ 
body drag (Ref. 3.1.18). The most probable reason for this discrepancy finally turned out 
to be the presence of the empennage. Curves A and C and also the points No. 1, 2 and 3 
apply to twin jet configurations with empennages while curves D and E represent configu¬ 
rations without empennages. Curves D apply to single jets and curve E to twin jets. The 
number of jets, therefore, seems to have little effect on afterbody drag. Points No. 2 
and 3 were tested not only with but also without empennage. 
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Fig, 3,1.15 Afterbody drag prediction procedure. Ref. 3,1.17 







From the measured difference in afterbody drag the computed profile draq was sub¬ 
tracted to obtain the interference draq. For the horizontal tail an interference draq co¬ 
efficient of 0,010 was found; the cor responding value for tnr? fin was 0,005. The sum of 
the two (0,0TS) is subtracted from points No- 2 and ) in Fig. 3.1.14. These new points, 
No. 2a and 3a, come closer to curve E but do not quite reach it. 

On the whole, fair agreement exists. That is, the trends and the orders of magni¬ 
tudes seem to be correct. Therefore, for very rough estimates Fig. 3.1.14 could be used 
to predict afterbody drag and drag changes purely from measured or estimated magnitudes 
o£ separated flow areas. Further work should be undertaker, to find out whether better 
agreement between the correlation curves ABODE can be obtained. 


J . 1 . 3.3 Effect of Af ter b ody Mean Si ope 

In 1972 Swavely .:nd Soileau (Ref. i. ’. ’6) preserved a ret hod which correlated 
afterbody pressure drag with tire Integral Mean .-1 g.e (IMi i f it r e: h.-d: t*s. Accord mg ?• 
Brazier and Ball this method "failed for rent i gui at o r.s v\ «»• pi * a involved regions 

of steep slopes aft of the point where separator. , •<-.’ur suggested, therefore, the* 

Truncated Integral Mean Slope (I MSt ) approach (Ref. * . * . 1 ” < «- r- : i f o mi i-. r. of * he ng- 
mal method. 

In essence, this now method replaces the xea; ii «■'« >f the afterb 
cross-sect iona 1 area distribution by a spec i f ; *• .i .*• ax ; gr >. * ; f i -r t he p* 

which the real slope distribution uxieeJs Mas : ;p«.*c 1 i :. : -a*..: . s «y : r.f ♦ •qra? ;ng fh 
cated slope distribution over the projected afterb '.:, in:. .. .- A rA * * A i the rear. 

I MSt is obtained. The afterbody pressure irag is tf.*-: ; .**••. a - '-xj l.iaci ir. 

The effectiveness of the I MSt method j s .-?■ wr • '■ . :. •.*.*« . T h *•* data were L- 

tained for a wide range of variables, that is i *. r single ir. : • w :vertical tails, nozzle 

exit (let) areas Aj/Amax = 0, 0 - 0,40; afterb*. dy lengths X j * ',<2 - *,*'•; er.gxr.e s pac¬ 
ings S/D e q = 0,671 - 1,280 and for 3 matched n.*z/lc exit : : vss.u t* rat.*.: « . = F * . Bearing in 

mind that this method does not take into account t hr :; r *-r.s i r.al effects, tr.e agreement 
between measured and computed afterbody pressure drag ap; ears t be red onatiy good ( C'jp < 

• ♦ 0 , 02 ). 

3. 1 . 3 . 4 Co rr el at ion *. t B a se_ Pressure with 
A fterbody Drag 

During Tornado flight development minor 
geometric changes t < the boat tail were required to 
correct an ifterbody buffet problem (sol also chap¬ 
ter 3.4 on afterbody flow instabilities), out of the 
many modifications tested a solution was finally se¬ 
lected which not only eliminated the buffet problem 
but at the same time reduced the drag of the aircraft 
by a large amount ( ‘.D/q-* • 1 ft 1 ), Ref. 3.1.14. 

To assess the drag changes of the flying 
prototype, among other methods, a centre base pres¬ 
sure correlation derived from wind tunnel tests was 
used. Fig. 3.1.17. This method proved to be powerful 
and simple: the accuracy is expected to be as good as 
the standard method with calibrated engines. This cor¬ 
relation will probably not hold for very large geomet¬ 
ric changes on the Tornado. For other aircraft types 
it is expected that a similar correlation can be found. 



Fig. 3.1.16 Correlation Method 
Errors, Ref. 3.1.17 
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Fig. 3.1.17 Correlation of afterbody 
pressure drag with centre 
base pressure, Ref. 3.1.14 


3.1.4 Concluding Remarks 


In the preceding paragraphs a few selected 
topics in experimental afterbody aerodynamics have 
been presented, some of which have received increased 
attention by afterbody specialists over the past years. 

Since a data base on afterbody drag was be¬ 
yond the scope of this report, some correlations of 
afterbody drag with a few key parameters have been in¬ 
cluded. These correlations could be useful to predict 
afterbody drag and to provide design rules during the 
conceptual phase of an aircraft programme when test 
results may not yet be available. Later, during proto¬ 
type flying, drag changes caused by afterbody modifi¬ 
cations may be assessed bv using the correlations of 
drag change versus in-flight measured centre base pres¬ 
sure. However, additional work is required to corrobo¬ 
rate the correlations presented above. Additional top¬ 
ics in experimental afterbody aerodynamics receiving 
considerable attention during the past 10 years are 
discussed in the following chapters. 
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3.2 JET SIMULATION 


■HTROPUCTIQN 

This section deals with the requirements for simulation of the exhaust jet in testing. It is implicit 
that meaningful tests on afterbody performance must account for or represent the forward interference 
effects of the presence of the jet. The mechanism wr.ereby the jet plume influences the external flow uver 
the afterbody is discussed in the first subsection 3.2.1 which deals primarily with the effects of the jet 
temperature. It is common practice to represent the hot flight jet by a cold jet in the wind tar.^e’. By 
analysing the mechanism of the influence of a jet‘plume into a solid body inviscid flow interference effect 
and a secondary viscous entrainment effect it is possible to define guide lines cf the separate ’•••?e*- , ere*- 0 ' 
effects and the means of modifying the cold jet pressure rat to better improve the total simuliti • * 

solid body and entrainment interference. 

The methods of providing a model exhaust jet in the p esence of intake flow are discussed 
subsections 3.2.2 and 3.2.3 for turbine powered simulators and for ejector drive simulators respectut'n 
The bias towards inlet flow provision in these simulators, as distinct from direct blow simulati r ..-t tne 
efflux only, is justified by the anticipation that many current airframe flow representations *-’’i ue :* 
close coupled configurations where inlet and exhaust flow interactions must be assumed to be sign f -z<i r t. 

Direct blow exhaust nozzle simulation is not discussed here as it is considered that, apart fro* t*e 
earth-metric coupling required, the techniques of direct blow are well understood and documented. 

Whilst discussing the use of simulators in the 3.2.2 and 3.2.3 subsections full rec grin--;*- ' 
of the difficulties of engineering models and their support systems to carry simulators whilst measuring 
interference-free forces and it is questioned whether the imposed interferences of the experiments are 
greater than the configuration interferences under investigation. With this theme in mine the fi^a 1 
subsection of this section 3.2 is devoted to the concept of the non-interfering support system for th* 
provision of datum drag levels. This technique of annular blown sting support is developed and disease- 
in subsection 3.2.4 which shows that results obtained this way will essentially be limited to low lift 
conditions and probably to reheat only afterbody configurations, althougn this latter limitation may be 
avoided if afterbody pressure drag via pressure measurement is sufficient. 

3.2.1. Jet Temperature Effects 

As far back as 1963 Ref. 3.2.1. by Pindzola indicated the need for quantitative relationships between 
afterbody pressure drag and jet parameters. At that time high temperatures associated with rocket plume 
effluxes were of more concern. However, more recent data has clearly indicated the significant magnitude 
of the effect of plume and efflux on the afterbody. In particular, flight data has shown unexplained d*-ag 
benefits due to reheat which had not been seen in cold jet model tests. 

In physical terms the development of the flow and pressures on the afterbody fig. 3.2.1. may bp 
considered to develop as follows: 

As the separated base o- 
the zero efflux flow 
condition is gradually 
filled the base drag is 
eliminated giving a sharp 
reduction in drag from the 
fully separated base 
condition. (1-2 Fig. 3.2.2) 

As efflux pressure is 
increased the jet flow 
entrains afterbody flow 
causing it to accelerate 
on the boattai1 giving 
rise to increased suction 
drag. (2-3) 

As the exhaust pressure 
ratio increases so the 
plume diameter increases 
as the efflux expands to 
freestream ambient (or near) 
conditions. The external 
boattai1 flow sees the plume 
as a solid body which 
increases in size as pressure 
ratio increases. The forward 
influence of this plume body 
causes the boattai1 flow to 
recompress giving forward 
thrusting pressures and 
reduction of boattai1 drag. 
(3-4) 

It is this increase of boattail pressure and reduction of drag which is referred to as post-exit 
thrust which is essentially related to the plume shape and the recovery of the under-expanded exhaust momentum. 
Hence the form of the post exit drag reduction of the traditional drag v pressure ratio curve. 



FIG.3.2.1. DEVELOPMENT OF AFTERBODY JET INTERFERENCE 








Modern turbo-jet and turbo-fan effluxes 
operate in the region 1500 R to 3500 R whilst much 
afterbody drag testing is conducted with a cold 
jet near 500‘R. Thus the problem is to determine 
the extent to which jet total temperature (and 
its associated gas constants) affects the form 
of the drag - pressure ratio curve. The previous 
broad description shows how the resultant drag is 
primarily a function of the jet plume initial 
expansion angle, final plume diameter, and jet 
mixing effects which entrain the external afterbody 
flows, acting somewhat as a jet pump. Thus we have 
conflicting influences, the drag reduction effect 
of the solid plume body forward pressure 
interference and the drag increase due to 
entrainment giving increased afterbody suctions. 

These effects are modified by the behaviour of 
the viscous afterbody flows and by the effect of 
surface temperature on the boundary layer 
Fig. 3.2.3. 

Experimental work by Compton Ref. 3.2.2. studied the manner in which the exhaust gas physical 
properties can be related to the jet plume shape and the entrainment and so influence the jet interference 
on afterbody drag. The jet in Compton's work was obtained with hydrogen peroxide decomposition at values 
of total temperatures of 646®K and y = 1.3, 810°K and y = 1.28 and 1013°K and y = 1.26. The external 
afterbody skin temperature was not affected by the temperature of the internal flow. Data of the general 
form Fig. 3.2.3. was obtained for a range of variables of boattail angle, B , and Mj with different 
jet parameters. This data has been correlated against various plume parameters in an attempt to isolate 
a critical parameter for prediction purposes. 
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FIG.3.2.3. EFFECT OF JET EXHAUST GAS PARAMETERS ON JET INTERFERENCE 

(REF 3.2.2) 


Plume blockage has been related to the initial expansion angle of the plume 6j which is the 
Prandtl-Meyer expansion angle of the jet flow when expanding from its internal exhaust static pressure 
to the external boattail static pressure at the exit plane. Results showed a collapse of the data to a 
series of parallel curves independent of pressure ratio for values of 1j. Fig. 3.2.4. 
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FIG.3.2.4. AFTERBODY DRAG COEFFICIENT AS A FUNCTION OF Pt,j/ Poo , AND 6j. 
p =20°, SONIC EXIT,M 0O = 0 95(REF 3.2.2) 


It is recommended in Ref. 3.2.2. that for most aircraft configurations and jet pressure ratios the 
duplication of Mj, nozzle divergence angle oj and will give adequate correlation of plume body 
interference on the afterbody drag, including modest supersonic jets (Mj - 2) and jet divergence ang)e. 

At transonic flow conditions where large base areas or regions of separated flow may exist the 
plume body forward interference is only part of the story and the jet entrainment through its 
influence on base drag can be significant. The amount of external body flow entrained by the jet 
depends upon the momentum of the jet flow in relation to the momentum of the afterbody flow and the edge 
velocities, energies and characteristics of the two flows. Reference 3.2.3. gives the relationship for 
entrainment in quiescent flow as 


d 

d 


(mass entrained) 


(Jet momentum) 


l 


Reference 3.2.2. studied the correlation of afterbody drag for constant values of (i.e. assumed 
constant plume solid body interference) using various parameters relating momentum, mass flow, kinetic 
energy, internal energy for the jet and external flows. It was concluded for the particular configurations 
tested that entrainment effects correlated best with the ratio. 


—i.e. the internal energy/unit mass without accounting for the difference of specific heat, 

RaJ* 


C y of the two flows. 

Compton summarised the temperature effect situation adequately with Figure 3.2.6. 

This illustrates how results obtained with a limited jet temperature range may be interpolated and 
extrapolated to real flight temperature conditions, it does not however give prediction methods to put 
corrections into tests which have only been made at cold jet conditions. 


Work reported by Robinson Ref.3.2.6 at the same time as Compton indicated similar trends although 
the entrainment effects were less pronounced than those on a mean 15° afterbody. In this work, which was 
conducted in the AEDC 16ft PWT pressure distributions were measured on an isolated axisymmetric model 
of a military turbojet afterbody with ethylene/air hot jet representation. The results in Fig. 3.2.6 
(all for rather high NPR) show that the measured afterbody drag reductions associated with 'increased jet 
temperature compare well with the cold jet data corrected for the -r effect on initial plume expansion 
angle. This correction, for this unseparated boattail, accounts for most of the temperature effect, 
leaving only a small amount to be accounted for by entrainment at H - 0.9. 


In a later reference, further jet temperature effects have been investigated by Robinson (Ref.3.2.A.} 
using a practical non-axisymmetric nozzle configuration of a General Electric ADEN design as shown in 
Fig. 3.2.7. The upper surface of this nozzle extends beyond the throat and forms a cowl whereas the lower 
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FIG.3.2.5. JET INTERFERENCE COMPARISON PARAMETERS. M*=G95(REF32.2) 
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temperature (note that only part of the afterbody is pressure plotted, this giving mainly the thrust 
recovery region). This figure shows, for the M = 0.6 to 1.4 range and NPR range 1 to 6, the effect of 
plume total temperature on the top row of pressure taps. Similar results for the bottom row show a 
much reduced effect of temperature for the subsonic Mach numbers which is somewhat surprising as the 
lower row and cowl exit is much closer to the plume and its expansion influence. The effect on the 
lower row for supersonic speeds is, as expected, significantly greater. The level of surface temperatures 
achieved during the elevated plume temperature runs is not discussed in the report and there must remain 
a feeling that the skin temperature and its impact on external bour lary layer development and the 
corresponding effect on pressure recovery might be responsible for some of the effects measured. 

Nevertheless the data is in general conformity with the expected plume temperature effects. 

In tests using the same rig at AEDC, Peters ana 
Kennedy (Ref. 3.2.5) studied a range of nozzle variables 
and included some data on temperature effects. This data 
which gave afterbody pressure drag derived from pressure 
integration, and studied in particular the effects of 
temperature for an attached afterbody S - 16 and a 
separated afterbody, 8 - 25 , confirmed the significant 
drag reducing effect of increased jet temperature. 

Ref. 3.2.5 results shown in fig. 3.2.10, demonstrate 
very well the development of temperature effects on the 
25’ afterbody for a high subsonic and low supersonic 
Mach number. The correlations with NPR and show marked 
differences for the two afterbodies indicating, as did 
Ref. 3.2.2 the need for some additional parameter to plume 
size ( A j related) for the high subsonic separated cases. 
Entrainment correlations on a momentum basis did not 
produce very good results for the difficult case of M - 0.9. 

Kennedy in Ref. 3.2.7 reviews many aspects of testing 
techniques for afterbodies and considers the constituent 
parts that go to make up a total temperature effect. 

Results are presented for tests with hot burned ethylene 
and with nitrogen gases. This had the effect of separating 
t effects at constant temperature and gas constant and 
showed that whilst there were significant differences in 
A.B.-drag at the same nozzle expansion pressure ratio (’.PRi 
these differences became negligible when compared at the 
same nozzle static pressure ratio i.e. same plume shape. 
These results are illustrated in FIG. 3.2.9 ^or a 15 
boattail for M - 0.9 and 1.2. The value of > - 1.2 to 1.27 
used in the ethylene tests is lower than that for typical 
turbojet exhausts. Kennedy showed however that for any of the plume shape parameters (diameter, expansion 
angle or static PR) the drag could be correlated. This indicates a very small residual deference to be 
attributed to entrainment for the two gases, it is concluded that these negligible y effects indicates 
that changes in mass, momentum and kinetic energy of gas (25 in these tests) due to y changes have no effect 

on entrainment, but that jet velocity (constant for these tests) may have an effect which could not be 

demonstrated in these tests. 

In further results reported in Ref. 3.2.7 the effect of changes in gas constant R for fixed t has been 
studied using mixtures of cold nitrogen and cold hydrogen. These effects (Fig. 3.2.11) are seen to be 
large in absolute terms but small in relative drag changes due to NPR i.e. the curves of boattail drag 
v NPR are parallel for the different values of R. Since the drag coeft :ient increments do not vary with 
pressure ratio the results indicate that incremental entrainment effect’-, are not a function of the absolute 
value of parameters that are a function of pressure, such as mass flow, k,'~etic energy, momentum and 
velocity at the shear edge of the plume. With gas constants as a variable at a constant pressure ratio and 

temperature the jet momentum flux is constant but velocity, density and kinetic energy flux vary as Rl/2, 

R'l and RV2 respectively. One might expect that the entrainment would increase with increasing R and re¬ 
sult in increased drag. The fact that it does not, might be due to the rate of decrease of density (R-l) 
rather than mass flux (R-l/2). 

Further work showed results for varying temperature and gas constant. Data was analysed as a function 
of the product of these two variables and showed that this term collapsed the data reasonably for the same 
product derived by different RAT. This indicated that R may be used as an alternative variable to T 
and cold tests may be made to represent hot conditions if a gas of different R is used. This is 
consistent with the previously referred data which showed large effects of R on drag at a constant NPR, 
but only small effects on the variation with NPR (i.e. entrainment). 

A further useful reference to jet plume effects is given in Zacharias (Ref. 3.2.9). 'is work which 
was carried out in a jet induction tunnel at OFVLR in Germany was on a serie., of different afterbody shapes 
with mean afterbody boattail angles of 7°, 10' and 25’", nozzle pressure ratios (NPR) of 1.0 ♦ 2.4, nozzle 
temperature ratio (jet total temp 4- free stream static temp) 1.0 - 2.86 at Mach numbers up to 0.7. The 
model installation in this instance had a "negative blockage" of about 6% i.e. the tunnel flow area increased 
from an approximately constant value to a 6T greater value inmediately after the nozzle plane. The results 
obtained cover afterbody pressure distributions, jet total pressure and temperature distributions, jet plume 
shape, initial jet spread angle. 
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FIG.3.2.9. 15° BOATTAIL ( REF 3.2.7) 


Zacharias in the analysis of the plume results obtains a useful quantification of the jet entrained 
mass flow in the form m^ mass flow entrained where this parameter is shown to be a near linear 

m. " initial mass flow of jet 
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function of distance downstream of the nozzle plane and jet total temperature ratio. As an example it is 
shown that the mass flow in the jet profile at a plane 12 nozzle diameters downstream of the nozzle plane 
for a jet nozzle temperature ratio of 2.86, is twice that which is initially contained in the jet at its 
exit plane. Treating the increase of mass flow in the jet at any plane as a resultant inflow velocity 
W r * normal to this jet boundary surface the Reference produces the interesting results of the variation of 
inflow velocity with jet parameters viz: 





(JT) Influence of the 
jet temperature 
rat io 



U j = mean jet velocity 
in nozzle plume 



FIG. 3.2.12, NON-DIMENSIONAL ENTRAINMENT 
VELOCITY OF THE JET w r %;, INFLUENCE OF 
THE FREE STREAM MACH NUMBER, NOZZLE 
PRESSURE RATIO, JET TEMPERATURE AND 
AFTERBODY ANGLE. 


If for the purposes of analytic analysis of jet flows and entrainment a sink distribution is defined on the 
boundary of a hypothetical plume then it can be seen that the intensity of the sink reduces with increasing 
Mach number (i.e. reducing slip velocity), but increases with increasing jet total temperature (i.e. increased 
slip velocity) and with increasing jet total pressure (i.e. increased jet plume momentum). So the results 
do follow a logical pattern. Finally it is seen that increase of boattail angle also increases the sink 
intensity which can perhaps be explained as an increase of impingement momentum of the external stream on the 
jet stream. 

From the empirical analysis of the critical jet spreading angle and the jet sink strength the reference 
makes a theoretical analysis of the afterbody/jet flow-field using a mathematical model of the potential flow 
which can be solved by a finite-element method. This is used to determine theoretically the effect of the 
various test parameters on the afterbody pressure distribution and drag. In particular it is demonstrated 
a AT^j of 500°C gives rise to an afterbody pressure drag reduction of 15% which can be demonstrated by both 

experimental and theoretical results. It is commented that experimental results with a non-insulated 
external boattail surface showed a 15% increase in afterbody pressure drag but Lhere is no evidence given of 
any theoretical analysis to demonstrate this result. This is a good reference but is limited, quite correctly 
due to the experimental facilities, to Mach numbers up to 0.7. It is likely that the experimental results 
will not be too greatly influenced by the wall constraint effects of the blockage up to these Mach numbers. 

3.2.1.2. A Proposed Correction Technique for High Pressure and Temperature Jets 

In a recent paper by Price and Peters (Ref. 3.2.11) a correction technique is proposed to correct 
afterbody drag for both the effects of jet plume shape (the y effect) and the effects associated with 









jet entrainment (the T effect). It is assumed that an equation of the form: 


C DhOT JET = Cd C0LD JET * 4Cd y + ac °T 

where &Cq y is associated with the specific heat ratio of the plume and the surrounding air and is 
used to describe the plume shape effect, 

and aC 0 j is the jet entrainment effect correction term associated with the Rj T tj - energy term. 

A. The first correction term is basically the solid body inviscid interference term and assumes that 
the solid body interference of a hot jet can be represented by a cold jet at a different nozzle pressure 
ratio which expands the jet to the same plume diameter. 



and 


and 


n 

e is the nozzle exit area to throat area ratio. 

A* 

NPR is the nozzle expansion pressure ratio of jet total pressure to free- 
stream ambient pressure. 


Hence from this it is a straightforward process to derive a set of matching test pressure ratios with 
a cold model test gas which will correspond with the range of values for the hot flight engine jet. 

B. The second correction term aCqt is assumed to be related to the respective internal energy of the 
jet stream and the entrained external flow i.e. Rj Tj ratio. Peters in Ref.3.2.12 shows that the 

entrainment effect produces a linear variation in afterbody drag as i function of fo V ) . 

By using a value __ obtained from the linear part of the Cp v NPR relationship for a cold jet 
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i.e. the "mainly entrainment" part of Fig. 3.2.2., and the difference between the hot and cold jet 
value of !og[o e V g lat matched values of D] we obtain: 

Oe 


AC Dt 



\o VJ. 

V 

log 

e e 

^ i HOT 

, e e 

• ,r> 9 ■ —V 

•*'- -• COLD 


a log|oe_Vgj C0LD 

The above analysis is verified by hot and cold tests which give afterbody pressure nrag and shows that the 
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jet at M = 0.6 and 0.9 at constant values of _L . An example of this is shown in Fig. 3.2.13. 

D e 


For M - 1.2 however the slope from the cold jet data does not correlate well with the hot jet data and it 

is conjectured that this may well be due to the more unrepresentative velocity d fferences between the jet 

and the external H * 1.2 stream in the cold model tests. Better data correlation was obtained by using 

the slope values obtained at the lower Mach number cold tests. The interested reader is recommended 

Refs. 3.2.11 and 3.2.12 for more detail explanation. 
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FIG.3.2.13. JET TEMPERATURE EFFECTS ON AFTERBODY DRAG 
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FIG.3.2.14 (REFS.3.Z5,3.2.7) FfG.3.2.15 (MBB SOURCE) 

FLIGHT TUNNEL CORRELATION OF JET TEMPERATURE EFFECTS 
FOR TWIN JET AFTERBODY 
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Recent analysis of flight data on Tornado by MBB has shown significant reductions in drag increment 
due to reheat compared with that measured in cold jet tunnel tests. These measurements, which look only 
at the reheat increment, showed reasonable correlation with the hot plume effects previously described here 
and in the references. Data extracted from References 3.2.5 and 3.2.7 are summarised in Fig 3.2.14 showing 
the typical effect of iet temperature on the 15° and 25° afterbodies. These data have been used to show 
how this temperature effect brings the flight and cold tunnel tests into line for data interpreted by MBB 
(Fig. 3,2.15) from References 3.2.8 and 3.2.10 for F 15, and for Tornado. 

3.2.1.3. Theoretical Analysi s 

In Reference 3.2.36 Wilmoth of NASA Langley has developed a viscous-inviscid interaction model to 
account for jet entrainment effects in the prediction of the subsonic flow over nozzle afterbodies. The 
representation of the entrainment is by the addition of a displacement thickness surface to the inviscid 
plume shape. The subsonic flow over the whole afterbody is solved by an iterative method which takes into 
account the boundary layer and shape of the afterbody, the inviscid plume shape effect, anu the effect of 
the displacement surface on the plume. Calculations have been compared with experimental data to show the 
effects of entrainment on nozzle boattail drag for a range of free stream and jet flow conditions. The 
inclusion of jet entrainment effects has been shown to significantly improve the prediction of nozzle 
boattail drag over that predicted by treating the inviscid plume shape as a solid body. 

The predicted variation of boattail drag with jet gas composition and temperature has been shown to be 
in good qualitative agreement with experimental data. The drag is shown to decrease with either a derease 
in the molecular weight or an increase in jet temperature. At high temperatures above 1500 K. however, 
the predicted afterbody drag reduction with temperature reaches a minimum and from thereon increases. This 
is at variance with experimental data at these higher plume temperatures and appears to be due to the 
representation of the entrainment shear layer creating an excessive washing away of the afterbody boundary 
1 ayer. 


3.2.1.4. Conclusio ns 

The effect of jet temperature is likely to be most significant in the transonic flow region where 
large areas of base or separated afterbody flows occur. The effects are greater for large afterbody angles 
and can be as large as 35% of the jet-off afterbody drag for high pressure ratios. Temperature effects 
will thus be configuration sensitive and so prediction methods are difficult to obtain although correction 
of measured data obtained at limited temperatures may be made by eurrelation with initial plume divergence 
angle, plume maximum diameter and the jet/freestream energy ratios. 

There is an indication that the use of cold air to simulate a hot low by-pass dry turbojet exhaust can 
result in a measured value of afterbody drag of the order of 20% above the correct value. Cold jet test 
data will give pessimistic afterbody predictions. 

It is unlikely that elevated jet temperature will become a routine test feature in the near future. 
Even the more sophisticated CMAPS simulator is deficient in temperature simulation. Expansion of the 
valuable contributions of References 3.2.2 to 3.2.6 briefly discussed here will be most important on a 
parametric basis if true extrapolation of model results to full scale is to be achieved. Temperature 
effects must not be ignored simply because they are difficult to quantify. 


3.2.2. 


Turbine Powered Simulators 


Current airframe geometry concepts are leading to compact and closed coupled engine inlet and 
exhaust confiqurations. These arise from the need to compact the engine around the centre of gravity to 
minimise V/STOL out-of-balance vectored thrust forces at low forward speeds. These geometries then give rise 
to the possible high speed interaction of inlet and exhaust flows. In these conditions it is no longer 
possible to assume that independent tests of the inlet and the exhaust nozzle may be simply added 
together. Spillage flows may well influence the afterbody approach flow conditions and afterbody nozzle 
flows may couple into the inlet flow (although less likely). 

To improve the quality of aerodynamic data it becomes a requirement to test inlet and exhaust flows 
in combination. This requirement has been anticipated for some time in the US and has led to the 
development of a model engine unit CMAPS (Compact Multimission Aircraft Propulsion Simulator). These 
units were developed by McDonnell Aircraft Company in conjunction with General Electric and Tech Development 
Inc. under contract to the U.S. Air Force Aero Propulsion laboratory. This unit is a high performance 
version of the range of TPS (Turbine Powered Simulators) marketed by Tech Development Inc. for use in civil 
transport applications of high by-pass fan engines, the major new technology being the development of a 
4 stage engine compressor providing an engine pressure ratio range of 1.2 to 4. Much of the calibration 
and bookkeeping technology of the civil application can be applied to the CMAPS. 

It is not the purpose of this document to write a treatise on the subject of the development of the 
CMAPS and interested readers are referred to References 3.2.13 - 3.2.20. The following sections will 
describe the CMAPS unit as a piece of operating equipment and its range of simulation. 


3.2.2.1 Basic Description of Unit and Equipment 



FIG 3216 CROSS SECTIONAL VIEW OF THE CMAPS. (REF 3 2.20) 


compact simulator. This unit has a 4 stage axial compressor which is driven by the power generated by 
the single stage turbine. The basic performance is defined by 


AIRFLOW 

MAX FLOW RATE 

MAX T 

MAX P 

Compressor 

1.651bs/sec (Corrected) 

1 50 F 

16 psia 

Turbine inlet 

7 lbs/sec. 

200°F 

2000 psia 

Turbine bleed 

7 lbs/sec. 

200 T 

800 psia 


The turbine is driven by the high pressure inlet air which may then be mixed with the compressor air 
through a mixer/ejector module to provide the exhaust nozzle total pressure air supply. The level of 
nozzle exhaust total pressure is controlled by the quantity of turbine exhaust air which is bled from 
the unit via the turbine bleed manifold. Hence, as indicated in the Table, it is possible to exhaust 
all the turbine drive air external to the exhaust nozzle leaving, as a minimum, the mass flow and total 
pressure of the compressor. Fig. 3.2.17 illustrates the flexibility of the unit in a simulated dry 
power configuration. The compressor operating envelope with the CMAPS drive turbine is shown relating 
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engine pressure ratio and sea-level normalised compressor airflow 'L- 
h r a = inlet t>~tal temperature in ~R 


and « = inlet total pressure psia 

ppT 

Data is given along lines of constant 
percentage of the referenced design rotor 
speed 75,200 rpm. The range of engine 
pressure ratios obtainable with the unit 
may be adjusted by replacing the mixer/ 
ejector module with units of different 
flow area ratio allowing greater engine 
pressure ratio augmentation. In this way 
the different requirements of dry power 
and reheat may be met. 

Instrumentation 

The basic CMAPS unit has the following 
pressure and temperature instrumentation 
(ref. fig. 3.2.16). 

Station 2 Compressor face 5 rakes of 
5 Py + 5 wall statics. 

Station 15 Compressor discharge 2 rakes of 
3 Ttj and 3 rakes of 3 Pt with l wall static 
each. 

Station 7 Nozzle duct 2 rakes of 7Ty, 

3 rakes of 7Py and 5 wall statics. 

Station 4 Turbine inlet: 1 Py + 1 Tj 

Station 57 Mixer: 3 statics. 
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FIG.3.2.17 CMAPS OPERATING ENVELOPE OF 
ENGINE PRESSURE RATIO AND COMPRESSOR 
AIRFLOW IN DRV-POWER CONFIGURATION. 
(REF 3.2.20) 


Cont rol System 

To integrate this advanced technology unit into the standard test scene n has been 
necessary to evolve a set of control equipment which is self contained and 
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FIG. 3.2.18. SCALED AIRFLOW AND ENGINE PRESSURE RATIO 

SIMULATION CAPABILITIES OF THE CMAPS. (REF3.2.20) 


independent of the main tunnel test equipme. *• The NASA CMAPS controller is capable of monitoring 

the health and controlling the airflow and EPK of 2 CMAPS units in a test. The control package provides 

(1) Operators console 

(2) Data acquisition 

(3} Hydraulic power supply 

(4) Bearing oil supply and scavenge 

(5) Air control and measurement 

(6) Transducer environmental control 

The operators console monitors a large range of health parameters whilst controlling inlet airflow, and 
engine pressure ratio automatically. The operator may override the controller at any time to avoid 
health (of the unit) hazards. RPM control is normally maintained within ±0.5' for E.F. distortions < 15 

and ±1 .0% for " " 5 25 l 

In this respect it has been shown that engine face (EF) distortions up to 30 t are acceptable to the 
compressor but in practice it is advisable to work at levels below this. 

3.2.2.2. Engine Performance Simulation 

Static tests have been conducted to provide the performance data of the simulator. Figs.3.2.18 to 
3.2.22 show some results of static tests giving the simulation capabilities of a unit and the corresponding 
turbine supply and bleed airflow requirements. 

Fig. 3.2.18 shows the non-dimensionalised compressor air flow characteristies versus EPR in both the 
dry and the reheat operating modes. Illustrated on the dry power figure is the operating line of EPR V 
sea level referenced flow for some modern augmented turbofan engines {Ref. 3.2.15). These two figures 
demonstrate the effect of two different pancake ejector mixers at the exhaust chamber entry, the reheat 
case being capable of passing much larger quantities of turbine exhaust air at high pressure into 
the exhaust chamber where it mixes with and ejector powers the compressor exhaust flow thus increasing 
the EPR. Included in the figures is the upper limit of EPR associated with the compressor stall for the 
dry case and the two upper limits of Pt 57 which is the maximum permissible turbine exhaust pressure 
of 800 psia and Pj^, a turbine inlet pressure limit of 1500 psia. The 1500 psia limit was a structural 
one in these tests. 


Fig. 3.2.19 shows the dimensional compressor airflow characteristic for dry and reheat cases for a 
range of constant turbine inlet drive pressures Pj 4 . These correspond with the characteristies of 
Fig. 3.2.18. 
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FIG. 3.2.19 CMAPS TURBINE DRIVE PRESSURE REQUIREMENTS 
AT SEA-LEVEL CONDITIONS; CONTOUR LINES OF 
CONSTANT TURBINE INLET PRESSURES- (REF 3.2.20) 
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d t tne tvq’re pressure ratio provided by the turbine is roughly constant 
:'-ess.r e inlet ’low is controlled by a combination of turbine exhaust 
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IG.3.2.20 TURBINE DRIVE AIRFLOW AS A 
FUNCTION OF TURBINE INLET 
PRESSURE, P t/4 ■ (REF 3.2 20) 



mixer designs. It is of interest to note Fig. 3.2.20 
•n?et pressure character!stic that would have been 
expected indicating a choked inlet 
flow condition with constant 
W4."? , corrected turbine airflow. 


Detailed wor*. in Refs. 3.2.15 and 3.2.17 
studied the range of variables with 
different turbine outlet mixers and 
different exhaust nozzle sizes. For 
detailed study the reader is referred to 
Ref. 3.2.17 but broadly the results are 
summarised as Fig. 3.2.21 from Ref.3.2.15. 
This illustrates the flexibility of the unit 
as a function of exhaust nozzle area. 

Higher EPR operating lines are associated 
with the increased quantity of high pressure 
mixer turbine outlet air needed to fill 
the larger area nozzles at a given compressor 
speed. This gives a higher resultant exhaust 
nozzle total pressure when mixed with the 
constant outlet pressure of the compressor. 
Similarly, if all the turbine exhaust air 
is by-passed through the bleed line 
(i.e. a solid mixer) a lower EPR operating 
line results for the larger nozzle areas. 
These effects combine to provide a large 
operating envelope for the larger exhaust 
nozzles. Ref. 3.2.15 also draws attention 
to the effect of pressure drop in the bleed 
duct line and how this reduces the total 
flexibility envelope. In practice, increased 
bleed line losses (due to pipe sizes) result 
in higher required turbine drive pressures 
for a given rotor speed. This gives higher 
inlet pressure to the mixer with consequent 
effects on the exhaust nozzle and the 

compressor back pressure. This has 
the effect of precluding operation 
in the lower right hand corner of 
the flexibility envelope. Other 
factors like internal Reynolds 
number and inlet distortion also 
affect the flexibility map, but to 
a much lesser extent. 


Simulation capability relative 
to advanced" engine req ui renienTs 

Comparison should be made to 
see whether the CMAPS in its present 
state is capable of meeting future 
"paper engine" requirements as well 
as those of current engines. 

Ref. 3.2.16 provides some input 
to this, showing representative 
trends of EPR max. versus exhaust, 
nozzle area for maximum dry and 
maximum reheat power settings. 

Fig. 3.2.22 collects these 
results and relates the required 
EPR to the scaled exhaust nozzle 
throat area. Included are ooth 
turbojets and fixed/variable cycle 
turbofans with by-pass ratios 
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FIG. 3.2.21 PREDICTED MAPS FLEXIBILITY TRENDS 
(REF 3.215) 
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FIG. 3.2.22. TYPICAL MAXIMUM EPR VARIATION 
FOR ADVANCED ENGINE CYCLES. (REF3.2.16) 


varying from 0.2 to 2. The nozzle size 
was based on scaling to match the corrected 
simulator flow with the corresponding engine 
flow. The three boundary lines in Fig. 3.2.22 
give the simulator max. EPR against nozzle 
area (from Fig. 3.2.21), the dry performance 
and the reheat performance lines. For the 
moderate by-pass ratio engines the simulator 
meets the requirements of EPR max, there is 
however seen to be a short fall for the 
turbojet and low by-pass cases. Although most 
of the points which lie above the simulator 
boundary are "future engines" there are points 
corresponding to a current engine which cannot 
be met. 

However, although the maximum point 
mismatch looks large in Fig. 3.2.22 the error 
becomes smaller with reduced inlet mass flows. 
This is illustrated in Fig. 3.2.23 for the 
case of an engine near the two solid upper 
points of Fig. 3.2.22. 

3. 2.2 .3 Calibration Requireme nts 

The case for the use of a simulator is made 
for aerodynamic interaction reasons. The value 
of its use however is entirely dependent upon 
the evaluation of the simulator forces. If of 




FIG. 3.2.23. COMPARISON OF SIMULATOR ESTIMATED PERFORMANCE 
WITH ADVANCED ENGINE CYCLES. (REF 3.2.17) 

course a non-metric unit is used then a simple description of mass flow ratio and exhaust pressure ratio 
is sufficient. However, for the really important interactive cases and complex nozzle geometries where 
a natural break-line between a non-metric simulation nozzle and a metric airframe shell cannot be created, 
it is essential to define a simulation thrust accounting system for calibration and isolated, and installed 
performance. 

It is possible to draw upon the significant field of calibration performance which has been devised 
for civil applications. It is perhaps fo*'.unate that in these applications the accuracy requirements 
are more stringent than those for military applications. 


The basic problem of TPS simulators, and in fact all powered simulators is the size of the 
component forces e.g. gross inlet momentum and exhaust momentum, relative to the net propulsive force. 
The interference forces are then, in turn, almost an order of magnitude smaller than the net propulsive 
force. So, we are trying to discriminate increments which are of the order of 0.25' of the gross 








propulsive thrust, when account is taken of the fact that increments are derived from two independent 
measurements which are each subject to their own errors. It is easy to lose the very terms which we 
set out to measure in the error scatter of the steps passed through en route. 


The use of a CMAPS simulator has of course specific application to V5T0L. For these uses, other 
components than propulsive forces are important, and calibration of lift and pitching moment is required. 
This puts further requirements on the general purpose capability of the calibration test rig. 

However, the simulator application being specifically discussed here relates to afterbody performance, 
and in the calibration discussions to follow thrust and drag accounting only are considered, the lift 
and vectored performance of the simulator being considered part of the stability and control and 
vector-in-flight aerodynamics. 

3.2.2.4 Thrust Calibration Test Systems 

The requirements of a calibration system are simple to define: 

(1) Correct representation of exhaust nozzle pressure ratio. 

(2) Correct inlet total pressure and temperature. 

{3) Accurate measurement of primary drive flows. 

(4) Accurate measurement of compressor/fan flows. 

(5) Accurate measurement of exhaust nozzle flows 

but of course in practice, are difficult to achieve. As with all good experimental techniques the success 
depends upon attention to detail, detail in this instance being the attention to non-uniformity of pressures 
and temperatures, distortion flow fields, extraneous inlet vorticity etc. 

Atmospheric Inlet Calibration Tanks 


These tanks, typical of various in use with atmospheric tunnels provide a suck-down capability to 
simulate the in-tunnel test Mach numbers (hence the term Mach simulation tank). Typically!Ref. 3.2.23 
and 3.2.Z5)i$ the example shown below: 


CLEAN. DRY 
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FIG. 3.2.24. BASIC ELEMENTS OF MACH SIMULATION TANK (REF. 3.2.23 ) 


Tests in this type of tank are conducted to determine nozzle coefficients in the presence of quiescent 
environment and under conditions which match the model internal pressures as they occur in the wind 
tunnel tests. Test conditions of correct pressure difference across the unit are set up by adjusting 
the tank depression hence simulating atmospheric total pressure ram inlet air and wind tunnel ambient 
working section pressure at Mach simulated. Precision flow measurements are made of the inlet drive 
gas and the total flow passing from the tank (i.e. the sum of the drive gas and the compressor/fan flow). 
Thrust measurements are made by precision balances on the metric carrier of the tank. A design feature 
of the tank is the self-compensation of the metric carrier with suction in the tank. This is achieved 
by a combination of opposed load bellows and with good design it is possible to achieve a metric carrier 
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whose balances do not respond by more than 1? to the very large suck down forces which occur with tank 
depression, a system which is a development of Fig. 3.2.24 shown in Fig. 3.2.25. This development, 
as ARA MST2, has a very accurate thrust capability with virtually zero tank suction interaction. This 
rig has been specially developed for small civil TPS units requring high precision calibration but the 
principle may equally be applied to a large CMAPS system. 



FIG. 3.2 25 HIGH PRECISION VERTICAL SIMULATION TANK 


Non-atmospheric Variants 


The above principles have been used in various modes at test establishments, Grumman, ONERA and 
NLR for example to develop their own particular requirement, the variation often being modifications to 
allow for non-atmospheric inlet flows, to measure more than one component, and to use the in-tunnel 
balance system for calibration force measurements. An example is given in Ref. 3.2.24 of a TPS 
calibration bench used in France by ONERA at .iodane. In this method which is illustrated in Fig.3.2.26 
the two air supplies are taken across the ualance, one to feed the fan air through a metric settling 
chamber and a bellmouth, the other to feed high pressure air to the turbine. Both of these flows are 
measured accurately by critical venturis. In principle the two air feed streams cross the balance normal 
to the direction of thrust, any small errors in this are calibrated against the known thrust of an ASME 
nozzle. The simulated Mach number can be controlled independently of the total mass flow through the unit 
by regulation of a remote plug nozzle. This provides the great advantage of continuous variation of 
TPS characteristic (say EPR or Corrected RPM) for constant M simulated. Data analysis will follow a similar 
pattern to that described. 

Tt has been demonstrated in Refs. 3.2.23, 3.2.24 that high precision data can be obtained in the form 
of discharge and thrust coefficients for use in the wind-on installed and isolated unit aerodynamic tests. 

In preparation for general purpose use of the high pressure ratio CMAPS units, calibration facilities 
are being prepared at NASA Ames Laboratory specific to these requirements. These are described in detail 
in Ref. 3 2.15 a figure from which is shown {Fig. 3.2.27). The concept shown has incorporated some 
of the new desirable developments and special requirements of CMAPS with its three-fold air system. 

Mete»t*d air is Mjpplied lr» the compressor inlet, to the turbir? inlet and from the turbine outlet/exhaust 
nozzle bleed. This data provides flow information against which the internal CMAPS instrumentation can 








be calibrated for use in the installed wind tunnel tests. This flow data in conjunction with the axial 
force balance measurements provides the static thrust calibration. 

Simulator Calibration Methods 


Each establishment involved in simulator testing will evolve its own data reduction and measurement 
procedures. In principle the methods are the same but are applied with different attention to detail 
and emphasis. The accuracy of any system of data reduction is dependent upon the accuracy, stability and 
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FIG. 3.2.27 PROPULSION SIMULATOR CALIBRATION LABORATORY DESIGN CONCEPT 
(REF 3.2.15) 



















repeatability of the fundamental ingredients of pressure and temperature. It is not essential that a 
totally comprehensive coverage of basic data is necessary at the reference stations but enough coverage 
must be provided to guarantee repeatability (i.e. stability) and limited variation with other parameter^ 

(such as Corrected RPM). It must be remembered that a calibration of a flow is only a calibration of the 
instrumentation array in that - flow. For That reason, coefficients which should in principle be near unTty 
may well appear at a yu% level, and may vary significantly with other parameters. For this reason it is 
absolutely essential that no changes in internal flow and instrumentation are introduced between calibration 
and test. In the event of partial instrumentation failure it is preferable to re-establish new calibration 
coefficients based on a reduced instrumentation array than to try to repair or replace broken instrumentation. 
A typical approach to calibration methods for a twin stream TPS for civil application is given in Ref.3.?.23 
details are given in Fig. 3.2.28. This shows schematically and the essentials of any calibration system 
and in-tunnel application bookkeeping process. In the above method particular emphasis is placed on a linked- 
methodology of flow continuity in the test phase where inlet mass flow and ram drag are linked to the exhaust 
for gross thrust via an identical mass flow term. The importance of this becomes greater with increased 
by-pass ratio i.e. as the ratio of gross thrust to net thrust increases. 
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FIG. 3.2.28 CALIBRATION AND TUNNEL TESTING MASS FLOW AND THRUST & DRAG 
ACCOUNTING PROCESS(REF3 2 23) 


For the CMAPS calibration, a different approach to the flow accounting needs to be adopted as bleed 
and scavenge exist in addition to the inlet and drive flows. All airflows entering and leaving the CMAPS 
are shown in Fig. 3.2.29. 

Regulated drive air is supplied to the drive manfold. This passes through the turbine and then enters 
the fifteen strut bleed module where it is either diverted into the annular bleed manifold or directed 
through the pancake mixer and thrust trim orifice. The bleed turbine air exits at high pressure (in the 
region of up to 7000 psia) into the metered bleed air line. The amount of turbine exhaust air that mixes 
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FIG-3.2.29 CMAPS AIRFLOW DIAGRAM (REF 3.2.15 ) 


with the compressor air (to form the exhaust nozzle total flow) is controlled by the amount that is bled 
off to the m tered bleed airline. In addition to these flows a small amount of parasitic air escapes from 
the simulato via the oil scavenge system. Thus the flow continuity requires that: 

W INLET * W 0RtVE ’ W TURBINE BLEED * W N0ZZLE * “SCAVENGE 

all of which, except w N gzztE’ are 

Hence the positions of the drive and bleed valves provide a unique combination of inlet and exhaust mass 
flows and exhaust nozzle pressure ratios. With the extreme range of attitudes of the inlet approach flow 
conditions the CMAPS calibration will need to be far more comprehensive than that for the civ1 TPS. 

In these extremely distorted inlet flows the inlet instrumentation must be sufficient to provide an 
adequate description of the inlet mass flow. This must be achieved by an array of gauzes and distortion 
plates in the calibration which can then be related via a distortion flow parameter to the test inlet flo*- 
conditions. In practice, of course, it is rarely a requirement to derive accurate drag performance under 
these conditions of large inlet distortion. It is unlikely that the inlet distortion will reflect in the 
exhaust nozzle total pressure distribution as only a small part of the nozzle chamber flow is derived 
from the inlet and that will have been greatly smoothed through the compressor. 

3...2.5 Practical Application s of CMAPS 

The first consideration to be made in the practical use of the CMAPS will be the applicability of 
the calibration data and the test performance limitations imposed by the simulator. It cannot be assumed 
that the simulator will reproduce the performance of the engine over its whole flight envelope. Thus 
it must be accepted that the expensive and complex "ultimate" model may have limitations which will 
preclude testing over the full desired range. This will normally be due to inlet distortion and particularly 
swirl which may well react on the simulator compressor in a different manner from that of the real engine. 
Whilst this may provide an early warning of "flight problems to come" similar warnings could be obtained 
from detailed engine face static and dynamic distortion and swirl flow measurements as an inlet test model 
- probably at a better scale. Simulator calibrations will in general be obtained in a rig of the type 
described in the previous subsection. These calibrations will initially be made with ideal bellmouth flows 
into the intake which provide the possibility of achieving calibrations to the accuracy required for T-D 
performance. If thrust calibration performance is needed at higher flight attitudes then the corresponding 
inlet and engine face flow field must be provided in the calibration. This can be done with attention 
to detail for spatial distortion in a similar manner to that for the full scale engine. It is unlikely that 
the quality of the mass and thrust definition will be good enough for performance T-D analysis but will 
adequately describe the inlet and exhaust flows for stability and control checks of inlet and nozzle flow 
effects. If significant swirl is present then it becomes a major task to simulate this in the calibration - 
particularly if twin swirl arises in the inlet duct due to the airframe environmental conditions. 

Aircraft models equipped with CMAPS should be scaled to match the simulator maximum inlet flow 
capabilities i.e. corrected inlet flow of 1.65 Ibs/sec., the maximum CMAPS corrected airflow 


This gives a me 1 .1 scale 


1 .65 


F.S. Corrected inle* flow (lbs/sec) 


This typically results in a model scale of about 10* for a twin engine configuration but only about 7 for 
a single engine geometry. Fig. 3.2.18 illustrates that the simulator will embrace the operating engine 
pressure ratio range for the typically required dry engine flows. The length of the simulator being 3.5 
times the compressor face diameter will present problems when laid out in some advanced airframe VSTOL 





configurations. 


Some 


typical comparisons are given in the table below 


Type 

Scale % 

Engine L/D 

Duct L/D 

F4 

11 

3.1 

14 

F5 

12 

- 

19 

F14 

7.5 

2.5 

11 

F15 

8.2 

2.7 

12 

F16 

8.2 

2.7 

10.5 

F18 

10.7 

- 

11 

F20 

10.7 

- 

11.5 

Fill 

7.3 

2.5 

10.3 

B1 

7 

- 

8.5 

X29A 

10.7 

- 

12.5 

Tornado 

10.5 

2.8 

12.6 

AMX 

11 

3.1 

12.3 

Mirage 2000 

9 

2.7 

10.7 

Mirage 4000 

9 

2.7 

13.4 

Viggen 

7 

2.7 

10 

Grippin 

10.8 

- 

13.5 

Harrier/AV8 

6.2 

2.3 

2.5/5.0 


where 

Engine L=Bare core 
Duct L=Engine 
face to 
nozzle 

DBEngine Face dia. 

{Al1 figures very 
approximate). 


FIG. 3.2.30 APPROXIMATE GEOMETRIC CHARACTERISTICS OF CURRENT 
AIRFRAMES RELATED TO MODELS SCALED TO CMAPS 


It may be assumed that even with a minimum length inlet duct ratio of 3 and similar nozzle length 
ratio, the overall duct L/D (defined as being from inlet lip to exhaust nozzle plane) for the CMAPS must 
be of the order of 9. This is seen to be adequate for the representation of all the cases given in the 
table Fig. 3.2.30 except for the Harrier. But with future plans for VSTQL configurations in flight 
vertical thrust and close coupled projects it might be questioned that the CMAPS with a minimum L/D 
(including nozzle) of say 8 is not short enough to represent the close coupled build of the future which 
is basically its 'raison d'etre'. However, the definition of close coupled may be different for different 
operating modes and so the simulator will find a place in the hover and transitional modes even if the 
length is too great for the cruise mode. 


Cassmeyer in Ref. 3.2.21 makes a paper study of the cost effectiveness of a simulator in comparison 
with the conventional part-model approach and shows that significant savings in test time may well be 
achieved. The comparison is made on the basis of a no-cost simulator and control unit, and uses an 
assumed model for an advanced STOL configuration. A 2-model conventional test technique, consisting 
of an aero flow-through and a jet-effects model, was compared with a single-model-with-simulator technique. 
The comparison results are indicated in Fig. 3.2.31, 
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FIG.3.2.31. COST COMPARISON OF TEST 

TECHNIQUES FOR AERODYNAMIC 
PERFORMANCE DEFINITION (REF 3.2.21.) 


The cost estimates indicate 
that the building of one propulsion 
simulator model could provide only 
4% saving over the cost of the 
conventional models indicating that 
the use of 1 simulator model instead 
of 2 conventional models is virtually 
offset by the increased complexity 
of the former. However, the 131- 
reduction in wind tunnel occupancy 
represents a very useful saving. It 
should also be remembered that the 
cost of the simulator and all its 
control equipment has not been 
included in these calculations. 

The application of CMAPS 
technology into test programmes 
is still in its infancy and apart 
from the early programme of operating 
tests at AEDC the only recorded 
application of the CMAPS is given in 
Ref. 3.2.14 by Bailey et al. This 
describes in detail the model design 
philosophy applied to the installation 
of 2 CMAPS into a 9.6% scale V/STOL 
airframe concept (two slightly 
different versions were in fact used). 
The object of the tests was to make 
a comparison of results obtained with 
the two simulators with those obtained 
by the conventional method with a 
flow through model, and a faired- 
inlet jet effects model. In order 
to minimise the effects of errors 
in the comparison, attempts were 
made to keep the error sources common 
(or similar) in the two different 
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FIG. 3.2.32. METRIC BREAK ARRANGEMENT (REF 3.2.14.) 


model concepts. Thus the tests were planned to have a common support system, common metric/non metric 
breaks, and common instrumentation. The configuration had two wing mounted nacelles which facilitated 
the mounting of the non-metric CMAPS from the earthed end of the fuselage balance whilst carrying the 
majority of the aWrame metric on the live end of the balance. This is illustrated in Fig. 3.2.32. 

From this Fig. 3.2.32 it is seen that a single support sting is used to duct the drive air into the 
model and the turbine bleed air from the model. The sting entry is from below the fuselage centre line 
at the centre of gravity up into a manifold system which distributes the high pressure air ducts out to 
the two earthed simulators in the wings. The live model shell is mounted on the rear live end of the 



FIG. 3.2.33 TESTING APPROACH SUMMARY (REF 3.2.14) 






balance. This Reference 3.2.14 is particularly recommended to those readers interested in the details 
of this test programme and concept. Information on seal arrangements and the effects of the hot drive 
temperature on the balance system is provided in detail. Of particular interest also is a breakdown 
figure of the testing concept showing commonality to reduce error bias to ensure that a high quality 
comparison of the simulator versus conventional approach is achieved. This Fig. 3.2.33 is a valuable 
guide to the build up of an intelligent test programme. This shows how the comparison between the 
simulator and conventional approach is validated by tests on a common reference configuration which is 
used on all three model test builds i.e. the flow through (FT), the jet effects (JE) and the simulator. 
This common reference has a faired inlet and an extended exhaust nozzle with no flow. These builds 
of the model should give the same results within acceptable tolerance and if this is achieved then it 
may be assumed that the individual effects of the FT, the JE, and the simulator tests may be validly 
compared. The results of these tests will be very informative but it must be remembered that it is 
representative of a nacelle system with an inlet to nozzle separation L/D of 9.5 engine face diameters, 
which may well prove to be non-close-coupled. 

3.2.2.6 Conclusions 

The concept of an engine simulator is well founded and has been well executed in the CMAPS work. 

It has been shown that such a simulator may be operated to provide a full operating map of engine 
pressure ratio and inlet mass flow for most current and immediate future requirements. Because of the 
complexity of the operation of CMAPS its use may be limited to aircraft late in the development cycle. 

In addition the development of minimum interference support systems for metric or non metric installations 
will be essential if the support interference is to be less than the coupling interference which is the 
subject of the tests. 

The justification for the simulator however is the need for simultaneous representation of inlet 
and exhaust flow. The critical separation distance between these two flows has not yet been established 
and that critical dimension will be a function of the operating conditions (i.e. low speed VTOL, in 
flight vector, or cruise) of the engine duct. In the cruise condition it is likely that the physical 
dimensions of current engines and inlet and exhaust ducts will keep the overall minimum separation 
(duct L/D) to a value not less than 7. It may then be questioned whether this is small enough to be 
critical i.e. give inlet/exhaust mutual interference. It has been found that the mutual interference 
in civil applications, where duct L/D for the fan nozzle is as low as 2 is only marginal on isolated 
engine nacelles. 

The current simulator design CMAPS has an engine core length of 3.5 inlet diameters which is at 
least 1 inlet diameter longer than most engines it has to represent. Consequently the representation 
of a current minimum length VSTOL nacelle cannot be less than a duct L/D of about 8. Hence the present 
simulator cannot be mounted in a model to represent what is currently a minimum length installation 
nor what might be achieved in future shorter engines. 

There would thus appear to be a strong case for a CCMAPS where the compressor is reduced to 2 
stages whilst providing the same engine pressure ratio. In this case the simulator could provide a 
full simulation o e a current minimum length installation. 
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3.2.3. Ejector Powered Simulators (EPS) 


An ejector powered simulator is in essence a ducted jet pump using the high energy pressure input of a 
set of primary nozzle jets to induce and pressurise a secondary flow. The induced flow forms the inlet 
duct flow, the inviscid primary and secondary flows form the exhaust nozzle pressurised flow. Thus by 
definition less flow passes through the inlet than exhausts from the nozzle. This has orten been quoted 
as a negative feature of the EPS relative to the TPS because correct simultaneous simulation of the 
inlet and exhaust is not possible. The statement is more true in relation to the civil TPS, but if 
existence of a third flow is allowed (as is the TPS turbine bleed) then the ejector should be allowed 

CMrjwc PCBcriDM&Nre (RATFfl POWFRT an inlet flow bleed which would 
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enhance the inlet flow ratio. 

Inlet bleed however, being at 
relatively low total pressure 
may require a larger flow duct 
than is practicable - but probably 
not much greater than that required 
for the CMAPS turbine bleed. 

Experimental results have 
shown that a single stage EPS with 
multiple primary nozzles is 
capable of producing uniform 
exhaust flow conditions simulating 
high performance turbine engines. 

FIG. 3.2.34 illustrates the 
pumping characteristics of current 
generation engine cycles with some 
projection of 3n advanced EPS 
performance from Ref. 3.2.26. The 
ejector works up one maximum 
operating line which is the design 
line for a range of primary pressures. 
Throttling the exhaust influences 
the pumping characteristics giving 
a means ofensuring an operating 
range to the left of the maximum 
design line. Expansion to the right 
of the design line is achieved by 
inlet flow bleed as illustrated, 
where percentage bleed is defined 
in relation to the inlet capture. 

In principle with independent control 
of engine pressure ratio via the 
ejector drive pressure and control 
of the inlet mass flow via an inlet 
bleed it should be possible to match 
the performance range over a major 
part of the dry mode and the reheat 
mode, but not with the same ejector. 

In this respect model build 

requiring two ejector installations 
may be considered mure complex than 
the TPS. Whilst the use of inlet 
duct bleed as a means of moving the 
EPS characteristic to the right 
sounds attractive, the physical size 
of ducting for 20% bleed at the low 
pressures of inlet flow may nive 
rise to unacceptable model distortion. 


FIG. 3.2 34. PUMPING CHARACTERISTICS OF subj^Vf the 

CURRENT GENERATION ENGINE CYCLES arguments between the protagonists 

_ _ oe\ each * Factors like compactness, 

AND EPS. (REF 3.2.2b) unit cost, test cost, repeatability, 

ease of use, supplementary services, 
ca)ibrat ion, may be used by each 

school of thought in turn as a pro-or con- foreach particular simulator . Of these factors the only ones 
which must be of prime importance are accuracy, repeatability, and degree of simulation. Without good 
performance of these parameters there is no point in embarking on a test no natter how cheap or simple it 
might be. Contrary to first impressions, it would appear that the EPS couU be more susceptible to errors 
in operation due to internal deformation or damage to the primary nozzles or screens and pressure dropper 
plates, than the TPS which might be expected to retain the same basic calibrated performance characteristic 
as long as it remains operational. 

3.2.3.1. Basic Design of Ejector Systems 

This section only briefly introduces the basic desiqn objective of the ejector. For more detailed study 
the reader is referred to Refs. 3.2.26, 3.2.28, 3.2.29, 3.2.30. 

Reference 3.2.29 by Wood provided one of the first published detailed analyses of the design and use 
of "ejector drives fnr engine simulation in wind tunnel models at high speeds". This work was limited to 



simple one dimensional analysis with estimates forsystem losses. It was in this paper that the first 
thoughts of inlet flow bleed to concurrently simulate correct inlet and exhaust flows were proposed 

Reference 3.2.26 by Smith, Mat; and Bauer of AEDC took up the development from this stage and studied 
the relationship of the experimental ejector to the theoretical one dimensional model defined in this ref¬ 
erence by the consideration of mass, momentum, and energy. This work also suggested that it is more suit¬ 
able to relate the ejector performance to the engine performance via the mass flow and the choked exhaust 
nozzle exit area A| x . 


w 


i.e. W, 


inlet 


EC 


being independent of flight 

Mach number and altitude. Engine pressure ratio(EPR) with geometrically similar nozzles must also be simulated. 
Thus Ref. 3.2.26 defined the ejector powered simulator(EPS) performance in terms of W£c V EPR. These 
parameters for typical engines are shown in FIG. 3.2.34. The reference also introduced the concept of the 
need to operate at an increased EPR to correctly simulate the hot gas plume effects. Using the results 
of Ref. 3.2.6 it is suggested that for: 

(a) normal ‘cold 1 operating engine conditions of 1800-2200'F, the EPR should be increased by 2-12 

(b) turbofan operating conditions, the EPR should be as for the engine and 

(c) reheat operating conditions of 3000-3300 J F, the EPR should be increased by 20-50 



FIG.3.2.35 EFFECT OF EXHAUST NOZZLE CONTRACTION RATIO CR (REF 32.26) 


Ref. 3.2.26 studied the effect of a range of geometric parameters by experiment for both single 
stage and dual stage ejectors. The important findings were that the ejector mixing duct Mach number 

should be in excess of 0.6 for maximum performance. This effectively controls the exhaust nozzle 

contraction ratio to a value less than 1.2. But contraction ratio can be used as a way of degrading 

an ejector performance to achieve a lower performance requirement e.g. reheat FIG. 3.2.36. 

A further factor in ejector performance is the primary nozzle Mach number, the effect of which 
is shown in FIG. 3.2.36. Theoretical analyses have been used to estab'isb a design criterion to achieve 
the high performance arm of FIG. 3.2.36. Theoretical study using the momentum and continuity equations 
for a single stage multi nozzle have established a relationship between the primary nozzle thrust and 
that of the mixing duct exit which indicates whether or not the high performance mode can be achieved. 

It was found that an exhaust nozzle contraction ratio less than 1.6 was required with a primary nozzle 
Mach number of 5. For lower primary Mach numbers the limiting value of contraction ratio reduces 
significantly as shown in FIG. 3.2.36. Further analysis indicates that a low total temperature of the 
primary flow is necessary for maximum performance but not too cold to give liquefaction of the primary 
expanded flow at very high Mach numbers. 
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FIG 32 36. THEORETICAL EFFECT OF PRIMARY NOZZLE M 2 FOR VARIOUS 
LOW VALUES OF CR. (REF 3.2.26) 


Theoretical mixing duct length analysis on the basis of turbulent mixing theory has shown 
that for acceptable exit pressure profiles a mixing duct length of 6-15 diameters (primary + secondary 
duct) is required for low by-pass engines and 8-20 diameters for turbojets. In practice this means that 
the mixing duct must effectively be broken down into smaller elements to achieve a shorter total mixing 
duct length i.e. a multi nozzle system is required. 

Analysis of the performance of a two-stage ejector compared with that of the single stage shows that 
whilst this provided a higher simulated EPR, the maximum value of WECwas only 70-90 of that of the 
single stage ejector. The advantage of the 2 stage system is the flexibility of operating range which 
can be achieved with variation of primary drive pressure. With a judicious choice of geometry of the 
two stages it may be possible to operate an EPS over the shaded band of FIG. 3.2.37. 

Whilst the demonstrated flexibility could be an advantage the two-stage ejector is not recommended 
for reasons of its greater length and lower W^. 
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FIG.3.2.37 THEORETICAL PERFORMANCE OF 

A TWO STAGE EPS. (REF. 3.2.26) 


Ref. 3.2.28 uti1ises an 
empirical factor plus one 
dimensional theory approach 
which has the advantage of 
simplicity in comparison 
with three-dimensional methods, 
and versatility in comparison 
with a purely empirical approach. 
The manual data of this Ref. is 
limited to air-to-air ejectors 
having a primary to secondary 
temperature ratio of unity. It 
is also a requirement that the 
primary nozzle is fully expanded 
such that the primary exit static 
pressure equals the secondary 
static pressure P 3 , thus giving 
no internal primary nozzle 
separation. 

The design of an ejector 
system must be a series of 
compromises where priorities are 
applied and the degree of match 
of the required final parameters 
must be accepted or re-iterated. 
For a specific engine simulation a 
decision is required at the 
initial stage as to whether the 
exhaust or the inlet flow must be 
correctly simulated, and in either 
case 



FIG. 3.2.38 BASIC EJECTOR DEFINITIONS (REF 3.2.28) 


the degree to which one parameter should be optimised and whether inlet bleed is permitted for inlet flow 
simulation. The required ejector mass flow ratio may be calculated directly as a function of the full 
and model scale temperatures: 


Ejector mass flow ratio 



m, \/(TR). (7R) - x/rrRT - 

' J • J 00 


where (TR) = Full scale to model static temperature ratio at ® or jet pipe j conditions, 

and (7R) - Full scale to model *Y Ratio at jet pipe conditions 






alternatively if other parameters are known use: 


where 


and 


Then 


*2 Mass flow ratio 

iti 1 * rfi 2 Mass f low ratio + 
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the known capture area ra*io. 


Mass flow ratio (MFR) 
MFR * 1 


A c . «- 
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where P 0 is the total to static pressure ratio of the free 




f (MJ 


NPR is the exhaust nozzle pressure ratio 

and Q is the total pressure non-dimensional mass flow function m. T = f(M) 

A~T~ 

0 

Reference 3.2.28 proposes certain design constraints 3 s determined from experience >tr good practice. 

a 1 A choked efflux at station 5 has been shown to give improved back pressure at station A. It is 
suggested that an exhaust nozzle contraction ratio of the order of 1.11 be used thus limiting M 4 
to less than 0.68. Smaller values are recommended if there is a likelihood of Mg going supersonic. 

io) -he duct feeding the primary nozzle must in practice he of limited cross sectional area and the 
Mach number in this duct should not be greater than about 0.3. Thu then defines the size of the 
choked throat of the primary nozzles which in turn defines A 4 depending upon the Mach number at the 
exit if the expand*.!': primary nozzle. 

Icj M 3 should be as low as possible to reduce loss# in the secondary flow past the primary nozzle 
assembly. 

L-is s fa ctors 

These are empirical allowances for the various’ sees that occur in the regions of the ejector duct flow: 

(a' mi ** ” ; duct between stations 1/3 and 4 by the momentum equation: 


P.P. 

si * 

1.4 M, 


SP 

. (i ♦ 

1 .4 M/ 

i 

1 + cm 4 ‘ 


(1 * 

0.2 Mj 

T v- b 


d * 

o.r h 3 ‘ 

73.6 


where 

P.P. 


fD % 









rprr 






and 

SP 


P rj ? 

pR" 

I 







1 p-i. 

L a r 

j 




for 

a r 

■ a 4 

and C D 


Primary 

nozzle 

discharge 

coefticient 


*7 


"his loss coefficient C includes the loss in momentum due to 
(at Secondary total pressure losses 
[b) Secondary/primary mixing transfer losses 
{c) Mixing duct wall friction losses 
(d) non-isentropic mixing processes 

In Ref. 3 .2.2% >t was shown that within limits 

C 1.51 ♦ 0.019 .-fl 

wnere n is the number of primary nozzles for a mixing duct length 

V vn - 10 

0 

where 0 - mixing duct diameter 

or 0 vd^ - d^*’ for an ejector in an annulus of d 0 outer diameter and d-j inner diameter. 




This loss factor applies to non chdced exhaust nozzle flows at station 5. As previously mentioned, 
choking at station 5 improves the upstream flow quality and uniformity and the C factor is found 
to be reduced by about 0.06. The above values of C assume a well-designed ejector duct system 
with no separation o f the primary nozzle flows, non choked secondary flow in the primary plane and 
a mixing duct length equal to or in excess of L. for the primary nozzle discharge coefficient Co, 
nrirary total pressure loss coefficient may be incorporated for losses which occur in small primary 
feea pipes less than 12mm diameter. For primary nozzle throat diameters greater than this value the 
effective Cg is near 0.99. The value of Cq may be taken to vary linearly between 0.99 at 12mm diameter 
to 0.90 at 1mm diameter. This data is applicable to primary convergence angles of 15' for convergent 
sonic nozzles and 24°/14"for con-di nozzles. 

Mechanical design features 

Ejectors for engine simulation are generally specialised and it is difficult to generalise a ‘best design', 
nevertheless 'gnod design' features should be incorporated to optimise a given requirement. Some such 
features are: 

(a) low secondary Mach number approach to the contraction area created by the presence of the primary 
ducts. The secondary duct Mach number should be at its greatest at the plane of the primary nozzle 
exhaust. 

(b) efficient primary nozzle design. This may be achieved by the use of sharp lipped primary nozzles 
(to avoid inefficient regions of base flow) and the use of individual tubes feeding each primary 
nozzle FIG. 3.2.39(a) in preference to a communal rake arm FIC. 3.2.39(b) feeding a series of 
nozzles in the trailing edge. 




FIG 3.2.39 PRIMARY EJECTOR NOZZLE RAKES 


(c) Use of multiple primary nozzles reduces the optimum length of mixing duct for efficient energy 
mixing. This also has the benefit of greatly reduced ejector noise. 

Optimum performance requires that the due. be adequately covered by primary nozzles and for thin annulus 
arrangements as in l~w by-pass geometricit may be difficult to ensure adequate overlap with the optimum 
number of nozzles. Thus before settlinq on a final arrangement, a geometric ‘end view 1 should be studied to 
ensure that there are no blank areas which will reflect as holes in the efflux total pressure. Area spacing 
should be carried out positioning nozzles such that equal diameter circles drawn about each nozzle 
centre cover the induced duct area to the maximum possible effect. Increased numbers of primary nozzles 
may be seen to be necessary. The positioning of the nozzles wll also be governed by the blockage 
imposed by the primary nozzle assembly. Where only a small number of nozzles is required for optimum 
performance (as given by momentum and loss calculations) the value of n may need tc be increased if 
peaks in the total pressure profiles are to be avoided. As a guide it has been found that to suppress 
nozzle pressure profile peaks valuesof the relation 

/r. . - $ 28 M 4 should be achieved for a non-choked station 5. For a choked nozzle 

D 

the basic minimum design value may be used. 

3.2.3.2. Some Typic al Applications of EPS Units 

To illustrate some typical features of ejector desiqns for an in-fuselage configuration data is 
drawn from Ref. 3.2.31. 

A single engine fuselage configuration with earthed ejector simulator 7 . illustrated in FIG.3.2.40. 

The model was supported or. a 6 component balance via* a - bTocT support sTruT. The design was typically 
highly congested in the centre of gravity area where it is desirable to keep the balance CG closely 
positioned whilst not forcing the ejector plane too far aft. The solution was the design of a special 
annular balance which permitted an internal a*ial duct from the inlet to the ejector plane. The 
non-reheat ejector comprised 14 nozzles whilst the reheat case had 24. The general philosophy of the 
mode' was art earthed ejector and nozzle w;th live airframe shell carried on the annular balance. 

A live/earth seal was fitted between the front end of the earthed ejector duct and the live internal 
inlet duct. With such an arrangement of course the quality of the nozzle flow (being non-metric) 







FIG. 3.2.40. SINGLE ENGINE SCHEMATIC DESIGN WITH 
NON-METRIC EJECTOR. (REF 3.2.31 ) 


was not so important and it was not essential to optimise the mixing. The metric/non metric duct break 
requires careful attention to the balance of measured force, the loads on the balance being a combination 
of: 


F 6AL = F AER0 ■ F RAM 4 F DUCT SPLIT + F SEAL + F B0DY 4 P BLADE . FIG. 3.2.41 . 

TARE PRESS 

The pressure tare items of split, seal, and body cavity are all items applied to experimentally determined 
areas. 



FIG.3.2.41. FORCES ON EARTHED EJECTOR AND DUCT SYSTEM 


The effect of deflection on the seal calibration must also be determined experimentally. Duct split 
momentum force is a function of the duct flow distribution and is likely to vary with test conditions. The 
position of the duct split force vector is also important due to its possible pitching moment interaction. 
The F r ^ m term for inlet momentum is coupled through mass continuity to the Fquct SPLIT term wh ich 

minimises the mass accuracy requirements. Accurate calibration of some of these momentum and tare terms 
requires the use of a simulator test tank similar to that discussed in section 3.2.2. 

A similar build could be designed with a live ejector simulator . In this case the problems of seal 
interference and split line momentum and mass fTow calibrations are exchanged for the need to transfer 
high pressure air feed lioes across the metric break between the blade support and the live ejector. 

The use of a live gross nozzle thrust requires its calibration against internal instrumentation to an 
accuracy appropriate to the required airframe drag accuracy. In principle the live EPS FIG. 3.2.42. 
is more simple to bookkeep than the earthed EPS requiring 

f bal = F A£R0 ' f ram 4 f gross 4 f blade 

THRUST TARE 






In general the percentage accuracy of gross thrust determination of any system must be of the order of 
the net thrust i.e. gross thrust - ram drag, for a fighter application, where the by-pass ratio is 
usually low the net thrust is of the order of half the gross thrust, so for drag determination to 1 drag 
count (0.0001) we have a requirement of about 0.3t in net thrust (equal to drag) and a corresponding 
gross thrust requirement of 0.15*. This of course is very extreme and sights normally have to be set 
lower at say 4 drag counts, as a significant number. The question that remains is, will it be possible 
to calibrate ejector simulator exhaust flows to this order of accuracy? 



F balar>c« 


FIG.3.2.42. FORCES ON LIVE EJECTOR 


It is obvious that the main problem of this system, even if the gross thrust calibration can be shown 
to be satisfactory, is the design and operation of a successful high pressure air transfer system with 
calibrated pressure and deflection tares. 

The one system which may be attractive to the model design might be an earthed ejector protruding 
into the flow of a fully metric duct. This is attractive in the avoidance of a high pressure air 
transfer requirement of the live ejector system and the avoidance of the duct live/earth split of the 
earthed ejector system, the only design requirement being that of a seal between live duct and earthed 
ejector tube. Such a scheme is shown diagrammatically in FIG. 3.2.43. 



FIG. 3.2.43 FORCES ON LIVE DUCT WITH EARTHED EJECTOR 


It will be seen that this system introduces a new term F^jectqr because the exit momentum is 
modified due to the earthed force on the ejector body. The accounting and calibrating of this arrangement 
is difficult but the mechanical advantages are such as to make a solution worth pursuing. There is no 
recorded evidence of such a scheme being used. 

Of particular interest is the potential of the EPS for simulation of vectored jets. The extreme 
simulator requirement must be that of a Harrier or AV8B type installafion. Physically it should be 
possible to provide a dual ejector system to represent both front and rear nozzle pairs whilst giving 
reasonable air inlet flows. The integrated geometry however almost precludes the use of a live ejector 
with the attendant problems of live/earth airfeed systems across the balance at the aircraft CG between 
the nozzles. The whole concept of a 4 nozzle split with different NPR for front and rear pairs makes 
the problem formidable. Any solution will probably only be suitable for stability and control work, the 
thrust analysis being very complex. 

It is perhaps symptomatic of the whole problem of engine simulation that: the airframe configuration 
that most needs complete representation is the most difficult to achieve. 

3.2.3.3. EPS Units Designed Using the Criteria of Reference 3.2.26 by Smith, Hatz and Bauer 

Ejector design features developed in the above reference are summarised earlier in this chapter and 
also discussed in Ref. 3.2.32. Using this data two pairs of ejector nacelles were designed for a 6* 
scale model of the North American Rockwell Bl. The two sets of nacelles represented 






A. A subsonic cruise dry power operating condition with V)^ = 57.7 ib/src.ft 2 at an EPR of i.66. 

Because of the short length of this nacelle unit it was necessary to go to a 19 unit multi nozzle 
primary with an exhaust nozzle contraction ratio n*’r the optimum at 1.19. The previous work in the 
Ref. indicated that the maximum performance might iected to give a Wfc of about 50 lb/sec.ft 2 . 

Thus it was expected that some inlet bleed would be retired for full matching at this operating point. 
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FIG 3.2.44 EPS CONFIG. OF 6% B1 MODEL IN SUBSONIC MODEL BUILD 
(REF 3.2.32) 


Calibration of two of these units gave surprisingly similar results. The inlet mass flow for the 
basic no-bleed unit was about 5% lower than the predicted 50 lb/sec.ft 2 . Using an inlet flow scoop 
as shown in the FIG. 3.2.44 perating at its max. flow, some 20% increase in inlet mass flow could 
be obtained. The calibration results for the two subsonic units are given in FIG. 3.2.45. 
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FIG.3.2.45. CALIBRATION RESULTS OF TWO SUBSONIC EPS UNITS (REF3.2.27) 


These show the similarity of the performance and the effectiveness of the inlet bleed in giving an 
operating point very close to the required design point. It will be noted how the mixing duct flow 
became supersonic for values of EPR more than 1.8. For higher values of EPR there is an abrupt change 
from subsonic to supersonic mixing duct flow and the exhaust total pressure distribution becomes very 
non-uniform. 

B. A supersonic dash poin t with = 32.3 lb/sec.ft 2 . This unit was developed from a 19 to a 22 primary 

nozzle build and because of the constraints of the Bl nacelle shape the maximum obtainable exhaust nozzle 
contraction ratio was 1.1 giving a mixing duct Mach number at the rather high value of 0.7 rather than the 
optimum 0.6. To improve the anticipated poor mixing duct flow, screens were added one diameter upstream 
of the exhaust plane. As the required value of Wpr was well within the design capability of the 
ejector, there was no requirement to boost W fr with inlet bleed. The layout of this build is shown 
in FIG. 3.2.46^ 
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FIG.3.2.46. EPS CONFIG. OF 6% B1 MODEL IN SUPERSONIC DASH BUILD 
(REF. 3.2.32) 


The initial calibration of this build gave values of inlet mass flow some 25% below the design value with 
significant exhaust nozzle flow distortion. The large exhaust nozzle associated with this operating point 
and correspondingly high mixing duct Mach number was the cause of supersonic mixing duct flows as found in 
the higher pressure ratio operating conditions of the subsonic build. The inlet induced flow was found to 
be limited by choking in the plane of the ejector nozzle support struts. To alleviate the problems, the 
inlet air mass flow was boosted by the use of the inlet bleed duct of the subsonic build and the choking in 
the ejector was alleviated by removing some of the primary support struts and nozzles and replacing them with 
other nozzles nearer the periphery. The distribution was finally improved by the addition of a large open 
area ratio screen (7% blockage) which did not completely eliminate the supersonic core but also did not 
reduce the as did a higher blockage screen. The results of the calibration of the two supersonic 
dash units are given: 



FIG 3.2.47 CALIBRATION RESULTS OF TWO SUPERSONIC DASH EPS UNITS. 
(REF 3.2 27) 

These results show that the units matched the design requirements well after the above modifications 
and of course by the addition of 5-1 O'? inlet flow bleed. 

The above results are only a small selection of the detail design features described in Ref. 3.2.27. 
The effect of various parameters on the design performance are given in detail in that Reference which 
is recommended. 
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3.2.3.4. Cali brat ion Requirements 

These are very similar to those described in 3.2.2 on TPS calibration. Again it is worth restating 
that a calibration of a simulator is only as good as its instrumentation and is a calibration of that 
instrumentation. Very little information is available on the calibration and repeatability of EPS units. 

In the previous section it was questioned whether it would be possible to calibrate a unit to meet the 
required gross thrust accuracy needed for metric EPS installations measuring drag. The possibility must be a 
function of the adequacy of the ejector tube mixing with its attendent instrumentation plane uniformity. 

There is no data on combined temporal and spacial uniformity and very little information on the effect of 
inlet flow distortion. Basically the EPS is not as well documented as the TPS or CMAPS and must start at 
a disadvantage in this respect. 

Whilst it is frequently quoted that robustness is an important advantage of the EPS, presumably because 
damage is not so catastrophic, it is nevertheless liable to changes in calibration due to small movement of 
the primary nozzle array. For the TPS unit it has been well demonstrated that calibrations are very 
repeatable, the outlet from the compressor or fan being well and truly mixed by their high speed rotation. 

For the ejector however, if the length is kept to that of a useable simulator, the exhaust flow contour 
is likely to reflect the total pressure tubes of the primary nozzles. If this is the case then it is 
imperative that the flow contour is absolutely constant in time and space. If a total pressure tube is 
critically positioned in an area of steep pressure gradient, then its contribution to the nozzle coefficients 
can be changed by minute movements of the flow field. 

As with most problems, the calibration of the EPS can undoubtedly be solved by great attention to 
detail, but in principle it is likely that the EPS will need more check calibration than the TPS. It is also 
likely that the EPS will be more susceptible to variations in the contours of total temperature arising 
from the expanded primary nozzle flows than the total temperature variations at the exhaust of a TPS. 

This is almost certainly true for the conventional civil TPS with its separate fan and core flows but the 
CMAPS configuration with its mixing nozzle is becoming very similar to a multi nozzle ejector - with 
similar flow and temperature non-uniformity problems. 

3.2.3.5. Conclusions 

The ejector powered simulator has been shown to be capable of providing an adequate simulation of the 
flow requirements of current engines through the full dry and reheat cycles. For the maximum dry conditions 
of large engine pressure ratio with large non-dimensional mass flows it is necessary to bleed off 
significant quantities of the inlet captured flow before the ejector mixing plane. The high performance 
ejector needs refined design to meet the maximum operating points, using multi primary nozzles with high 
supersonic exhaust and high total pressure. Care has to be exercised to keep the mixing duct Mach number 
reasonably high without allowing it to go supersonic. Equal care is necessary to ensure adequate mixing 
for ejector efficiency whilst providing uniform flow at the nozzle plane. 

It is likely that the EPS will suffer the same objections as the CMAPS for the particular application 
of close coupled simulation. It is probable infactthat the L/D of a high performance EPS will be greater 
than that of CMAPS. 

There is no doubt that the ejector has its place in the non-metric application where the precise 
performance of the unit is less important than its basic simulation of the inlet and exhaust flows. This 
does not mean however that it is less likely to be able to meet the stringent calibration requirements 
of a live simulator unit, but there is currently less evidence of the uniformity of an ejector exhaust 
flow both in time and space, and in relation to pressure and temperature distribution. 

The economies of the ejectors should not be taken for granted. The requirement of different units 
to match dry and reheat performance, and the need for more frequent calibration contribute to the expense 
of the EPS. But of course the advantage of maintaining the design and manufacture in-house and the 
flexibility of size of custom -build units is an attraction over the TPS. 




3.2.4 ANNULAR JET 


The concept of plume interference on afterbody pressures has been illustrated previously in 
Fig. 3.2.1., and discussion in sub chapter 3.2.1. considers how the plume may be thought to act as a 
solid body flow interference mechanism which gives buoyancy forces and viscous interactions on the 
afterbody. T he entrainment flows in the mixing layer between plume and external flow induce afterbody 
flow veloci '■ changes which in turn affect the afterbody pressure distribution and drag. 

For exhaust blowing tests using a special model the existence of an interfering support strut system 
has to be accepted, and it is assumed that incremental effects of blowing and geometry are measured 
accurately in spite of the presence of the interference. As an alternative to special blowing tests a 
solid body mounted aft of the model might be used to give the equivalent 'jet solid body' forward 
interference. This will only be representative of one NPR condition for one external Mach number and 
will not of course provide the entrainment. As an alternative to this an annular jet may be introduced 
into the rear of a model supported on a high pressure blowing sting. This has the advantage of minimum 
support interference and provides a means of linking with the conventional aerodynamic forces model. 

This annular jet data can then be used as the absolute drag data link between the aerodynamic model and 
the special blow test model which only provides the incremental blow effect. These concepts are 
illustrated in Fig. 3.2.48. 



FIG.3.2.48. TEST BUILDS FOR ABSOLUTE DRAG. 


The test conditions of this annular jet model will be limited by clearance dimensions but will 
provide a datum to which C|_ and e effects may be added as determined by the aerodynamic test model. 

This latter does of course assume the exhaust effects to be small in comparison with the attitude effects. 

3.2.4.1. Development of the Annular Jet System 

Early reference to the concept of annular support/jet support systems is made by Bowers Ref. 3.233 
In this work comparison of afterbody pressure results was made for a typical single engine fighter 
afterbody in the cruise and reheat nozzle configurations. It was concluded from this work that the 
case of the cruise nozzle where the ratio of sting to nozzle diameter was 0.93 gave poor simulation 
results due to the non representative plume diameter and length. For the reheat nozzle with sting to 
nozzle diameter ratio of 0.67 the representation was very much better and the plume diameter and jet 
wave length was much closer to that of the full nozzle flow. The indication from this work was that 
reasonable representation of a free jet plume may be obtained with an annular jet if the initial cell 
construction of the annular plume can be made to approach that of the free jet. The concept of correct 
initial expansion of the jet from the nozzle boundary is an obvious requirement but the post exit 
blockage effect associated with the plume maximum diameter is also necessary. Bowers also refers to the 
practical aspects of the applicability of the annular nozzle concept to single nozzle configurations 
compared with the twin nozzle and rectangular and plug nozzle. Some data is available on the use of 
annular jets and solid sting jet simulators in Ref. 3.2.34. This work showed that for a F4 type 
configuration with a fully expanded cylindrical exhaust the simulation by a solid cylindrical sting was 
good. For a rear twin nozzle'Flll type'configuration however, significant differences were noted 
particularly for the large afterburning type nozzles. 

Results of tests on a twin nozzle configuration with annular jet representation showed good 
correlation of drag for NPR <5 if the NPR of the annular jet was adjusted to give the plume 
maximum diameter Fig. 3.2.49. 
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FIG.3.249. COMPARISON OF AFTERBODY DRAG WITH CONVENTIONAL AND ANNULAR 
JETS FOR A TWIN-ENGINE FIGHTER MODEL WITH PLUME CORRELATION 
AND CORRECTION FOR STING EFFECTS. (REF 3.2.34) 


Reference to the design an d concepts of the annular jet are given in Ref. 3.2.35 by Price 
where a parametric study was made of exhaust nozzle area ratio and sting-nozzle exit diameter ratio. 

The tests were made in the AEDC 16T at M - 0.6, 0.9 and 1.2 with a range of nozzle area expansion 
ratios from 1 to 1.5 and sting to nozzle diameter ratios of 0 to 0.95. It is of interest to note these 
experiments were made in the presence of a model support strut and of necessity it was assumed that 
this had no effect on the incremental findings of the study. Also, not unreasonably, the tests were 
made with ambient temperature exhaust air. 

A typical example from the above work illustrates the effect of increasing sting diameter on the 
afterbody external pressure drag (Fig. 3.2.50). This effect is m< st strorqly marked at fairly high 
levels of NPR at conditions where the nozzle is severely under - expanded. The effect, is to 
significantly reduce the pressure recovery on the boattail giving an increase in pressure drag. Data 
is also presented illustrating the effect of nozzle expansion ratio on afteroody drag for constant 
sting ratios. This indicates how for large sting sizes the afterbody interference is predominantly 
due to the sting irrespective of the expansion ratio (Figs. 3.2.51a-d). In general it may be observed 
that the true (no sting) NPR effects are wel1-simulated, qualitatively, for sting diameters less than 
0.7 x jet diameter. 

It was noted that there were no significant effects of incidence in the range up to 6 on the plume 
simulation behaviour of the annular jet. 

Analysis in Ref.3.2.35 of schlieren photographs and pressure <1 istributions alon~ the sting within the 
plume has allowed correlation between the full diameter nozzle jet results and those obtained with an 
annular nozzle. Plume shapes calculated by the method of characteristics are illustrated in 
Fig. 3.2.52 and indicate that for under-expanded jets of the same nozzie area ratio and NPR the 

























annular nozzles produce plumes of smaller maximum diameter and shorter cell wave length than do full 
nozzles. This is an expected feature as the compression and expansion waves of the jet propagate along 
characteristic lines until they reflect from a solid or a free boundary. Thus a movement of the solid 
sting boundary towards the free boundary (as the sting diameter ratio increases) will shorten the 
characteristic path lengths. Compression waves reduce the free boundary diameter whilst expansion waves 
increase it. For the annular jet the sting surface being close to the free boundary will cause wave 
-plume boundary interactions to occur over shorter axial distances giving a reduction of both initial 
plume length and diameter. The effect of sting diameter is illustrated in Fig. 3.2.53 and results 
indicate quantitative effects as in Fig. 3.2.54. 



FIG-3 252 VARIATION OF PLUME SHAPE WITH ANNULAR JET STING SIZE AS 
DETERMINED BY METHOD OF CHARACTERISTICS (REF 3.2.35) 


The results have been correlated to 
obtain 'simulation' pressure ratios for the 
annular jet which will give the same plume 
maximum diameter as that obtained without a 
sting. Calculated plume maximum diameters 
have been obtained by the method of 
characteristics and by u one-dimensional 
continuity relationship of the jet mass flew. 

NPR levels to give the same simulation maximum 
jet plume size tend to be the same irrespective 
of which calculation method is used for the 
predicted maximum plume diameter hence the one 
dimensional method (being simpler) is recommended. 

A typical derived curve from these results is 
shown in Fig. 3.2.54 which relates NPR for 
different sting diameter ratios for a given 
nozzle expansion ratio and Mach number. A 
corresponding correlating relationship is also 
illustrated in Fig. 3.2.55 for different 
nozzle expansion ratios at a fixed sting ratio 
and M. Thus from these correlating plots it may 
seem that plume diameter may be changed by either 
changing NPR for a given nozzle area ratio or by 
changing area ratio for a given NPR. Thus area 
ratio itself need not be matched (although the 
corresponding correct exhaust angle should be) 
as long as the combination of area ratio and NPR 
is such that the maximum plume diameter is matched. 
These features of interchangeability of 
nozzle area ratio, sting diameter ratio and NPR, through the correct simulation of plume diameter, provide 
scope for economic test programmes where either it is more suitable to limit the hardware or the blowing 
pressure level. It should be noted however that sting/nozzle diameter ratios in excess of 0.7 can give 
rise to poor plume representation at transonic Mach numbers. 

The results of this Reference 3.2 .35 may be used to provide reasonable simulation conditions for 
annular jets for nozzle expansion ratios and Mach numbers where drag follows the normal trends of decreasing 
drag with increasing nozzle pressure ratio and plume diameter. 



FIG.3.2.53 VARIATION OF PLUME MAXIMUM 
DIAMETER WITH STING DIAMETER,NSPR«20, 
A/A'113 (REF 3.2.35) 


3.2.4.2. Practical Application of the Annular Jet 
The design of a rear sting support system has various conflicting requi -ements: 

(a) Model - sting clearance. 

(b) Sting strength 

(c) Sting mass flow 


Item (a) can be controlled by careful layout of the sting and balance flexibilities in relation to the 
centre of pressure of load and its movement with test parameter (M,aetc).The deflection is also a function of 




rPR3 IS EQUIVALENT NPR FOR NO-STING TESTS 



FIG.3.2.54 ILLUSTRATION OF PROCEDURE FOR DETERMINING THE CORRELATION 
PRESSURE RATIOS (REF3.2.35) 

NPR 2 IS EQUIVALENT NPR FOR DIFFERENT EXPANSION RATIOS 



FIG.3.2.55 ILLUSTRATION OF PROCEDURE FOR DETERMINING 

THE CORRELATION PRESSURE RATIO NPR2 (REF3.2.35) 

the magnitude of the loads which may be controlled in the same way as the sting stress is controlled. 
Item (b) is a function of the required clearance (a) and the hole size for mass flow (c) and of course 
the loads dictated by the model shape and areas etc. 
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The foregoing discussion has mainly pre-supposed that the annular jet occurs in the annulus between 
the stina and the model no 2 zle ex*t which is true for a pressure plotted afterbody model FIG. 3.236(a) 
For a force model however, where a sting support will provide the minimum datum interference condition, 
pressure forces in the internal nozzle of the model may not be permitted. A model/stinq 
design of the type shown in Fig. 3.2.56(b) will be required where the sting to nozzle diameter is of 
necessity less than 0.7 to permit even a minimum range of model incidence within the clearance. 




FIG.3.2.56. ARRANGEMENTS OF ANNULAR JET STING SUPPORT SYSTEM 
FOR COMPLETE OR PART MODELS. 


3.2.4.3. Conclusions 


The concept of the annular exhaust jet representation is a valuable one. It is shown that good 
representation of the solid body interference due to a jet can be provided by annulus ratios of 
d sting/d nozzle less than 0.7. Improved simulation is obtainpd by operating the annular jet at 
different NPR values from the no-sting NPR in order more closely to provide the correct initial plume 
cell diameter and length. 

The annular jet may be used to provide the means of measuring a minimum support interference datum 
condition for use with more specialised or representative jet-effects models. Such reference datum tests 
will of necessity be limited to very restricted model attitudes. The use of the annular jet is of course 
restricted to simple nozzle shapes but can have application to twin nozzle geometries. 
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3.3 STATE-OF-THE-ART ASSESSMENT OF TESTING TECHNIQUES FOR AIRCRAFT AFTERBODIES 
3.3.1 Introduction 


Wind tunnel testing for aircraft afterbodies is at best a series of compromises. For either 
aircraft development or general technology tests, perfect models and test facilities are never 
available. Often, existing hardware such as force balances or model support systems are used as an 
economy measure. This factor alone often leads to compromises in testing techniques. In addition to 
the usual restrictions of limited funds and time, other major considerations can Include: size of 
tunnel available, model size, model detail, model support type. If and how to determine model lift, 
drag, thrust and pitching moment, accuracy required, and simulation of exhaust flow and Inlet flow. 

The test objectives, however, should be the overriding factor. What is to be measured should come 
before what can be measured. 

Offered as an example of the difficulties of the issue of what can be and what should be measured 
are highly integrated nozzles as shown in Fig. 3.3.1. For some afterbody force measurements, test rigs 
can determine the afterbody drag separately from the thrust of the nozzle. This technique avoids the 
difficulty of determining the thrust to a similar degree of accuracy as drag. However, with more 
complicated nozzles, like the isentropic ramp and the blow-in-door ejector, the separation of thrust 
and drag becomes more and more impractical. For the isentropic ramp nozzle this separation becomes 
almost impossible because of the interaction of the flows over the thrust and drag producing surfaces. 
As Indicated In Fiq. 3.3,2, the external flow over the boattail interacts with the primary jet and 
secondary (cooling) flow. The primary nozz’e with a fixed (small) divergence section will run 
off-design with related high thrust losses- depending on the base pressure P . As shown, this pressure 
and the resulting nozzle thrust are func* is of nozzle pressure ratio and secondary flow rate. 
Therefore, In addition to difficult for.^ measurement, it is necessary to duplicate the three merging 
flows precisely fn order to obtain wind tunnel results which are representative of the full scale 
flight case. 
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FIG. 3.3.2 INTERACTION OF PRIMARY, SECONOARY AND EXTERNAL FLOWS 
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The complexity and diversity of state-of-the-art afterbody testing techniques are illustrated in 
Fig. 1.4.5 and 3.3.3. Given the task of determining the surface pressures on a series of axisyranetric 
nozzle boattails, each participant in an AGARD study (Ref. 3.3.1) evaluated the available facility and 
test apparatus with respect to the test objectives and developed the diverse faci1ity/model 
arrangements shown in the first figure. Struts, strut/stings, forward/aft sting supports, and 
perforated and slotted wall test sections with minimal to high blockage were used to obtain the test 
data. For full aircraft afterbody models, the support system consideration alone entails choices 
ranging from a nose mount to a half plane reflection, as shown in Fig. 3.3.3. These figures illustrate 
most but not all common aircraft afterbody test arrangements. 
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FIG. 3.3.3 JET EFFECTS MODEL SUPPORT SYSTEMS (REFS. 3 .3.3,3.3.A) 


This section will address and assess the state-of-the-art of testing techniques for aircraft 
afterbodies. Included will be force balance arrangements, the use of pressures to determine the 
afterbody pressure forces, model support considerations, a discussion of areas of uncertainty, 
information on testing techniques for advanced aircraft and a final summary and recommendations. 

3.3.2 Force Balances 


3.3.2.1 State-of-the-Art Metric Arrangements 

The force balance techniques used for afterbody testing are as varied as the individual 
tests themselves. Fig. 3.3.4 shows six different model support configuration which measure the 
afterbody forces with one or more force balances. The total metric model thrust-minus-drag arrangement 
(A) is considerably different from the three afterbody only thrust-minus drag configurations (B, C, D) 
and the afterbody drag balance models (E, F). Even if the installed afterbody/nozzle is the only 
emphasis of the model design, as in Fig. 3.3.5, the balance arrangement can vary from total 
thrust-minus-drag, to separate balances for thrust and draq, to a thrust-minus-drag balance with a 
separate shell drag balance, to a thrust-minus-drag balance with a calculated thrust value. There Is 
no convention or standard for afterbody/nozzle force balance arrangements. 
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FIG. 3.3.4 AFTBODY DRAG TEST RIGS (REF. 3.3.5) 



FIG. 3.3.5 WIND TUNNEL TESTING SCHEMES FOR INSTALLED AFTERBODY/NOZZLE 
PERFORMANCE (REF. 3.3.6) 


Force balances should be carefully sized to provide the parametric visibility required to 
satisfy the test objectives. If the force balance, for example. Is sized for full thrust loads, then 
It is probably oversized to get accurate aerodynamic loads. For the B-l podded engine nacelle (shown 
in Fig. 3.3.11), If the aircraft had also been metric with the nacelle, then the desired afterbody 
Increments would have been hidden In the data scatter. 

Multiple force balances are often used to separately determine forces on different model 
sections. A typical force balance system which measures the external and internal aerodynamic forces 
consists of two balances: a main balance to determine lift and thrust-minus-drag of the afterbody and 
a thrust balance to measure nozzle normal and axial forces. While this arrangement allows 
determination of component forces, afterbody drag Is now determined as a small difference of two large 
numbers. A generic pod with this balance arrangement Is shown in Fig. 3.3.6 and a full aircraft model 
similarly fashioned is presented In Fig. 3.3.7. This aircraft model has an afterbody balance, a nozzle 
thrust-minus-drag balance and provisions for a forebody balance. 















FIG. 3.3.7 LARGE SCALE AFTBODY/NOZZLE MODEL 
(REF. 3.3.4) 


A recent trend which will receive much attention in the future due to the interactive 
nature of the propulsion system and the vehicle aerodynamics is fully metric models. These models can 
incorporate a nonmetric vertical tall as a portion of the support system (Fig. 3.3.8) or be fully 
metric with a horizontal metric break at the support strut. Further discussion of fully metric models 
will follow in Section 3.3.6, Testing Techniques for Advanced Aircraft with Highly Interactive Flow 
Fields. 



FIG. 3.3.8 GENERAL ARRANGEMENT OF MODEL AND SUPPORT SYSTEM (REF. 3.3.9) 


Hybrid arrangements use force balances in combination with Integration of surface 
pressures to avoid taking a difference of two large force balance values to get a relatively small drag 
number. A model of a supersonic point design aircraft. Fig. 3.3.9, was configured with an aircraft 
balance and a nozzle thrust-minus-drag balance. The metric external nozzle surfaces were instrumented 
with surface pressures to determine afterbody lift, drag, and pitching moment. An alternative to this 
arrangement, also shown In Fig. 3.3.9, is to make the nozzle thrust and boattail surfaces nonmetric and 
determine the nozzle external aerodynamic forces by a pressure area Integration. This is another 
variation of the fully metric approach discussed in the previous paragraph. 



FIG. 3.3.9 HYBRID FORCE SYSTEM MODELS (REFS. 3.3.11, 3.3.12) 
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3.3.2.2 Inherent Problems 

The force balances used in afterbody force measurement provide useful information for the 
areas they are metering. Force balances, however, are often complicated and their output requires 
corrections to provide data with acceptable levels of repeatibi1ity and accuracy. These terms are a 
function of at least the bare balance calibration, pressure area tare forces, including cavity, metric 
seal, and base pressures; flow momentum tares; and combined loading interactions. For example, the 
force balance in Fig. 3.3.10 has a bellows system that must be calibrated as a function of pressure to 
determine the change in measured load with nozzle pressure ratio. Balance corrections should also 
account for nonrepresentative forces due to internal cavities and metric break gaps. The cavity tares 
are calculated using the difference in pressures inside the cavity and the freestream static pressure 
over the internal projected area. The metric break tares are from seal tension and from pressures on 
metric break surfaces. For the B-l nacelle test arrangement in Fig. 3.3.11, with metric afterbody and 
nozzle, the supersonic corrections for cavity pressures, metric seal and minor corrections for 
labyrinth seal and base pressure resulted in a corrected axial force more than twice the balance 
measured load, Fig. 3.3.12. Subsonically, Fig. 3.3.13, with the cavity pressure correction and metric 
seal correction in opposite directions, the corrected axial force was just less than double the 
measured load. 



FIG. 3.3.11 FORCE BALANCE NACELLE CONFIGURATION 
{REF. 3.3.14) 



FIG. 3.3.13 BALANCE FORCES AND CORRECTIONS AT SUBSONIC 
SPEEDS (REF. 3.3.14) 










Another concern with force balances is the aerodynamic effect of the small yet definite 
gap at the metric break. Since the model may flex under load, a forward or aft facing step may appear 
affecting the data. A change in pressure coefficient between a locked and taped metric gap and an open 
unlocked metric gap Is shown in Fig. 3.3.14. Pressure coefficient changes as large as ±0.06 are 
evident in the data. 
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FIG. 3.3.14 EFFECT OF METRIC BREAK ON MODEL PRESSURE DISTRIBUTION (REF 
3.3.14) 


The model previously illustrated in Fig. 3.3.7, demonstrated the use of two force 
balances with two metric breaks. Such multiple balance arrangements can introduce complex model 
interactions and increased data uncertainty. For all model hardware, a complete error analysis prior 
to detailed model design or prior to utilization of existing hardware should be conducted to evaluate 
the predicted data uncertainty against the test objectives. A sensitivity analysis or partial error 
analysis of critical parameters may be acceptable in some instances. 

3.3.2.3 Suirmary Comments - Force Balances 

Force balances are powerful testing tools for determining afterbody nozzle forces and 
moments. Great care must be given to accounting for all tares and corrections, and to the measured 
levels of accuracy and repeatability versus the levels required to meet the test objectives. 

Past experience should serve as a guide for new model balance arrangements and can point 
out potential error sources for existing model force balance hardware. 

New hardware should be designeo and built considering the test objectives, the test 
facility and the configuration itself. 

3.3.3 Surface Pressures (Pressure Area Integration) 

If surface static pressures are available, a pressure area integration can be an attractive 
alternative to the use of force balances to determine afterbody/nozzle forces. In addition, when 
comparing wind tunnel model and flight vehicle characteristics, the use of pressure coefficients and 
pressure integrated forces is considered a reliable techrique. On an YF-17 model (Ref. 3.3.16), for 
example, one side of the wino unnel model was instrumented with 60 static pressure orifices on the 
nozzle boattail, 128 on the nacelle, and 19 on the forebody. The flight vehicle had 39 fuselage 
pressure orifices and 32 nozzle orifices located as close to the wind tunnel positions as possible. 
This distribution o f pressures allowed good wind tunnel-to-flight comparisons of the local flow 
phenomena and force 
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On the B-l nacelle aftend, over 200 pressures on both the wind tunnel model and flight vehicle 
(Fig. 3.3.15), were utilized for not only a wind tunnel to flight comparison but also a force balance 
to pressure area integration comparison on the wind tunnel model. As shown in Fig. 3.3.16, the 
pressure area integrated subsonic drag plus estimated skin friction drag compares well with the force 
balance value and at supersonic speeds follows the same trend. The difference in supersonic drag 
values was attributed to an inaccurate metric seal correction due to widely varying seal pressures 
around the nacelle. Note that while both wing sweep and nozzle setting are varying across the Mach 
number range, comparisons of forces from balances and pressure area integration are conducted on 
equivalent configurations. 



FIG. 3.3.15 B-l AFT NACELLE SURFACE PRESSURE INSTRUMENTATION (REF. 
3.3.30) 
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FIG. 3.3.16 COMPARISON OF DRAG COEFFICIENT MEASUREMENT TECHNIQUES (REF. 
3.3.14) 



3.3.3.1 Inherent Problems 

Kennedy (Ref. 3.3.14) points out that the largest potential problem with determining 
forces with a pressure area integration is not having adequate coverage in critical areas. Complex 
configurations or truly three-dimensional shapes which have severe pressure gradients are difficult to 
measure with this technique. For the reasonably clean VT-I7 afterbody, Lucas (Ref. 3.3.16) compared a 
70 orifice pressure area Integration with a 200 orifice pressure area Integration. For this comparison 
the axial force differences were within the data repeatability of 3 axial force counts (+0.0003), Fig. 
3.3.17. Analytical techniques should be used to determine o< fice placement . 
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FIG. 3.3.17 EFFECT OF LIMITED ORIFICE INTEGRATION ON CRUISE NOZZLE (REF. 
3.3.16) 


If a pressure area Integration is to replace a force balance arrangement for a complex 
afterbody configuration or full vehicle, a large number of pressure orifices are required. As many as 
700 pressures have been specified in past efforts. This requirement can result in mechanical as well 
as financial problems. Pressure tube routing for multiple tubes will complicate model volume design 
and model configuration changes. This and the additional high cost can be prohibitive factors when 
using this technique in many research efforts. 

While a force balance measures all forces on the metric portion of the model, a pressure 
area integration can only determine the pressure effect and a calculated skin friction draq term must 
be added. This term can be a large contributor to the subsonic afterbody drag (Ref. 3.3.3). The 
state-of-the-art calculated skin friction drag is generally believed accurate if there are no separated 
areas or If the separation location is well defined (Ref. 3.3.17). 

Two final considerations for the pressure area integration technique are orifice size and 
imperfections. For most conventional facilities, orifice size is determined by lag times for pressures 
to stabilize relative to the cost of wind tunnel operation. Larger orifices and tubes reduce lag times 
and thereby reduce testing time. In high Reynolds number facilities, however, the model boundary layer 
is small relative to nominal orifice diameters or local imperfections due to the pressure orifice 
installation. As discussed by Kilgore in Ref. 3.3.18, when the boundary layer thickness is very small 
compared with the orifice diameter, the streamline curvature can change near the orifice with eddies 
set up in the orifice resulting in a measured static pressure significantly higher than the actual 
value. Experimental data also indicates that orifice imperfections such as burrs can produce flow 
separation leading to incorrect measured pressure values. Additional imperfections include 
out-of-round orifices, particles in the orifice, and orifices not flush to the model surface. This 
type of bias error needs to be considered if testing is at high Reynolds number and accuracy is desired 
to within two (C D = ± 0.0002) drag counts. 

3.3.3.2 Summary Conments - Pressure Area Integration 

Pressure area Integration Is a viable alternative to the use of a force balance to 
determine total afterbody forces if the pressures are adequately distributed over critical areas and 
skin friction drag Is accurately calculated. 







Difficulties may arise for several reasons: complex configurations with sharp local 
cross-sectional area changes and the resulting large pressure gradients may be difficult to adequately 
cover with pressure orifices, the model fabrication cost may be excessive if large numbers of orifices 
are required, and orifice size limits or imperfections may limit data accuracy if testing is done in a 
high Reynolds number wind tunnel facility. 

3.3.3.3 Force Balance versus Pressure Area Integration 


The forces on most aircraft/afterbody configurations can be determined using either a 
force balance or a pressure area integration. As shown in Fig. 3.3.16 and 3.3.18, the subsonic B-l 
nacelle axial force can be accurately predicted with either method after the balance corrections and 
estimated skin friction are accounted for. 
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FIG. 3.3.18 COMPARISON OF AFTERBODY AXIAL FORCES BY A FORCE BALANCE AND 
PRESSURE INTEGRATION (REF. 3.3.31) 


Similar results were seen in an Aeritalia study (Ref. 3.3.29) for a single engine fighter 
aircraft model. Forces from limited pressure orifices and a six component balance showed the same 
trends. The conclusions of that study were that the number and distribution of pressure orifices have 
to be carefully addressed and that a good comparison of force balance and integrated values was 
possible due to limited test conditions and a simple geometry. 

The choice of pressure area integration versus force balance depends on many factors. 
Besides satisfying test objectives, factors such as cost, complexity, time for model changes versus 
available test tin*, model scale, and model support must be considered. The configuration and forces 
to be determined may eliminate pressure area integration if internal nozzle forces must be included or 
a strong internal/external flow interaction is present. In some cases, the proper pressure 
instrumentation may give more accurate information on the change in drag or the source of 
afterbody/nozzle forces. The choice of pressure area integration or force balance must be made early 
in the planning process, based on engineering consideration of the many factors involved. 

3.3.4 Wind Tunnel Model Support 

Support structure In some form must be used for afterbody nozzle testing due to high pressure air 
supply requirement. Support hardware varies from facility to facility and model to model. Previous 
figures (3.3.3-8) have shown the diversity of support techniques. Even for the same afterbody in the 
same facility, the support system can vary from a wing tip support to a strut to a blown sting. Fig. 
j.3.19. The support is required to have strength and rigidity to withstand the aerodynamic loads plus 
a margin of safety, provide space for instrumentation and high pressure air lines, and yet be small 
enough to produce acceptable flow interference (one of the most cited reasons that wind tunnel and 
flight data do not agree). These three support systems mentioned are the most prevalent types in use 
and the discussion of the state-of-the-art will center on these alternatives. 



FIG. 3.3.19 YF-17 WIND TUNNEL MODEL SUPPORT SYSTEMS (REF. 3.3.3) 





The Sting support system has long been used for afterbody testing, promising minimal 
aerodynamic interference compared to other systems. The support is sized by the strength requirements 
based on model weight, dynamics, expected aerodynamic loads, and test conditions. The sting support 
offers the advantage that all blockage contributions are downstream of the model and the support 
minimizes the aerodynamic interference on the model. It may however, have limited capability in a 
highly dynamic force environment and at angle-of-attack, and may not be applicable for advanced nozzles 
which are not axisymmetric. The promise of minimum interference has kept this technique in 
development. 

If the sting support satisfies structural requirements, then the remaining consideration 
is how well the free exhaust plume is simulated. This was discussed in some detail in Section 3.2, 
Progress in Jet Simulation. A free jet affects the nozzle a f terbody forces through entrainment and 
blockage. If the sting is solid with no flowing jet, only the blockage is simulated. Previous efforts 
have contoured the support sting near the nozzle to approximate the local plume contours. These are 
acceptable generally at only one nozzle pressure ratio. An effort by Porrato, Ref. 3.3.24, 
investigated the impact on nozzle boattail pressures of a solid sting support through the nozzle 
relative to jet-off and jet-on test conditions. A transonic test was conducted with a single engine 
fighter aircraft instrumented with a six component balance and sixty one pressure orifices. The 
boattail pressures with the dummy sting versus a free jet-off condition showed much more pressure 
recovery, and therefore, lower drag on the boattail. The lift and pitching moment did not change. The 
jet-on comparison was similar except that the effect was not as pronounced. The duirmy sting boattail 
drag was approximately twenty percent lower than the jet-on afterbody drag value. Some jet simulation 
is reouired with a sting support to reproduce flowing jet aerodynamics. 

The annular or blown sting support system maintains the interference free features of the sting 
support and produces a conduit for high pressure air to the model for the flowing jet. This technique 
has been developed primarily at Arnold Engineering Development Center for large scale aircraft models. 
Price, Ref. 3.3.25, discusses development of the annular sting for an F-16 configuration. The model 
arrangement for determining sting interference is shown in Fig. 3.3.20. The difference in axial force 
between a full jet plume and an annular jet plume was five axial force counts with an average of 2-3 
counts across the Mach number range. 



FIG. 3.3.20 STING SUPPORT PARAMETRICS MODEL (REF. 3.3.25) 


Price and other researchers have completed sufficient parametric support studies to establish 
guidelines for the design of the geometric features of these systems. For example, in a complementary 
research effort to establish the impact of sting taper on boattail pressures (Fig. 3.3.21), the results 
indicated that the sting flare should be at least 3 body diameters downstream o' the nozzle base with a 
10 degree boattail and 5 body diameters downstream of a cylindrical boattail to minimize base pressure 
interference. Ref. 3.3.28. 

3.3.4.2 Suimary Comments 

Empirical data exists and should be used during model design to determine the effec¬ 
tiveness of a blown sting to simulate the flowing jet (Section 3.2) and to provide minimum support 
interference. 

This testing technique should be given strong consideration wherever test objectives, 
test facility or test hardware allows its use. 
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FIG. 3.3.21 EFFECT OF STING LOCATION ON MODEL BASE PRESSURES, M* 0.9 
(REF. 3.3.14) 


3.3.4.3 Wingtip Support 

While first introduced in the early 1950's, the wingtip support has recently been used as 
an afterbody testing technique in the European technical community, NASA Langley, and Arnold 
Engineering Development Center. The and F-16 plus other aircraft have been tested with this 

support system (Refs. 3.3.14, 25, 27, 28, and 29). A typical installation is shown in Fig. 3.3.22. 

Note that the wing must be modified outboard for structural strength. Questions remain relative to the 
impact of wing planform changes on normal force at high angles-of-attack and on wing downwash at 
transonic Mach numbers. 



Interference for this system is determined by comparing axial forces with an 
"interference free" sting support and durony wingtip support hardware to data with the model supported 
by a sting only. Representative interference numbers for axial and normal force relative to the sting 
supported model are shown in Fig. 3.3.23. Significant problems are evident between 0.8 and 1.1 Mach 
number, both in axial and normal force. It should be noted that unpublished data does indicate 
successful use of this technique up to 0.92 Mach number with specially designed transonic wingtip 
bodies. Aulehla in Ref. 3.3.41 presents a computational approach to determining wingtip support 
interfr ence. Based on a simplified panel computation, the distance from the yoke to the model 
trailing edge was increased resulting in the selected support configuration for a supersonic Tornado 
aftbody test. In isolating the Interference, parametric hardware has been tested with variations of 
the boom tips, and span, shape, chord, and location of the downstream blade. Some of these variations 
are shown in Fig. 3.3.24. Price (Ref. 3.3.28) presents design parameters to guide use of this 
technique. For example, boom tips should be shaped such that supersonically, neither the shock r,or 
expansion from the tips intersects the portion of the model of interest. Other design guidelines are 
available in this reference for the effect of altering the wing tip support spacing as well as the 
geometry and location of >e aft support blade. 
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FIG. 3.3.23 EFFECT OF WINGTIP SUPPORT SYSTEM ON AFTERBODY FORCE 
COEFFICIENTS, F-I6 (REF. 3.3.14) 



3.3.4.4 Summary Cofrments 

The wlngtlp support is a viable alternative especially for incremental afterbody/nozzl 
testing, avoiding the 0.8 to 1.1 Mach number range. This technique permits only the afterbody to be 
metric and the wing planform geometry is distorted. 

Confidence In this technique is enhanced by the design guidelines for geometric 
parametrlcs which enable design and fabrication of a minimum interference support system. 






3.3.4.5 Strut Support 


While much maligned in some quarters as a high interference system, the strut support 
continues to be used for many tests. The diversity of application was shown in Fig. 3.3.3 and in other 
illustrations with this text. This technique can meet most of the criteria for a support arrangement, 
that is, strength and rigidity and duct space for instrumentation and high pressure air, but often can 
contribute to unacceptable tunnel blockage and model flowfield interference, presents some difficulties 
at high angles-of-attack and should not be used for yaw testing. Kennedy (Ref. 3.3.14) states that in 
many cases the strut blockage is the same or larger than the model blockage and that the flow 
interference can be large, especially near the model. The extent of this strut interference has been 
determined for full aircraft models. For an F-16 model (Ref. 3.3.25), the interference in axial force 
is large between 0.95 and 1.2 Mach number (Fig. 3.3.25) and generally less than 0.01 in normal force 
coefficient across the Mach number range (Fig. 3.3.26). Glidewell (Ref. 3.3.22) indicates that for a 
twin engine fighter configuration, a strut could be properly designed to produce small interference 
subsonically and supersonically. Transonically, however, the strut interference could be 20 axial 
force counts (0.0020) or 40 percent of the subsonic afterbody drag value. Wind tunnel tests with the 
B-l aircraft (Refs. 3.3.15 and 3.3.30) determined the strut effect in the afterbody nacelle region to 
be 2.8 drag counts at 0.85 Mach number and 6 drag counts at 1.2 Mach number. The model was tested 
inverted, that is, strut on the top of the model, to reduce this interference. 
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FIG. 3.3.25 EFFECT OF STRUT INTERFERENCE ON AFTERBODY AXIAL FORCE 
COEFFICIENTS (REF. 3.3.14) 


Parametric studies to reduce or isolate strut interference have been conducted by German 
(Ref. 3.3.26). Typical variables investigated are shown in Fig. 3.3.27. From this data, emphasizing 
afterbody/nozzle test arrangements, German concluded that the interference above 0.99 Mach number is 
from disturbances originating at the strut leading edge which are reflected from the tunnel wall to the 
afterbody. The interference can be minimized by a swept strut at an optimum location and sweep angle. 
Of more importance, this reference is a source of design guidelines which can be used to minimize 
interference of new strut hardware or to predict the Interference of existing hardware. 
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FIG. 3.3.26 STRUT INTERFERENCE ON NOZZLE/ AFTERBODY NORMAL FORCE (REF. 
3.3.25) 
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FIG. 3.3.27 STRUT SUPPORT PARAMETRICS (REF. 3.3.26) 


3.3.4.6 Summary Consents 

Despite all of the problems Identified with a strut support, this arrangement may be the 
"best" to satisfy particular test objectives and will continue to be used. For example, test programs 
seeking total aircraft forces may require this technique. 

Great care is required from at least 0.95 to 1.2 Mach number to minimize strut 
Interference. Maximum utilization of empirical design guidelines, past experience, and computational 
tools should be considered when us*' of new or existing strut arrangements are proposed. 
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3.3.4.7 Summary Comments - Wind Tunnel Model Support 

The predominant wind tunnel model support systems are the annular sting, wingtip support, 
and strut support. Each has advantages and disadvantages relative to particular test objectives. 

After the strength, rigidity and ducting requirements have been satisfied, the Interference must be 
evaluated. Support Interference for these three systems on the F-16 Is summarized in Fig. 3.3.28. 

Note that for this configuration, the annular sting shows the smallest change In axial force due to the 
presence of the support, followed by the strut, which has particularly high interference between 0.95 
and 1.2 Mach number and then the wingtip support. It should be emphasized that the support system is 
determined as a minimum by the test objectives, available test hardware, and test facility. Empirical 
guidelines and computational methods are available to indicate the problem areas associated with a 
particular support system. 



FIG. 3.3.28 COMPARISON OF INTERFERENCE ON NOZZLE/AFTERBODY AXIAL FORCE 
FROM STING, WINGTIP, AND STRUT SUPPORT SYSTEMS, CRUISE 
NOZZLES (REF. 3.3.25) 


3-3.5 Areas of Uncertainty 

As in any area where engineering judgement is Involved, the choice of a particular test 
arrangement Is often more art than science, with all options compromised in some fashion. Topics which 
are currently uncertain In this discipline Include the choice of full versus partial model simulation, 
full versus partial metric models, and the extent of model fidelity required for proper determination 
of forces. This section will discuss the Issues surrounding these topics and offer general guidelines. 

3.3.5.1 Full versus Part Model (Simulation and Metric Arrangement) 

The question of how much of the test configuration should be simulated or metric Is 
unresolved. Jaarsma, Ref. 3.3.6, presents a good review of the advantages and disadvantages of testing 
partial and complete models. The advantages of partial models are: larger scale, perhaps a scaled 
boundary layer, better accuracy due to a smaller area on the force balance, more Instrumentation, more 
detailing, better data for basic investigations, parametric test possible at less cost, and the data 
can be used to develop and verify theory. The primary disadvantage is that the cylindrical forebody 
typically used Is to some degree an unrealistic simulation and the airframe installation effects are 
missed. For a complete aircraft representation, the advantages are: better external flow simulation 
and duplication of nozzle environment, better accounting of mutual Interferences and the forebody 
influence, more accurate simulation of aircraft aerodynamics and plume Interference. Disadvantages 





are: smaller model for a given facility, limited instrumentation allowed in smaller volume and 
difficult simulation of secondary and tertiary air. While some basic testing still utilizes a generic 
pod type body, most large scale tests have full model representations. 


Usually the forebody and afterbody are treated as separate areas, with the afterbody 
changes assumed to be affecting that region only. Data with the same forebody and changing afterbodies 
shown in Fig. 3.3.29. The change In forebody drag from afterbodies 2-5 to afterbody 1 is probably only 
significant for afterbody 5 with the steepest boattail. Note that the body is somewhat short coupled 
and a higher fineness body may not show an interaction. Additional data is presented for the model 
shown In Fig. 3.3.30 which was tested with three boattail configurations across the Mach number range. 
The resulting afterbody drag difference for the three boattail configurations is significant (Fig 
3.3.31), but the forebody drag difference (Fig. 3.3.32) is not (on the order of 0.002). 



FIG. 3.3.29 F0REB00Y PRESSURE DRAG CHANGE WITH AFTERBODY CONTOUR (REFS. 
3.3.33,3.3.41) 





FIG. 3.3.30 MODEL TO STUDY EFFECT OF AFTERBODY CONFIGURATION ON FOREBODY 
DRAG COEFFICIENT (REF. 3.3.14) 
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FIG. 3.3.31 AFTERBODY DRAG COEFFICIENT FOR 
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Another side of the full versus part model simulation question is how much of the model 
should be metric. In comments offered by representatives from testing and aircraft organizations, the 
metric extent of the model depends heavily on the test objectives, for example, how much visibility is 
required for configuration parametrics. The critical metric break placement is determined by the 
fineness ratio of the configuration and the extent of the influence of the model parametrics. For the 
entire aircraft model shown in Fig. 3.3.33, changing the nozzle power setting from maximum reheat to 
dry produced a pressure coefficient change of 0.017 at a location where the area distribution was 80 
percent of maximum cross sectional area. Obviously, for this configuration, the metric break is not 
positioned far enough upstream to account for the entire effect of afterbody changes. Is there enough 
influence of afterbody configuration changes on the forebody to warrant a fully metric forebody 
simulation? The question may not need an answer. The current trend is toward use of advanced 
computational tools to calculate interference and fully metric wind tunnel models for near term and 
advanced aircraft configurations which exhibit a tendency of strong inlet and nozzle flow interactions. 



FIG. 3.3.33 EFFECT OF NOZZLE POSITION ON PRESSURE DISTRIBUTION (REF. 

3.3.33) 

3.3.5.2 Extent of Model Fidelity 

Other factors related to afterbody testing are the effect of inlet fairing on afterbody 
flow, effect of deflection of local empennage surfaces, the impact of secondary and tertiary auxiliary 
flows, and the need for model detail. An additional paraqraph on other qualitative/ quantitative 
assessments of afterbody flows is also included. These items will each be discussed briefly as they 
relate to afterbody testing techniques. 

3.3.5.3 Inlet Fairing 

A common procedure for jet effects testing is to fair over the inlet with an aerodynamic 
contour. The effect of fairing the inlet or varying inlet mass flow is evident in Figs. 3.3.34 and 
3.3.35. For the B-l with a close coupled nacelle (Ref. 3.3.31), changes in inlet mass flow ratio were 
evident in the drag of the reference nozzles over an angle of attack range at 0.80 Mach number. For a 
sting mounted F-16 teste* at AEDC, Fig. 3.3.35, a range of inlet fairings from full flow-through, 50 
percent flow-through, aerodynamic fairing and blunt fairing produced changes in both afterbody axial 
and normal force across the Mach number range. The effect was larger above 0 degrees angle-of-attack 
and above 0.9 Mach number. Obviously this effect is dependent on the configuration being tested and is 
part of the discussion of utilization of turbine powered simulators. 



FIG. 3.3.34 INLET MASSFL0W EFFECT ON AFTERBODY DRAG COEFFICIENT (REF. 
3.3.31} 
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FIG. 3.3.35 EFFECT OF INLET FAIRING CONFIGURATIONS ON AFTERBODY FORCE 
COEFFICIENTS (REF. 3.3.14) 


3.3.5.4 Impact of Empennage Surfaces 

If the installed afterbody configuration is in the vicinity of deflected empennage 
surfaces, then the tail/afterbody interaction should be investigated. Leavitt (Ref. 3.3.35, 
representative of many documents in this area) states that this interaction Is present throughout the 
Mach number range and is a significant part of the total afterbody drag. Especially at higher Mach 
numbers, if empennage surfaces are present, then empennage deflection should be included in afterbody 
testing. 

3.3.5.5 Impact of Secondary and Tertiary Auxiliary Flows 

All air taken onboard an aircraft for auxiliary system use is eventually dumped 
overboard. In model testing, the effect of the primary nozzle flow is accounted for but the secondary 
flows, such as environmental control system (ECS) and engine bay purge, are often not simulated. In a 
B-l wind tunnel-to-flight afterbody pressure distribution correlation, the inadequate simulation of the 
ECS was partially responsible for a mismatch between wind tunnel and flight pressures in the inner 
nozzle region. Inlet bleed and bypass flows also showed an influence on the B-l afterbody pressures. 
For the F-16 (Ref. 3.3.36), a simulation of the engine bay purge flow changed the axial force 
coefficient across the Mach number range. Fig. 3.3.36. For aircraft with secondary air exhausts in the 
afterbody region, a simulation of that flow in the wind tunnel model should be considered. 

3.3.5.6 Need for Model Detai l 

How much model detail is necessary for subscale testing? Rooney (Ref. 3.3.37) suggests 
inclusion of protuberances, excrescences and flaps. Fig. 3.3.37 shows an F-14 afterbody model which 
simulates gun pods, inlet bleed, wing fences, and the glove vane. Leyland (Ref. 3.3.21) indicated that 
for the Tornado aircraft, the model must have adequate avrcraft detail and if the aircraft is changed, 
a retest is advised. As the introduction to this section suggests, larger models can have more 
aircraft detail. The extent required is undetermined. 

3.3.5.7 Other Qualitative and Quantitative Afterbody Testing Techniques 

The key to utilization of both computations and experiments is understanding the flow 
physics involved in the afterbody ?>rea. If a "fix" is required for a production, development or a 
"paper" aircraft, the local flow phenomenon creating the problem and the changes in the local flow as a 
result of the "fix" must be known to adequately assess progress towards a solution. Techniques 
available to develop this physical understanding are flow visualization, hot film measurements for wall 
skin friction, local flow measurement (including upstream, downstream, and sidewall) of angularity, 
total pressure, velocity, and total temperature, and nonobtrusive techniques such as laser doppler 
velocimeter (LDV) for flowfield velocity determination. In the wind tunnel and inflight, oil and tufts 




FIG. 3.3.36 EFFECT OF BAY PURGE FLOW ON NOZ2LE/AFTEPBOOY 
AXIAL FORCE COEFFICIENT {REF. 3.3.36) 


FIG. 3.3.37 MODEL GEOMETRIC DETAILS (REF. 3.3.23) 


can be used to indicate regions of separation or high turbulence. Oil has been used in the B-l wind 
tunnel test program and has alsc been used successfully in the inflight Tornado development program. 
Tufts, both in B-l wind tunnel and flight tests, have been used tor a qualitative flow assessment. 
Additional qualitative testing can be accomplished in water tunnels especially when thrust reverser 
impingement and reingestiun is to be studied. This test technique will increase in importance as 
advanced aircraft rely on thrust reverser technology for short field landing capability. Flow 
visual Nation techniques for afterbody flow fields, while more art than science, play an important role 
in the study of afterbody aerodynamics. 

Laser doppler velocimet^rs can provide good quantitative flow field characteristics in 
near wake, and reversed and separated flow fields which can not ^e accurately measured by probes or h i 
wire anemometers. Heltsley, Ref. 3.3.4U, used an LDV to produce the velocity pro les for the 
a>isymmetr?c nozzle shown in Fig. 3.3.38. This technique can be used to produce detailed data to 
assist computational method development and verification. 



FIG. 3.3.38 AFTERBODY/NOZZLE VELOCITY PROFILES (REE. 3.3.40) 
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3.3.6 Testing Techniques for Advanced Aircraft with Highly Interactive Flow Fields 

Thrust vectoring, thrust reversing and propulsive lift for takeoff and landing and inflight are 
technologies associated with near term and advanced aircraft. A propulsive lift configuration shown In 
Fig. 3.3.39, not unlike the current Harrier, is utilizing ejectors and forward lift jets or engines for 
short take-off and landing capability. Current practice is to use completely metric models with tandem 
thrust-minus-drag nozzle balances or nonmetric boattails with surface pressures for nozzle drag. Test 
objectives should determine the metric arrangement, Lowspeed tests for advanced aircraft with thrust 
reversers, often with the reversed thrust nonmetric, are conducted to determine the stability and 
control aspects of these installations. If a turbine powered simulator is required to be metric for 
closely coupled aircraft, a whole new area of force balance arrangements must be investigated. The 
testing techniques required to capture all of the direct and induced forces for these highly integrated 
aircraft should be the emphasis of ongoing ard future testing technique development. 





FIG. 3.3.39 ADVANCED PROPULSIVE LIFT AIRCRAFT (REF. 3.3.39) 


3.3. Final Summary and Recommendations 

The choice of wind tunnel testing techniques for aircraft afterbodies must include consideration 
of many factors with the test objectives, available facilities and model hardware the most important. 
Sometimes there is no "best" testing technique to meet the test objectives. A general assessment of 
the state-of-the-art of afterbody testing techniques concludes the following: 

Force balances, while powerful testing tools, must be used with great care to minimize and 
account for all tares and corrections, and an assessment should be made of the predicted levels of 
accuracy and repeatability versus the levels required to meet the test objectives. A complete error 
analysis, or if appropriate a sensitivity analysis or partial error analysis of critical parameters, 
should be conducted. 

Pressure area integration can be a viable alternative for afterbody force measurement if the 
confJguration is not overly complex and coverage in critical high pressure gradients is adequate. 
Analytical methods should be utilized to properly place pressure orifices. 

The wind tunnel model support must be chosen with great care, considering at least the test 
objective, available test hardware and test facility. The most prevalent systems are the sting, 
wingtip, and strut support. The sting support, especially the annular sting with a flowing jet 
simulation, offers minimum interference but is limited when forces are highly dynamic and when higher 
angle-of-attack data is desired. The wingtip support is especially appropriate for determining 
incremental afterbody/nozzle forces if testing between 0.8 to 1.1 Mach numbe, Is avoided. Use of this 
technique is applicable only to a metric afterbody and requires a distorted wing planform. Use of the 
strut support between 0.95 to 1.2 Mach number requires great care to minimize strut interference. If 
full aircraft forces at higher angles-of-attack are required, this system may be preferred. If 
resources allow, support system interference corrections should be defined and applied. Design 
guidelines referenced in this document should be utilized to determine the optimum support technique. 

While the current trend is toward fully metric wind tunnel models, the extent of model simulation 
and model surfaces to be metric should be determined by the fineness ratio of the configuration and the' 
predicted extent of the Influence of the model parametrics. 







Other Actors which should be considered include the inlet fairing, location of deflectable 
empennage surfaces. Secondary and tertiary auxiliary flows in the afterbody region and tne extent of 
the model detail required. 

The key to utilization of both commutations and experiments is understanding the flow phys 
involved in the aftbody area. Techniques available to develop this physical understanding are ' jw 
visualization, hot film measurements for wall skin friction, local flow measurement of angularity, 
total pressure, velocity, and total temperature, and nonobtrusive techniques such as laser doppler 
velocimeter (LDV) for flowfield velocity determination. These techniques should be considered and 
incorporated whenever possible to add to the understanding of this flow phenomenon. 

Near term and advanced aircraft configurations are featuring thrust vectoring, thrust reversing, 
and propulsive lift capability. Special advanced and more complex testing techniques are required to 
determine alt of the direct and induced forces. These techniques should be emphasized for future 
testing technique development. 

Finally, development and evaluation of testing techniques for afterbody exhaust nozzle testing 
will continue to demand high levels of resources, both manpower and financial, as exhaust nozzle 
integration plays an ever increasing role in future aircraft evolution. 
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3.4 AFTERBODY FLOW INSTABILITIES (BUFFETING) 

The presence of separated flow regions either on an aircraft's wing or fuselage 
or in cavities and bomb bays provides a sufficiently large energy source to disturb the 
airframe. As a result, the performance of the aircraft may be limited by the disturbance- 
induced rigid and elastic vibrations, which may furthermore cause degradations of the 
handling characteristics. 

The highly undesirable rigid motions of the aircraft at angles of attack beyond 
the onset of separation are referred to in the longitudinal axis as "bouncing” and "pitch- 
up", and in the lateral/directional axis as "wing rocking", "wing dropping" and "nose 
slicing". These phenomena belong to the flight mechanics problem area and have a direct 
effect on aircraft controllability and the pilot's ability to hold an accurate flight 
path (Ref. 3.4.1). Elastic mode vibrations may also exist, due to flow separation in¬ 
duced excitation forces and changes in aerodynamic damping of the elastic modes. Both rig¬ 
id and elastic motions of the aircraft may degrade the combat capability, either by in¬ 
fluencing the pilot or disturbing the sensor platform signals and thus affecting con¬ 
trolled aircraft handling qualities. This may not necessarily be considered as a flight 
limit, but it gives an indication of adverse effects like degradation of longitudinal and 
lateral stability. 

Afterbody or tailplane buffeting can be provoked by flow separations on the rear 
fuselage, but often it can also be caused by flow separations outside this region, for in¬ 
stance by the wing wake or by wing vortex breakdown. Sometimes afterbody buffet even oc¬ 
curs at steady and level flight, leading to inconvenient or even unacceptable ride quali¬ 
ties and tracking characteristics. Both rigid and elastic mode vibrations at the pilot's 
seat caused by such afterbody flow separation phenomena may lead to pilot ratings from 
smooth to distressing, see fig. 3.4.Even structural damages may occur. 


BUFFET/VIBRATION/TURBULENCE LEVELS 

Suggested Pilot Rating Scheme 


Pilot 

Rating 

Category 

Description 

1 

Nil 

Completely smooth 

2 

Very light 

Just perceptible 

3 

Light 

Noticeable without 
concentration 

4 

Light- 

moderate 

Mildly annoying 


Moderate 

Annoying 

6 

Moderate- 

heavy 

Distracting 

7 

Heavy 

Uncomfortable 

8 

Severe 

Distressing 

9 

Disastrous 

Structural damage/loss 
of control 


Fig. 3.4.1 Pilot rating scheme for buffet evaluation 


Examples of tail buffeting induced by the wing wake are less serious now because 
of the care with which tailplane positions are selected. The tailplane position selected 
is inevitably a compromise between many mutually conflicting requirements (e.g. longitu¬ 
dinal stability at high speeds and low lift coefficients and at low speeds and high lift 
coefficients, or even by noise alleviation constraints) and hence tail buffeting can nor¬ 
mally be anticipated somewhere within the flight envelope. Tail buffeting needs not neces¬ 
sarily be harmful, as for instance on some aircraft buffeting provided a natural warning 
of the wing stall. Tail buffeting excited by wing flow separations will be sensitive to 
any devices which alter these separations, such as vortex generators, flaps or engine na¬ 
celles. A possible hazard which has occurred on a combat aircraft is tail buffeting ex¬ 
cited by the carriage of pylon-mounted external stores under the wing and fuselage. Pre¬ 
venting the flow separations by increasing the gap between the store and the wing or by 
reducing the thickness/chord ratio of the pylons removed this type of tailplane buffeting 
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The actions to be taken in order to eliminate afterbody buffet should consist 
first of identifying and possibly removing the buffet source outside the afterbody. If 
the problem is due to the wing wake, changes can be made on the wing by providing vortex 
generators, fences, etc. or on the tail by changing the vertical position, anhedral, etc. 
If the separation is provoked by the fuselage shape, local fuselage contour changes can 
be made, or modifications can be applied on the tail, by providing root strakes, vortex 
generators, profile variation etc. Ref. 3.4.2 presents a different method to reduce the 
vibration level at the pilot's seat or at the sensor platform by means of an active con¬ 
trol system with feedback of the fuselage accelerations to the tailplane servo in correct 
phase relationship. It is to be noted, however, that despite a great alleviation of the 
elastic vibrations the actual buffet source (flow separation) is still present together 
with possibly adverse effects on other parameters, as for instance drag or directional 
stability. The method was once proposed for Tornado but not pursued, after a modification 
of the afterbody geometry could be found which suppressed the separation on the afterbody, 
i.e. after the buffet source itself could successfully be removed. The corresponding de¬ 
velopment is described, together with the similar example of FIAT G91Y, in the next sec¬ 
tions . 


3.4.1 Afterbody Buffeting Evaluation and Possible Improvements 

Although some progress has been made in theoretical methods for predicting buffet 
onset conditions# particularly at subsonic speeds, no adequate theoretical method exists 
for calculating the unsteady aerodynamic excitation forces in fully developed separated 
flow at transonic speeds. The determination of these excitation forces from wind tunnel 
model tests for subsequent use in structural response calculations requires many assump¬ 
tions that need to be validated. A fundamental question that needs to be resolved is 
whether the ' nsteady aerodynamic excitation forces derived from pressure measurements on 
a rigid model may be extrapolated to an identical but elastic (responding) aircraft. In 
addition the practical significance of Reynolds number effects on separated flow in terms 
of the effects on elastic and rigid body response needs to be determined, as well as the 
effect of angle of attack on buffeting severity. The semi-empirical prediction of after¬ 
body buffeting may follow for example the procedure as described in Ref. 3.4.3. 

In spite of these uncertainties several prediction techniques have shown to give 
results that compare favourably with flight data for certain categories of buffeting, most 
notably wing buffet onset and, to some extent, buffeting intensity. However, experience 
has shown that the critical consideration is not always the wing buffet loads but some¬ 
times the excessive fatigue loads on tail surfaces, which could lead to degradation of 
performance through increased drag and decreased lateral stability which detracts from 
tracking capability. 

Another remarkable feature showing the difficulties of trying to predict after¬ 
body buffeting from model tests is depicted in Fig. 3.4.2 for an early Tornado configu¬ 
ration investigated during afterbody development flying. It shows a significant reduction 
of inflight accelerometer measured buffet levels for idle power compared to max dry (mili¬ 
tary) power engine setting, which was normally corroborated by the pilot's ratings. 



Fig. 3.4.2 Buffet intensity dependence on engine power setting 


This behaviour indicates that afterbody buffet could neither have been discovered 
on the six-romponent flow-through model with its low nozzle pressure ratios, corresponding 
to about idle power, nor on an afterbody model duplicating the actual flight nozzle pres¬ 
sure ratios but being equipped with a one-component (axial force) balance only. 





A further example where very unsteady flow separations on the nozzle external sur¬ 
face seem to have been detected in flight test only, is reported in Ref. 3.4.4 for the 
F-15 where nozzle external flaps experienced structural failure, leading to removal of the 
flaps. For such reasons it is quite difficult in most cases to detect possible afterbody 
buffeting phenomena already during model testing. In particular this is not only a matter 
of model instrumentation, but also a feature of the models themselves, which are usually 
not able to represent the structural characteristics of the full scale aircraft correctly. 
Flutter/buffeting models, on £ne other hand, are not equipped with adequate jet simulation 
devices and are, therefore, alsc not able to reveal jet induced forces on the afterbody. 

In this context it is worth remarking, as a further complication, that on occasion low pi¬ 
lot buffet ratings at idle power did not necessarily correlate with correspondingly low ac 
celerometer measured vibration signals. There are indications that this may be due to dif¬ 
ferent buffet frequency contents at normal and idle power, respectively, i.e., while the 
overall accelerometer signal is unchanged, some of the pilot distracting low frequency con 
tent is reduced at idle power. 

In Ref. 3.4.5 fo* the Tornado and later in the present contribution for the FIAT 
G91Y it is shown that it may be possible to cure the afterbody buffet problem by sometimes 
relatively small afterbody configuration changes, e.g. gully modification, filler pieces, 
vortex generators (Fig. 3.4.3 - Fig. 3.4.4). 




a) PROTOTYPE AFTERBODY (UNMODIFIED) b) AFTERBODY UPPER SURFACE PROFILE : 

REAR VIEW SHOWING CONFIGURATIONS TESTED 


THRUST 



C) AFTERBODY LOWER SURFACE PROFILE ON AIRCRAFT 
CENTER LINE SHOWING CONFIGURATIONS TESTED 


Fig. 3.4.3 Afterbody modifications tested during 
research programme (Ref. 3.4.5) 






STAGE 3 
(WIDE SPINE) 



Fig. 3.4.4 Most important flight tested afterbody 
configurations (Ref. 3.4.5) 


It should be pointed out that the remedial measures have to be selected carefully 
since often other items, e.g. directional stability or afterbody drag, may also be affect 
ed. Therefore, a proper compromise is required between all the aerodynamic and structural 
aspects, as is shown in Ref. 3.4.5 in the course of the evaluation of the Tornado produc¬ 
tion afterbody configuration. Figs. 3.4.5, 3.4.6 and 3.4.7 depict,'that the finally cho¬ 
sen "production” afterbody configuration almost completely restored the desired stability 
and afterbody drag goals, together with virtually complete removal of the afterbody buf- 
et. 





0.6 0.7 0.8 0.9 1 0 1.1 

MACH NUMBER 

Fig. 3.4.5 Tornado - directional stability (Ref. 3.4.5} 



MACH NUMBER 


Fiy. 3.4.6 Tornado - afterbody drag in flight test development 
(Ref. 3.4.5) 



MACH NUMBER 


Fig. 3.4.7 Tornado - effects of rear fuselage modifications 
on cockpit vibration (Ref. 3.4.5) 
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Buffet flight testing can thus be viewed as the final field trials which yield 
the qualitative and quantitative performance data and which indicate the degree of success 
attained by the designer. From an operational standpoint such testing is essential since 
it relates the pilot's opinion of the aircraft's maneuvering qualities to the engineering 
data. Finally, buffet flight testing is an invaluable source of data (fluid dynamics, 
structures, stability and control etc.) which design engineers can use to correlate theo¬ 
retical and wind tunnel results. 

In the past, buffet testing consisted primarily of obtaining pilot opinion data 
on buffet onset and the relative buffet intensity, and measurements of the normal load 
factor at the center of gravity. Consequently such tests related buffet onset to the pi¬ 
lot's tolerance of load factor vibrations, and other aircraft structural characteristics 
and only weakly to the air flow separation phenomena. Current buffet flight testing has 
progressed to an advanced state such that highly accurate engineering data are obtained 
and more thorough understanding of the flow fields, shock interactions, air loads, struc¬ 
tural responses etc. is gained. 

In general, flight instrumentation for buffet tests should include static pressure 
taps, total pressure and boundary layer rakes, accelerometers, strain gauges, aircraft at¬ 
titude sensors, high speed camera, wing/afterbody/tailplane tufts and a cockpit event mark 
er. Furthermore it is highly desirable also to perform instantaneous pressure recordings 
in flow regions, which are known (e.g. blunt base areas, or from inflight tuft/oil flow 
pictures) or are expected, to be separated. In the case of buffet flight testing of an op¬ 
erational aircraft, allowable instrumentation modifications may be limited (due to outside 
constraints), and close coordination must be maintained between the test engineer and the 
modification facility to assure optimum installation locations. 


3.4.2 A Typical Example: FIAT G91Y 

A typical example of afterbody (mainly horizontal tail) buffeting and of the suc¬ 
cessful solution of the problem is the case of the FIAT G91Y fighter. In this case the buf 
fet, associated with a deterioration of the lateral-directional characteristics, was occur 
ring in the high transonic range and was ascertained to be caused by fuselage flow separa¬ 
tion below and aft of the tailplane root. Proper transonic wind tunnel and flight tests 
provide-’ an understanding of the phenomenon and allowed the necessary configurational 
changes to be made. 


3.4.2.1 Analysis of the Problem 

In the course of early flight tests conducted on the first prototype (NCI) of the 
twin jet FIAT G91Y fighter, some unexpected aerodynamic instability in the afterbody zone 
was evident. Two were the main effects, provoked by the flow separations on the rear fu¬ 
selage: 

- an increased bending vibration level of the horizontal tailplane on the FIAT G91Y. cun- 
pared with the FIAT G91T which is the trainer version of the former with a single jet 
afterbody 

- a decreased directional stability margin (Cng) which at particular side-slip angles de¬ 
generated into instability. 


After each flight, the vibration envelope, expressed as the mean value of the 
highest oscillation amplitudes recorded in a time interval of about 3 seconds was calcu¬ 
lated and plotted versus Mach number. A typical sample is shown in figure 3.4.8 where 
similar data relevant to G91T are reported for comparison. 



o.e 
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Fig. 3.4.8 FIAT G91Y and G91T - vibration amplitude of stabilizer rear spar tip 
versus Mach number (different symbols identify different flight tests) 




Note in this figure that, despite the obvious configurational variants in the 
rear fuselage between the two aircraft (G91T is a single engine, Fig. 3.4.9, G91Y is a 
twin engine. Fig. 3.4.10), the horizontal tailplane vibration envelopes aie comparable 
up to Mcxj = 0.78 (with a maximum vibration level of about 2 "g") , then the curve relevant 
to G91Y shows a clean divergence which brings the vibrations level to 5 "g" at Mach num¬ 
ber equal to 0.9. This means, among other things, that the vibrations level considered 
acceptable by pilots (about 2 "g" to 3 "g") shifts from Moo s 0.9 for G91T down to M® = 
0.82 for G91Y. 



Fig. 3.4.9 FIAT G91T - single engine 



Fig. 3.4.10 FIAT G91Y - twin engine 





If the phenomenon is analysed in terms of power spectrum, e.g. resolving the vi¬ 
bration in its components at different frequencies (in a range between 0 and 200 Hz), it 
is possible to discriminate what is forced oscillation from the eigenmodes of the stabi¬ 
lizer structure. Performing this exercise it is interesting to note (for speed beyond 
Moo = 0.75) the presence of a vibration band between 20 and 35 Hz in a range where ground 
tests exclude the presence of structural modes. This vibration level is therefore to be 
attributed to a forced excitation (buffet) acting in a vertical direction in a frequency 
range around 25 Hz. Finally it is noted that the buffeting level, recorded normally for 
straight and level flight conditions, increases obviously with load factor (n z ), becoming 
for n 2 = 4.8 three times the value corresponding to straight and level flight. 


3.4.2.2 Solution of the Problem 

Aiming to restore the G91Y fighter to about the same buffeting levels appropriate 
to the G91T, an extensive campaign of tests, both in the wind tunnel (low/transonic speed) 
and in flight, was carried out. 

The first series of low speed wind tunnel tests, conducted on a 1/10 scale model. 
Figs. 3.4.11 and 3.4.12, was devoted to measuring the pressure distribution on the after¬ 
body, with the aim to find out the causes of the increased tailplane vibration recorded 
in flight and to identify possible geometry reshaping suitable to solve the problem. 



Fig. 3.4.11 FIAT G91Y - 1:10 scale wind tunnel model 



Fig. 3.4.12 FIAT G91Y - 1:10 scale wind tunnel model 







Test results showed a regular path of the streamlines along the fuselage with 
the exception of a remarkable negative pressure peak below the horizontal tailplane lead¬ 
ing to shock waves and subsequent flow separation. Among the tested changes of the after¬ 
body shape# aiming to reduce the negative peak# the most effective ones were to increase 
the length and width of the fuselage aft of the horizontal tailplane (modifications "a" 
and "E“ in Fig. 3.4.13). 

Aiming to check the effectiveness of the proposed solution, and to study more 
deeply other possible variants# a second series of low speed wind tunnel tests was per¬ 
formed on a 1/5 scale complete model. Test results, which basically confirmed the indi¬ 
cations derived from the first wind tunnel series# further indicated that it was neces¬ 
sary to couple to the previous shape modifications a "thinning" of the afterbody below 
the stabilizer# thus giving the rear fuselage a "wasp-waist" contour and finally shift¬ 
ing the horizontal tailplane 25 mm (full scale) upward (Fig. 3.4.14). Transonic wind tun¬ 
nel tests, conducted both on the original and on the modified configurations, confirmed 
the validity of the proposed afterbody reshaping. 



Fig. 3.4.73 FIAT G9TF - afterbody reshaping after 1st series 
of wind tunnel tests 



Fig. 3.4.14 


FIAT G91Y - afterbody reshaping after 2nd series 
of wind tunnel tests 











the improvement in directional stability (Fig. 3.4.17) is remarkable and the stability 
appears completely restored throughout the whole speed range. This improvement, partic¬ 
ularly significant at moderate sideslip angles (0° to 4°), is clearly due to the less 
adverse pressure gradient provided by the modified afterbody (Fig. 3.4.18), which im¬ 
plies a rearward shifting of the lateral centre of pressure 



Fig. 3.4.17 FIAT G91Y - effect of afterbody modifications 
on directional stability 



Fig. 3.4.18 Effect of afterbody reshaping on pressure 
distribution along the fuselage (G91Y) 


the vibrations level of the horizontal tailplane, expressed in terms of the maximum 
deviation from the mean value of the bending moment, is reduced by at least 50% with 
the complete removal of the peak at M® = 0.95 (Fig. 3.4.19) 

finally oil flow visualizations (Figs. 3.4.20 and 3.4.21) show that flow separation 
areas present on the afterbody of the original configuration have vanished on the modi¬ 
fied configuration. 







FLUCTUATING BENDING MOMEf 









The final confirmation of the effectiveness of the afterbody reshaping tested in 
transonic wind tunnel came at higher Reynolds n-.mber during flight tri< s. Flight results 
showed a remarkable improvement of the afterbody buffeting level (Fig. j. 4.22), as is cvi 
dent looking at the curve displaying the vibration amplitude of the horizontal tailplane 
tip, which is no longer monotonically increasing (for the speed range tested) as in the 
original configuration, but presents a break at about M A = 0.89 and then a decrease beyon 
this Mach number. As far as the directional stability is concerned, while in-flight mea¬ 
surements were not performed, pilot's statements confirmed the improvement also for this 
i tern. 



Fig. 3.4.22 FIAT G97Y - effect of afterbody modification 
on tail buffeting (flight test) 


3.4.3 Conclusions and Recommendations 

The examples presented show that the task to predict, detect and cure afterbody 
buffeting is a very delicate one, requiring proper model/aircraft instrumentation togeth¬ 
er with careful analysis of the test results to allow a definition and selection of reme¬ 
dial measures, if necessary. It is worth remarking that twin jet cc "igurations, espe¬ 
cially with close-spaced engines, seem to be more sensitive to unsteady local flow sepa¬ 
rations in the afterbody/nozzle region due to the much more complex flow field compared 
with single jet configurations. 

In summary afterbody buffet cannot be considered a trivial problem and checks 
leading to corrective measures are an essential feature of afterbody testing. Following 
the foregoing discussions, some recommendations are given for simulation requirements 
and instrumentation: 

a) model testing 

- correct afterbody geometry 

- duplication of actual nozzle pressure ratios 

- flow visualization (usually by oil flow pictures) 

- recording of instantaneous pressures (kulites) at least in regions where the after¬ 
body flow is supposed or known (e.g. by flow visualization) to be separated or "crit¬ 
ical" (gully between engines, fuselage/fin/tailplane intersection) 

- tail root strain gauges and/or tail tip accelerometers 

b) prototype flight testing 

- pressure and acceleration instrumentation corresponding to model tests 

' additional accelerometers, preferably at the cockpit station (the commonly used c.g. 
station accelerometers do not necessarily record the pilot perceived vibrations due 
to fuselage bending) 

- pilot buffet rating evaluation 

- flow visualization (oil flow pictures, tufts) 
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ERROR ANALYSIS AND CORRECTION METHODS FOR AFTERBODY TESTS 


As discussed in Chapter 3.3, many compromises are made when planning and con¬ 
ducting afterbody wind tunnel tests. Contributors to these compromises include consid¬ 
eration of time, funds, tunnel availability plus the choices of models, support and 
data measurement systems that may be used. Because of so many conflicting requirements, 
the test objectives, including required data accuracy., need to be well defined prior to 
finalizing the above choices. Test objectives can include a comparison of afterbodies 
(Ref. 3.5.1 and 3.5.2); afterbody force increments for total aircraft performance 
(drag) prediction (Ref. 3.5.3 and 3.5.4); general improvement of testing techniques 
(Ref. 3.5.5); and validation or improvement of computational methods such as those dis¬ 
cussed in Section 2,0 of this report. 

In defining the test objectives careful consideration must be given to the de¬ 
sired accuracy of the results. In other words; how accurate must be data be to give ac¬ 
ceptable answers. Ref. 3.5.6 suggests a -Cd'*‘= 0.0001 (1 aircraft drag count) as a de¬ 
sired accuracy requirement for total drag. Of course, experimental determination of the 
total drag for a fighter aircraft normally involves an assessment of incremental drags 
caused by afterbody/noz 2 le geometry and engine power changes. These incremental drag 
coefficients can be a significant part of the total drag and need to be determined as 
accurately as possible with Ref. 3.5.6 again recommending accuracy to within + 0.0001 
on -Cd + . As will be discussed, these desired requirements are very seldom achieved. 

Along with errors caused by support systems, force balances, model surface pressure 
measurements, metric breaks, etc., significant contribution to the overall error can, 
in many cases, be attributed to inaccurate determination of free stream or tunnel flow 
parameters such as static and total pressures (P«, and P^ ) , angle of attack (») and 
Mach number (M.«) . 

This chapter is an assessment of the influence of errors in measured (e.g. P. T , 
P tvi , • ) variables on the uncertainty of calculated performance parameters {e.g. Cp*, 

C L •*■) applicable to afterbody aerodynamics. Discussed initially is the relevance of 
accuracy, error, uncertainty, etc. along with some definition of the terms as they are 
being used in the literature. Following this is a section assessing the importance of 
accurate measurement or determination of tunnel flow parameters such as P,, i and M*. 
The influence on these variables of pressure gradients, blockage, wall angle, porosity, 
etc. is then discussed. Prior to the conclusions and recommendations, some of the un¬ 
certainties existing in determinirg in-flight drag ate presented. 

Of course there are many methods, analytical and otherwise, of correcting lift 
and drag values of two-dimensionai and three-dimensional bodies for errors due to wall 
interference, blockage etc. It is not meant to slight these methods,but only to keep 
the discussions here to those more applicable to afterbody tests. 


3.5.1 Error Analysis, Uncertainty and Test Data Repeatability 

A complete discussion of an error or uncertainty analysis of experimental test 
results is beyond the scope of this chapter, however, there is a need for clarification 
of some of the terms used and an understanding of why such an analysis should be under¬ 
taken. Various terms are used in the literature to describe the accuracy of measured 
data and the quantities determined from the data. It is recommended that references 
3.5.6, 3.5.7, 3.5.8 and 3.5.9 be consulted for in depth examples of procedures current¬ 
ly used to conduct an uncertainty analysis and for further c1arificat ion of the many 
terms used. 

Uncertainty is one of the more prevalent torr-.s used and, ir. general, consists 
of systematic and random errors with systematic errors sor.etir.es referred to as bias 
or fixed errors. The methods of combining random and systematic errors differ according 
to the preference of a particular author or experimental test group, however, the magni¬ 
tude of the uncertainties so determined do not differ greatly. Some estimates are more 
conservative than others. The difference can be mainly attributed to the various methods 
used to estimate the systematic errors as similar statistical methods are used to esti¬ 
mate random errors. A comprehensive pretest uncertainty analysis is recommended by many 
authors (e.g. Ref. 3.5.10) but in many situations, because of the complexity of the 
test, lack of time, lack of appropriate data from previous tests, etc., this is often 
difficult to accomplish. 

If an in depth uncertainty analysis is not or cannot be accomplished, then 
there is still a need to know the sensitivity of the computed parameters (e.g. Cp) to 
possible errors in the measured parameters <e.g. P, ) if the correct test equipment and 
procedures are to be chosen in order to minimize the uncertainty of the results. A 
post-test analysis should always be done to assess data scatter, ottermine repeatabili¬ 
ty and, if possible to improve the pre-test uncertainty analysis ,f future tests. 


3.5.1.1 Definition of Terms 

The following definition of terms used in uncertainty analyses were obtained 
from the various noted references and are offered here as an attempt to clarify this 
discussion of errors, their causes and methods that might be used to estimate and cor¬ 
rect them. The list is by no means exhaustive and some definitions may differ with 
other sources. 

Error (Ref. 3.5.9) - The difference between a measured value and the "true" 
one. Normally the "true" value is unknown and the magnitude of the error is hypotheti¬ 
cal. In some cases (Ref. 3.5.7) the "true" value is assumed to be that given by the re¬ 
ference value by the National Bureau of Standards (NBS). 

Systematic (bias) error (Ref. 3.5.9) - When the values determined by repeated 
measurements are in error by the same amount or (Ref. 3.5.7) the difference between the 
average of all possible measured values and the "true" value. 

Random error (Ref. 3.5.9) - When the values determined by repeated measurements 
do not agree exactly. 

Uncertainty (Ref. 3.5.7) - The maximum error reasonably expected for the de¬ 
fined measurement process. Normally consists of systematic and random errors. 

Error Limit (Ref. 3.5.8) - Similar to uncertainty but differs in method of 
estimating systematic errors. In general total Error Limit will be less than total un¬ 
certainty as defined above. 

From a review of the literature it appears that the term "accuracy" is general¬ 
ly used to mean the closeness or agreement between a measured value and a standard or 
"true" value (e.g. Ref. 3.5.7), however, a more restrictive definition is given in Ref. 
3.5.9 by the explanation that if an experiment has small systematic errors, it is said 
to have high "accuracy". Also in Ref. 3.5.9 there is a similar definition for precision 
in that if an experiment has small random errors, it is said to have high "precision". 
This latter definition is similar to that given for precision error in Ref. 3.5.7. 
Namely prec.'ion error is the random error observed in a set of repeated measurements. 

The above terms and discussion apply specifically to the errors and uncertain¬ 
ties of measured values of test data. When performance parameters, such as drag and 
lift coefficients (C D + ,CL' r / are calculated from measured test values then there 
needs to be consideration of how the errors or uncertainty in these measured values 
influence the uncertainty of the calculated parameters. Or in other words, how do the 
errors in the measurement propagate through the data reduction equations. For an in 
depth discussion of error propagation one is referred to reference 3.5.7 and 3.5.8. A 
common procedure to estimate the uncertainty of a calculated parameter is to use what 
is referred to as the Taylor series method which leads to the determination of influ¬ 
ence coefficients (the partial derivatives in the Taylor series expansion). 

Many times it is difficult to analytically determine the influence coefficients 
and dimensionless influence coefficients are used to estimate what the percentage 
change in a calculated value would be for a given percent change in a measured value. 
This estimation of the influence coefficients is sometimes referred to as a sensitivity 
analysis and in some situations may be the extent of a pre-test or post- test uncer¬ 
tainty analysis. Such an analysis does give an indication of what the error in the cal¬ 
culated parameter might be for a given error in a measured value. 

In general a sensitivity analysis assumes that errors in other measured values 
are minimal or insignificant. A detailed uncertainty analysis takes into consideration 
all possible errors of the measured values and their influence on the uncertainty of 
the final calculated parameters. 


3.5.1.2 Pre-Test Uncertainty Analysis 

As recommended by many authors (e.g. References 3.5.6, 3.5.7, 3.5.8, 3.5.10 and 
3.5.11) one should perform an uncertainty analysis prior to a test to estimate the 
maximum error that can be reasonably expected. The three main reasons being; selection 
of the "best" test method, selection of the "best" instrumentation and to give the 
range of test conditions required to achieve the test objectives. The depth of pre-test 
analyses varies from an estimate of the sensitivity of a drag coefficient to an error 
in free stream static pressure to a detailed examination of the combined effects on the 
drag coefficient (and other calculated parameters) of errors in pressure measurements, 
force balance measurements, angle of attack etc. An example of an in depth pre-test un¬ 
certainty analysis is given in Ref. 3.5.6 for a planned test on a transport aircraft. 

The main contributors to the uncertainty in the drag coefficient were considered to be 
errors in Mach number, balance forces, angle of attack, Reynolds number, static and to¬ 
tal pressure, temperature, internal drag plus model base and cavity pressures and the 
influence of pressure (Mach) gradients, stream curvature, stream upwash and tunnel 
humidity. In the example it was assumed that the systematic (or bias) errors of the in¬ 
dividual contributors were of the same magnitude as the random errors. The procedure 
followed was to calculate the contribution of each of the error sources using the 
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root-sum square method to come up with a total uncertainty, at M^ = 0.8, of + 0.0008 
(8 aircraft drag counts) in Cd + . A more detailed explanation is much beyond the scope 
of this chapter, however, it is important to note that the assumption each contributor 
to the total uncertainty had a systematic error equal to its random error is at best a 
rough estimate and points out one of the main difficulties in conducting a reliable 
pre-test uncertainty analysis. Namely, what are the systematic errors and how do they 
influence the resultant total uncertainty? The reasoning followed in Ref. 3.5.6 for 
assuming bias errors to be of the same magnitude as random errors was that for state of 
the art pressure transducers, strain gage balances and temperature sensors their syste¬ 
matic errors are roughly equivalent to their random errors, therefore, it was assumed 
that other error sources just might have the same level of systematic errors as their 
random errors. Another not as complicated example of e pre-test uncertainty analysis 
which uses the procedures of Ref. 3.5.2, is given in Ref. 3.5.11. 

Results of pre-test uncertainty analysis directly applicable to afterbody test¬ 
ing are given in Refs 3.5.12 through 3.5.16. A typical example of uncertainties in 
pressure coefficients plus afterbody axial and normal force coefficients for a single 
engine fighter aircraft is given in Table 3.5.1. The uncertainties in the pressure co¬ 
efficients were determined by combining the instrumentation uncertainties using the 
Taylor series method or error propagation as suggested in Ref. 3.5.7. The uncertainty 
in the pressure coefficient was then integrated over the projected areas to obtain the 
uncertainties in the axial and normal force coefficients. 


Table 3.5.1 Pre-Test Uncertainties (Ref. 3.5.12) 


Moo 


Parameter 



U Cp 

UCA* 

UCN + 

0.6 

+ 0.0127 

+ 0.0008 

♦ 0.0070 

0.9 

+ 0.0091 

+ 0.0006 

+ 0.0050 

1.2 

+ 0.0066 

+ 0.0004 

+ 0.0040 

1.5 

+ 0.0060 

+ 0.0004 

+ 0.0030 


Pre-test uncertainties for a twin-jet fighter afterbody, similarly determined 
as above, are shown in Table 3.5.2. To be noted is the improvement in the uncertainties 
as the Reynolds number increased. 


Table 3. 

.5.2 Pre-Test 

Uncertainties (Ref. 

3.5.13) 

Moo 

Re X10" 6 

Parameter 




UCp 

U CA + 

0.6 

14.9 

+ 0.02493 

+ 0.00027 


59.6 

+ 0.00985 

+ 0.00018 

0.8 

14.8 

+ 0.01809 

+ 0.00018 


42.0 

+ 0.00817 

+ 0.00011 

0.9 

14.0 

+ 0.01644 

+ 0.00016 


58.8 

+ 0.00579 

+ 0.00009 

1 .2 

14.9 

+ 0.01378 

+ 0.00013 


48.0 

+ 0.00533 

+ 0.00007 


The uncertainties reported in Ref. 3.5.14 and shown in Table 3.5.3 are for an 
axisymmetric model that was tested at zero angle of attack. 


Table 3.5.3 Pre-Test Uncertainties (Ref. 3.5.15) 


Parameter 


U Cp 


U CDPAB 


0.6 

+ 

0.0116 

0.9 

T 

0.0070 

1 .2 

+ 

0.0056 


+ 0.0061 
+ 0.0036 
♦ 0.0029 


These examples of afterbody pre-test uncertainties will be further discussed in the 
next section when data repeatability for the referenced tests are presented. 





In Ref. 3.5.16 is a comparison of wind tunnel and flight test presssure coeffi¬ 
cients of a twin-jet fighter. The pre-test uncertainties of the pressure coefficients 
were reported in Ref. 3.5.13 and are partially repeated in Table 3.5.2. The flight test 
uncertainties and observed scatter from Ref. 3.5.16 are shown in Table 3.5.4. 


Table 3.5.4 Flight Test Pressure Coefficient Uncertainties and Scatter (Ref. 3.5.16) 


Mou Altitude 

(meters X1Q~^) 


(Estimated Uncertainty) 


(Observed Scatter) 


0.6 

7.8 

+ 0.024 

+ 0.005 

0.6 

12.2 

+ 0.048 

+ 0.009 

0.9 

8.4 

+ 0.014 

+ 0.008 

0.9 

15.2 

+ 0.035 

+ 0.01 1 

1.2 

7.6 

+ 0.006 

+ 0.002 


3.5.1.3 Post Test Analv 


A detailed description of what a post-test analysis should be is given in Ref. 
3.5.8. The main point being that with test data available statistical calculations can 
be made that apply to random errors but estimation of systematic errors can only be 
made from the pre-test uncertainty analysis or possibly by using different methods to 
determine the same performance parameter. 


In afterbody testing the most common post-test parameters reported are repeata¬ 
bilities and scatter of force and pressure coefficients. Repeatability and scatter are 
two terms that are sometimes used in the literature to mean the same thing. In the dis¬ 
cussion here an attempt will be made to use scatter as the variability of data during a 
single test with repeatability being the variability of data in a series of repeated 
tests. Examples of repeatability reported in th-> literature are shown in tables 3.5.5 
and 3.5.6. The axial normal and drag coefficients were determined using pressure area 
integration techniques. 


Table 3.5.5 Axial and Normal Force Repeatability from Tests (Ref. 3.5.12) 


M-v 

Avg 

ic A + 

Max 

ac a + 

Avg 

■c N * 

Max 

-c N * 

Number of 
Repeats 

0.6 

0.00016 

0.00045 

0.00137 

0.00385 

12 

0.9 

0.00009 

0.00017 

0.00097 

0.00247 

18 

1 .2 

0.00012 

0.00038 

0.00074 

0.00210 

18 

1 . 5 

0.00002 

0.00006 

0.00027 

0.00115 

12 



0.6 0.0015 
0.9 0.0014 
1.2 0.0028 


Corresponding pre-test uncertainties are given in tables 3.5.1 and 3.5.3 res¬ 
pectively. A comparison of the repeatability values to the pre-test uncertainty values 
shows a significant difference with the repeatability values being on the order of four 
to five times less at subsonic Mach numbers. A similar order of magnitude is evident 
between the observed scatter and pre-test pressure coefficient uncertainties reported 
in Ref. 3.5.16 and shown in Table 3.5.4., the scatter being obtained from averaging 
several Scanivalve cycles. Comparing repeatability and scatter with pre-test uncertain¬ 
ties to determine if one is "better" than the other is not a val»d comparison as re¬ 
peatability or scatter are most likely random errors and pre-test uncertainties include 
random plus systematic errors. A post-test uncertainty would include not only the 
random error estimated from repeated tests, but a systematic error estimated from the 
pre-test uncertainty analysis or if the proper test methods were accomplished, a new 
estimated value. 

Normally, as reported in the literature, repeatability is calculated by averag¬ 
ing values from repeated tests rather than using statistical methods to determine an 
estimate of their standard deviation and to check if the value3 from each test are sta¬ 
tistically relevant. It is stated in many of the references that repeatability is a 




good measure of the quality of the test arrangement if the tests being conducted are to 
obtain incremental drag data, i.e., to assess the change in afterbody drag for changing 
nozzle geometry and engine power setting. 


There is validity to this assumption, however, as will be discussed in section 
3.5.2.1, a systematic error in tunnel or free stream static pressure can cause an error 
in the drags, particularly if the projected area of the afterbody changes with the con¬ 
figurational changes. 


In a series of tests with the Tornado afterbody model 



a reference or datum mo¬ 
del was retested 
during each phase 
of the series. The 
phase to phase re¬ 
peatability of af¬ 
terbody pressure 
drag, reported in 
Ref. 3.5.18 as D/q 
(ft^) versus nozzle 
pressure ratio is 
shown in Pig. 3.5.1 
with the "scatter", 
at sea level 
cruise, being given 
as Ao/q * 0.08 ft^ 
which is equivalent 
to a AC d + of 
0.00028 or 2.8 air- 
cr ft drag counts. 
No pre-test uncer¬ 
tainty values were 
given in the refer¬ 
ence, however, it 
was stated that the 
repeatability is 
probably a better 
measure of the 
quality of the rig 
than estimated un¬ 
certainty. 


Fig. 3.5.1 Tornado Afterbody, Phase to Phase Repeatability (Ref. 3.5.18) 


3.5.1.4 Summary; Error Analysis, Uncertainty and Test Data Repeatability 

From a review of the literature it appears that, for afterbody testing, deter¬ 
mining a post-test uncertainty value from the test results is very seldom if ever done. 
Limited pre-test uncertainty or sensitivity analvsis are done which can help determine 
the correct instrumentation and test procedures The test data repeatability values 
shown above can possibly be used as indications of the validity of incremental drag co¬ 
efficients, but a more in depth analysis of the results needs to be accomplished if the 
accuracy of absolute drag coefficients is required. It is not surprising that the 
repeatability values are lower than pre-test uncertainty values as the uncertainty 
normally includes both random and systematic errors and is defined as the maximum error 
reasonably expected for a particular test arrangement. However, whenever pre-test un¬ 
certainty greatly exceeds the repeatability values than this should warrant further 
analysis of the results. 


3.5.2 Errors in Pressure, Mach Number, Angle of Attack, etc. 

In the preceding section several sources of errors (e.g. static and total pres¬ 
sures, Mach number,angle of attack, balance forces etc.) were mentioned as influencing 
the pre-test uncertainties and the test data scatter and repeatability. As mentioned 
previously this chapter is concentrating on errors in those variables directly asso¬ 
ciated with tunnel or free stream flow conditions. Not all flow conditions are covered 
in this chapter, however, after a review of reports published over the past ten to fif¬ 
teen years, it is believed that the variables presented here are the more critical ones 
in regard to afterbody testing. 


3.5.2.1 Errors in Static Pressure and Mach Number 


One of the more critical measurements of tunnel flow conditions is the static 
pressure. What may appear as a relatively small error in static pressure can be the 
origin of a rather large inaccuracy in aircraft drag determined from either force 
balance measurements or pressure area integration. This is particularly true in the de¬ 
termination of the absolute drag of a part body such as an afterbody where the error in 
Poo is proportional to the projected area. However, an incremental drag coefficient 




should not be in error due to a constant error in P® if the projected area between the 
two configuration remains the same. 


In Fig. 3.5.2 isentropic relations 



were used to show how much a small error in 
free stream static pressure will 
change free stream Mach number and 
the ratio Ap® /q® . Assuming there 
are no other errors (e.g. in the 
total pressure), it can be shown 
that the error in Poo /q® is related 
to the error, ACp, i n pressure co¬ 
efficient and to the cavity pres¬ 
sure of a force balance. It can 
further be shown (Ref. 3.5.10) that 
for an error in P®/q® of 0.01, 
the related error in afterbody 
pressure drag coefficient is ap¬ 
proximately ^Cdp + = 0.0010 (10 
aircraft drag counts) for the typi¬ 
cal fighter aircraft. As can be 
seen from Fig. 3.5.2 for a pressure 
drag coefficient to have an error 
no larger than ACpp * 0.0001 
(1 aircraft drag count)the error in 
the measured static pressure must 
be no greater than approximately 
0.04 % and that the error in calcu¬ 
lated Mach number would be within 
0.0004 which is a value signifi¬ 
cantly smaller than normally quoted 
by most tunnel operators. A typical 
value being 0.003. However, it has 
been shown that using the accuracy 
in static pressure corresponding to 
this typical accuracy in Mach num¬ 
ber has generated some incorrect 
afterbody pressure data from wind 
tunnels with perforated walls. Fig. 
3.5,3 showing an increase in after¬ 
body drag with increasing Reynold 
number is typical of this incorrect 
data. Of particular interest are 
cases 1, 2, 3 and 6 because of a 
re-evaluation of the test section 
static pressures since the results 
were published. 


Fig. 3.5.2 


Influence of Error in 
Poo on AP®/q® and M* 



Fig. 3.5.3 Reynolds Number Effect on Aftbody Drag (Ref. 3.5.17) 


A detailed analysis of the static 
pressures for cases 1 and 3 is 
given in Ref's 
3.5.5, 3.5.17 and 
3.5,19. Pressure 
changes on the model 
as Reynolds number 
was changed are in¬ 
dicated in Fig. 
3.5.4. Further eva¬ 
luation of the vari¬ 
ation of the mean 
values of the pres¬ 
sure coefficient on 
the model and on the 
wall (Fig. 3.5.5) 
showed a similar 
trend with Reynolds 
number. From this 
information it was 
suggested in Ref. 
3.5.17 that a syste¬ 
matic error in sta¬ 
tic pressure could 
be the reason for 
the observed vari¬ 
ation in Fig. 3.5.3 
of afterbody drag 
wit.i Reynolds number 
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Fig. 3.5.4 Change in Body Pressure Distribution Due to Reynolds Number (Ref. 3.5.17) 



and it was shown that an average or mean 
of the tunnel wall pressures was a much 
better indication of the free stream stat¬ 
ic pressure change. As reported in Ref. 
3.5.5, the scatter in forebody pressure 
drag was reduced from ^CoPFB “ + 0.003 
to + 0.001 for most test cases using the 
average wall pressures as the free stream 
static wall pressures. 

The tests for cases 1 and 6 were con¬ 
ducted in the AEDC 16 foot transonic tun¬ 
nel which was calibrated over a range of 
Reynolds numbers after publication of the 
results in Fig. 3.5.3. Some results of the 
recalibration are shown in Fig. 3.5.6 
which indicates by the slope of the line 
showing the difference in Mach numbers 
determined by the centerline static pres¬ 
sure and plenum chamber static pressure 
that there is a systematic variation in 
plenum chamber static pressure above a 
Reynolds number of approximately 1.5 x 

10Vft. 


Fig. 3.5.5 Comparison of Averaged 
Changes in Pressure Coefficients on 
Model and Tunnel Wall (Ref. 3.5.17) 


M = Average Center Line Mach Number 

M c = Equivalent Plenum Chamber Mach Number 



Wall Angle, 6 W = 0° 



0 W = Optimum Wall Angle Schedule 


Fig. 3.5.6 AEDC 16 T Mach Number Calibration for Various Reynolds Numbers (Ref. 3.5.20) 
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Fig. 3.5.7 Effect of Tunnel Calibration on Pres¬ 
sure Drag for Contoured Boattail Configuration 
= 0.60; AEDC 16 T (Ref. 3.5.21) 


For example at Mo 3 0.6 the 
increase in Mg between Reynolds 
numbers 3 x lO*Vft and 6 x 10^/ft is 
approximately 0.002. Assuming a a Me. 
of 0.002 at M* 3 0.6 in Fig. 3.5.2 
gives a 0.16 % change in P® and a 
value of 0.007 for the change in P® 
Ajc*. which for the typical afterbody 
is equivalent to a change in pres¬ 
sure drag of AC[>pab + ■ 0.0007 (7 
aircraft drag counts). Another ex¬ 
ample of the error in part body 
pressure drag when using results of 
a single Reynolds number calibration 
is given in Ref. 3.5.21 from which 
Fig. 3.5.7 was obtained 

The results for M® * 0.6 show 
that, using data with the tunnel 
calibrated for Reynolds number, 
practically all variation of pres¬ 
sure drag with Reynolds number is 
eliminated on both the fore and af¬ 
terbody. It is interesting to note 
that the change in afterbody pres¬ 
sure drag between Reynolds number of 
30 x 10 6 and 60 x 10® (model length 
is 10.8 ft) was approximately 
C DPAB = or a AC D p A n+ * 

0.0008 for the typical fighter. The 
model tested had the area distribu¬ 
tion of the typical fighter. As can 
be seen by the decreasing slope of 
the curves (Fig. 3.5.6) this syste¬ 
matic variation in static pressure 
becomes less significant as Mach 
number is increased from 0.6 to 1.0. 
It should be pointed out that the 
trends shown in Fig. 3.5.6 are with¬ 
in the estimated uncertainty of Mach 
number for the 16T tunnel. Other 
variations of afterbody drag with 
Reynolds number have been attributed 
to causes other than an error in 
free stream static pressure. For a 
good summary and discussion of these 
causes. Ref. 3.5.22 should be 
reviewed. 


A reason for the incorrect plenum chamber pressures as Reynolds number is 
varied in transonic tunnels with perforated walls is discussed in Ref. 3.5.5. It is 
postulated that the holes act like flush boundary layer inlets and when the Reynolds 
number is increased and the boundary layer becomes thinner this results in an increased 
pressure recovery through the "inlets" or holes. Similar data showing increased pres¬ 
sure recovery has been observed also for pressure measuring orifices as the boundary 
layer thickness is decreased. 


3.5.2.2 Errors in Anql.e of Attack 

In Ref. 3.5.6 it is concluded that an error in angle of attack is one of the 
largest contributors to the pre-test uncertainty in the total drag of a transport air¬ 
craft. It was stated in Ref. 3.5.6 that to maintain an accuracy in Cd + to a ACq + 

= 0.0001 that the error in angle of attack needs to be no greater than Aa = 0.01 8 . What 
the allowable error in angle of attack should be for afterbody tests is shown in the 
following examples where it is assumed that determination of complete or part body drag 
is to be within ACq* = 0.0001 or ACq = 0.001 depending on which reference area is 
being used, i.e. wing or maximum cross section. 


The first example involves an axisymmetric model that was used to investigate 
several different afterbodies (Ref. 3.5.5, 3.5.17 and 3.5.19). Axisymmetric and equiva¬ 
lent bodies of revolution (EBOR) models have been and still are extensively used, par¬ 
ticularly when investigating new afterbody geometries or when general knowledge of 
afterbody test techniques is desired. In most of these tests, particularly where after¬ 
body drag (and perhaps forebody drag) is being evaluated it is critical that the angle 
of attack be as close to zero as possible. How critical this might be was evaluated in 
Ref. 3.5.5. The sting mounted model used in this case had only one complete row of 
pressure orifices along its top meridian that were used to measure the pressures from 
which the pressure drags were calculated. A few orifices were on the bottom of the 
model to obtain check pressures. This is not an uncommon procedure and is done by many 
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Fig. 3.5.9 Check Pressure Difference 
versus Indidence (Ref. 3.5.5) 

investigators. In Fig. 3.5.8 values of the complete and part body drag coefficients 
(i.e. "Capes"' "CdpFb" an ^ "Cdpab) were determined, using the top row pressures 
as the model angle of attack was varied. The dotted curve identified by CppcB is what 
the "true" complete body pressure drag would be if computed with adequate pressures or 
by subtracting the correct friction drag from an accurate balance force. 

Also shown in Fig. 3.5.8 is a table indicating the required accuracy in angle 
of attack (or how close must the model be to ot = 0*) in order that the errors in the 
respective drag coefficients do not exceed AC D p = 0.001. As can be seen the tolerance 
on i is greater for the forebody and afterbody pressure drags than it is for the com¬ 
plete body, i.e. 0.0714° and 0.100* respectively versus 0.0417°. These tolerances 
should not be a difficult measurement for state-of-the art angle of attack instrumenta¬ 
tion, however, tunnel flow angularity may sometimes be difficult to assess. 

Results of using pressures measured on the bottom of the axisymmetric model are 
given in Fig. 3.5.9. The differences in pressure coefficients at five different loca¬ 
tions were measured as the model was varied £rom&* -3° to ^ - +3° from which was calcu¬ 
lated the sensitivity of the pressure changes to the angle of attack. Information from 
the table in Fig. 3.5.9 can be used with the table in Fig. 3.5.8 to determine a criti¬ 
cal ACp that should not be exceeded to maintain AC^p = 0.001 (as far as an error due 
to angle of attack). For example; from Fig. 3.5.9 at X/L = 0.026, ACp/An = 0.0435/degr. 
and from Fig. 3.5.8 V*/('CypcB * 0.001) = 0.0417° and multiplying tne two sensitivi¬ 
ties indicates that the pressure coefficient differences at X/L = 0.026 should not 
exceed Ac„ * 0.00181 if ‘is not to be in error more than 0.0417° and that the error in 
C DPCB ^ot to exceed AC^pcb = 0.001. As is apparent the use of the such check 
pressures can be helpful, but, as discussed in Ref. 3.5.5 the location of the check 
orifices can be critical. 

Angle of attack effects on a typical aircraft afterbody are shown in Fig. 

3.5.10 with results for three different afterbody/nozzle configurations which are nor¬ 
mally tested when afterbody closure and throttle dependent drags are to be determined. 
There are two points to be made here. One being that an error in angle of attack is 
more critical as the angle increases and the other is the importance of determining in¬ 
cremented drags at the correct angle of attack, it can be seen by the slopes of the 
curves for the cruise or reheat nozzles that an error in angle of attack is not as cri¬ 
tical near a■ 0*. For example the sensitivity of the cruise nozzle between ct- 2* and a« 
6° would be ACQAB + / Aa * 0.0010/degr. and for C DAB + not to be in error greater than 
a< -DAB* * 0.0001 (due to an error in a) then the error in angle of attack should not 
be greater than Am « 0.1" which is the same value as determined for ACpp AB * 0.001 
(Fig. 3.5.8) in the above for the axisymmetric nozzle and again is a value that is not 






difficult to measure. As for 
the second point, it is not 
infrequent that incremental 
drags determined at zero angle 
of attack are used indiscrimi¬ 
nately at other angles of at¬ 
tack. An example of *'hy this 
may not be a good procedure is 
to look at the differences in 
drag increments between the 
reference model and reheat 
model (fig. 3.5.10) at J =0“ 
and i * 3 . The increment at 
n = O’ is AC D ab+ = 0.0024 
and at ; = 3° is ’Cdab + = 
0.0014, a difference of 0.0010 
or 10 aircraft drag counts 
which could be of the order of 
5 % of the zero lift drag at 
subsonic cruise. However,a 
check of the drag increments 
at the same angles of attack 
between the reheat and cruise 
nozzles shows that the incre¬ 
ment remains the same , t.e. 
ic DAB + - 0.0007 at ‘ = 0“ 
and x <= 3*. So these types of 
incremental drag changes are 
definitely configuration de¬ 
pendent and need to be allowed 
for when planning a test. 


3.5.2.3 Errors in Total Pressure and Temperature 

An error in total pressure along with an error in static pressure, both 
measured tunnel variables, will cause an error in the Reference Mach number which is a 
calculated variable. In Ref’s 3.5.6 and 3.5.11 it is shown that Mach Number is quite 
sensitive to errors in both pressures, particularly at low subsonic Mach numbers. With 
proper instrumentation the error in total pressure should not be as great as the error 
in static pressure as previously discussed, however, when determining the uncertainty 
in Mach number both the uncertainty in total and static pressure need to be taken into 
account (see Ref. 3.5.6). 

Similar consideration is needed when calculating Reynolds number from the 
measured variables of total static pressures plus total temperatures. The uncertainty 
requirements for these measured variables to minimize the uncertainty in the calculated 
Reynolds number are again discussed in Ref. 3.5.6. 



a. Degrees 

Fig. 3.5.10 Angle of Attack Effects on Afterbody 
Closure and Throttle Dependent Drags 
(Ref. 2.5.10) 


3.5.2.4 Summary; Errors in Pressure, Mach Number, Angle of Attack etc. 

The tunnel or free stream static pressure is perhaps the most critical 
measurable tunnel variable to be determined in afterbody testing, particularly when 
part body forces are being calculated. A test requirement of determining the drag, 
either total or part body, to within 1 aircraft drag count ( A Cjjj = 0.0001 ) is 
difficult to achieve when considering only errors in static pressure and angle of 
attack, let alone the many other small errors that may enter into the determination. 
Variation of afterbody drag with Reynolds number has been shown to be attributed to 
incorrect values of free stream static pressures (systematic error) which, in turn, 
were improved by a more precise calibration of the tunnel (AEDC 16 T) or by using 
averaged wall pressures as the "correct" static pressure (Gottingen 1 meter Tunnel). 
Angle of attack errors can affect integrated pressure drags, particularly if obtai.ed 
from a single row of pressures. However, with proper check instrumentation and data it 
is possible to correct and maintain a within the required uncertainty. Tunnel total 
pressure and temperature are critical measurements to calculate Mach and Reynolds 
number but should not normally be a problem in afterbody testing. 


3.5.3 Influence of Pressure Gradient, Blockage, Wall Angle etc. 

Calibration techniques for the majority of transonic wind tunnels normally do 
not include corrections for changes to the calibration due to installation of a model 
or change in attitude of a model. Also during the empty tunnel calibration a test sec¬ 
tion pressure or Mach gradient may be determined, but, whether or not this gradient 

changes with model installation is normally not taken into account. The empty tunnel 
gradient is sometimes used to calculate a "buoyancy" effect which may be used to change 
the final drag value. In general, the change in test section flow conditions due to model 



installation is attributed to blockage with a change in blockage affecting the pressure 
distribution in the test section and along the walls. Some small axisymmetric tunnels 
have the model supported through the throat which contributes to a different type of 
"blockage" than a model supported by a sting or strut. 

During the following discussion both the influence of blockage and a change in 
pressure gradient may be discussed at the same time (i.e. a change in blockage causes a 
change in the pressure distribution). Of course there can be a change in pressure dis¬ 
tribution with no change in blockage {e.g. with a change in afterbody geometry). The 
principal measurable variable influenced by a change in the pressure gradient and 
blockage is the tunnel static pressure. Whether or not there needs to be a correction 
for this change is discussed in the following examples. 

Other factors that might change the tunnel calibration and cause an error in 
the test data include wall angle, porosity and humidity. They can also become impor¬ 
tant in afterbody testing and should, therefore, be carefully watched and kept well 
within the usual limits (e.g. avoidance of condensation). These parameters will be 
briefly discussed in para 3.5.3.2. _ 


3.5.3.1 Influence of Pressure 

Gradient and Blockage 

As pointed out in Ref. 3.5.5 and 
partially described in Fig. 3.5.11, con¬ 
ventional transonic tunnels cannot com¬ 
pletely simulate free flight flow past 
model. It is therefore not surprising 
that the test section will have some 
longitudinal pressure gradients not re¬ 
presentative of free flight and that 
these gradients will vary dependent on 
the size and attitude of a model 
(blockage), area distribution of a model 
and change in wall boundary layer growth 
when the tunnel total pressure is 
varied. The effect of three of these 
factors (presence of model, model geome¬ 
try change and total pressure change) is 
shown in Fig. 3.5.12 for results using 
the axisymmetric models previously dis¬ 
cussed (section 3.5.2.1). The pressure 
gradient was approximated by averaging 
all wall pressures between X/L = 0.0 to 
x/L = 0.5 and then between x/L - 0.5 to 
x/L = 1.0, taking the difference between 
these two averages and dividing by x/L = 
0.5 (see Fig. 3.5.12). 

As can be seen introduction of the 
model (Body No. 1) made the gradient 
less positive as did a change in body 

geometry to a more severe boattail 
(Body No. 3). In fact the gradient 
became negative with the presence 
of Body No. 3, except at the high¬ 
est Reynolds number. Interference 
free wall pressure gradients are 
identified on the figure as com¬ 
puted target values (free Computed 

flight) for bodies 1 and 3. target, v 

These are computed pressure (free fl 

gradients along an imaginary 
wall in unconfined flow at 
the corresponding position 
of the real tunnel wall. 

Only for body number 1 at 
the highest Reynolds number was 
"interference free" flow attained 
in this linearized approximation. 

Further analysis of the pressure 
gradients produced by bodies num¬ 
ber 1 and 3 is presented in Ref. 

3.5.5 with the conclusion that mea¬ 
sured wall pressures are very sen¬ 
sitive to small changes in model 
geometry and can be used as inputs 
for tunnels with adjustable walls 
and to adjust or correct calibra- 
tions of conventional tunnels. 


FREE FLIGHT 


WINDTUNNEL WITH 
PERFORATED WALLS 


Fig. 3.5.11 Flow Field in Conventional/ 
Transonic Wind Tunnel and in Free Flight 
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Fig. 3. r . 12 Change of Tunnel Pressure Gradient; 

Gottingen 1 Meter Tunnel (Ref. 3.5.5) 
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Pig. 3.5.13 Empty Tunnel Centerline Pressure 
Distribution and Gradient at 
Mol- - 0.8; AEDC 16T (Ref. 3.5.10) 


Pig. 3.5.14 Empty Tunnel Pressure 
Gradient; 

AEDC 16t (Ref. 3.5.10) 


In Ref. 3.5.10 the results of the empty test section (AEDC 16T) pressure gradi¬ 
ent (Fig. 3.5.13) were used to determine the "buoyancy" correction for a 10 foot long 
fighter aircraft model. The correction determined ( AC D * * Q.00022) was stated tc be 
well within the uncertainty of the usual model data and therefore a buoyancy correction 
was not required. As can be seen from Fig. 3.5.14 the gradient at H* » 0.8 is the most 
severe subsonic gradient in the AEDC 16T. All gradients shown are stated to be within 
the uncertainty of the tunnel calibration data. 


wC p * tC Pavg ) 1/9 High Re " lC Pavg ) 1/9 Low Re 
I Indicates ♦ C.001 in M.*. 



An indication of the 
change in pressure gradients 
in the AEDC 16 foot trans¬ 
onic tunnel with a change in 
Reynolds number (or total 
pressure) is discussed in 
Ref. 3.5.23 with results 
presented here in Fig. 
3.5.15. The information 
shown is derived from a 
test of a 1/9 scale fighter 
model where the change in 
pressures at the high and 
low Reynolds number were 
used at each Mach number. 
Tunnel calibration data used 
was that reported in Ref. 
3.5.20 and also discussed in 
section 3.5.2.1 of this 
chapter. 

It was concluded in 
Ref. 3.5.23 that the changes 
in wall pressures with the 
change in Reynolds numbers 
are not significant for most 
Reynolds numbers except at 
Mach number 0,6 where the 
change in pressure gradient 
is not corrected by the cur¬ 
rent tunnel calibration. It 
was assumed that the uncer¬ 
tainty in the measurements 
correspond approximately to 
a deviation of + 0.001 in 
Mach number. 


Fig. 3.5.15 Effect of Reynolds Number on Test Section 
Wall Static Pressures, 1/9 Scale Model; 
AEDC 16T (Ref. 3.5.23) 





Fig. 3.5 


.16 Effect Model Size on Test Section Wall 
Static Pressures; AEDC 16T {Ref. 3.5.23) 


The effect of a model 
size change (blockage) was 
presented and discussed in 
Ref. 3.5.23 for 1/4 and 1/9 
3cale fighter models in the 
AEDC 16 foot transonic tun¬ 
nel. Some results are shown 
in Fig. 3.5.16 in which the 
differences in the average 
of the top and bottom test 
section wall pressures for 
longitudinal locations along 
the test section are given. 
As is noted in Ref. 3.5.23 
even if there is at subsonic 
speeds a measurable effect 
of model size on test sec¬ 
tion wall pressures, the ef¬ 
fect does not extend up¬ 
stream of the test section 
and the model size influence 
on the averaged wall pres¬ 
sure is negligible. A calcu¬ 
lated pressure distribution, 
at Mach number 0.9, shows 
good agreement with the 
measured distribution, with 
the theoretical distribution 
being determined by modeling 
the configurations as equi¬ 
valent bodies of revolution 
and assuming a linear wall 
characteristic boundary con¬ 
dition. Also discussed in 
Ref. 3.5.23 was the effect 
of change in attitude (a = 

0" to« = 6”) for the two 
different scaled models with 
the larger model showing the 
much greater effect on the 
wall pressures. However, 
when the pressures were 
averaged at each test sec¬ 
tion station the result was 
a Cp aV g ~ 0 for all sta- 
tions. 


For afterbody tests which are conducted in circular tunnels, in which the axisym- 
metric model is supported through the bellmouth of the tunnel, the static reference 
pressure may be located on either the tunnel wall or on the model ahead of the 
afterbody. It has been observed (Ref. 3.5.24) that the static reference pressure in 
such a test arrangement, can definitely be influenced by a change in afterbody geometry 
or by a change in model size (change in "blockage") making it difficult to establish 
the correct Pop and Moo for the flow over the afterbody. 


3.5.3.2 Influence of Wall Angle, Porosity and Humidity 

Besides the influence of pressure gradients and blockage, which are the most 
discussed and analyzed in the literature, other factors that can influence transonic 
test section flow parameters include wall angle, test section porosity and humidity. In 
Ref. 3.5.5 (section 2.3) it was proposed that changing the wall angle, at subsonic con¬ 
ditions, could be a way of changing the pressure gradient to the correct "free stream" 
pressure distribution at the wall. 

Variable wall tunnels essentially use this same principle, but very little has 
been done in regard to afterbody testing in conventional tunnels. Another example of 
the use of a variable wall angle was presented in Ref. 3.3.23 where a zero angle was 
maintained subsonically and a predetermined schedule supersonically in the AEDC 16T. 
Accordingly the pressure distributions and gradients obtained were within the measure¬ 
ment uncertainties o* the tunnel instrumentation. 

In general transonic tunnel porosity is used to maintain uniform transonic flow 
and to minimize shock reflections. Discussed in Ref. 3.5.24 are test results showing a 
significant influence of porosity on afterbody pressure distributions at 0.9 and 0.95 
Mach number as the porosity was changed from 2 % to 6%, however, there was negligible 
effect below 0.9 Mach number. In Ref. 3.5.23 are presented the results of tests inves¬ 
tigating the effects of humidity in both subsonic and supersonic regimes with the 
conclusions that, in the AEDC 16T, the tunnel should be operated at free stream 
temperatures above the dew point, however, it is shown that this is not always possible 
at supersonic Mach numbers. 




3.5.3.3 Summary; Influence of Pressure Gradient, Blockage, Wall Angle etc. 


In general, a change in blockage changes the wall pressure distribution which 
leads to a change in the wall pressure gradient and the effective tunnel static pres¬ 
sure. Results discussed here show that for the Gottingen 1 metre tunnel there is a sig¬ 
nificant change from the empty tunnel wall pressure gradient when a model is installed, 
when the afterbody shape is changed and when the tunnel total pressure (Reynolds num¬ 
ber) is changed. However, it has been shown previously that it is possible to average 
the wall pressures in the tunnel to obtain a corrected tunnel static pressure. For the 
larger AEDC 16 foot tunnel the empty tunnel pressure gradient indicated some changes 
with a change in model size, model attitude and tunnel total pressure (Reynolds 
number), but the changes were mostly within the uncertainties of the measurement 
instrumentation and the accuracy of the current tunnel calibration. A change in wall 
angle and porosity car. significantly affect the test section flow condition and, 
therefore, requires appropriate tunnel calibrations and sotting of wall schedules. 


3.5.4 Comparison of Wind Tunnel and Flight Test Results 


As pointed out in Chapter 3.3 (section 3.3.3) measuring surface pressures for 
determination of afterbody pressure drag is probably the best source of data when com¬ 
paring afterbody/nozzle forces between wind tunnel and flight tests. Two test programs 
cited were the YF-17 (Ref. 3.5.13 ana 3.5.16) and B-1 (Chapter 3.3 Reference 30) pro¬ 
grams where extensive pressure instrumentation was used on both the models and the 
flight vehicles. Some of the results pertaining to the YF-17 program on pre-test uncer¬ 
tainties and post-test repeatabilities and scatter of pressure coefficients have already 
been discussed in sections 3.5.1.2 and 3.5.1.3. 

Ref. 3.5.8 should be referred to for a detailed description of how to determine 
the in-flight thrust uncertainty which can in turn be used to estimate the in-flight 
total aircraft drag uncertainty. 


3.5.5 Conclusions and Recommendations 

A more complete discussion of error or uncertainty analysis would of course in¬ 
clude errors due to force balances, local static pressures, model support systems etc. 
This chapter stressed the errors in the tunnel variables of static and total pressure, 
angle of attack, Mach number, temperature etc. and the influence on these errors of 

test section pressure gradient, blockage, wall angle, porosity and humidity. The uncer¬ 

tainty of these errors includes random and systematic errors and is the maximum error 
that can be reasonably expected. A systematic error is usually the more difficult to 
determine. A pre-test uncertainty analysis of these errors should be done to help de¬ 
termine the best instrumentation, test equipment, test methods and range of test condi¬ 
tions that will accomplish the test objectives. 

For the majority of current afterbody tests, post-test analyses consist of de¬ 
termining repeatibility (or scatter) values without any attempt to estimate the post¬ 
test uncertainty. Repeatability is a good indication of the quality of the data when 
incremental values of drag are desired. However, a repeatabi1ity value is normally a 

measure of the random error of the test result and does not give a direct indication of 

any systematic errors that might be involved, although repeatability for several tests 
of the same configuration might include an unknown systematic error. 

Post-test systematic errors can sometimes be estimated or at least identified 
by using widely different test or computational methods. Such a systematic error in the 
tunnel static pressure was shown to be the reason for a false variation in afterbody 
pressure drag with a change in tunnel total pressure or Reynolds number. A corrected 
static pressure was determined by a tunnel recalibration to determine the sensitivity 
of static presssure to Reynolds number or, as in another case, by determining a tunnel 
static pressure from an average of wall pressures. 

It is concluded that computational methods need to be used not only for improv¬ 
ing the understanding of the flow around the model, but also for understanding the 
interaction of the flows between the model and tunnel walls to compute adjustment fac¬ 
tors to correct (or reduce) errors in the derived parameters (e.g. Cp + , Cl + ). Such 
corrections could be incorporated into pre-test and post-test uncertainty analysis. 

Drag coefficients to within &Cq+ » + 0.0001 are not usually attained even in 
the best tunnels where it is shown that errors due to variations in static pressure, 
pressure gradient, blockage, model size etc. are small and within the uncertainty of 
the measurement instrumentation. If such accuracy as * + 0.0001 is required or 

desired more attention will have to be paid towards pre-test and post-test uncertainty 
analyses. It is acknowledged that wind tunnel test facilities do strive to give useful 
data to the user, be it absolute or incremental data, however, it is believed that a 
review and use of knowledge gained over the past 10 years in the area of pre-test and 
post-test error analysis would improve the accuracy of the results of current afterbody 
tests. 
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3.6 


CONCLUSIONS AND RECOMMENDATIONS l EXPERIMENTAL PART) 


In the foregoing, detailed conclusions and recommendations were presented after 
the discussion of each topic. In the following, only the major issues are repeated to¬ 
gether with additional thoughts which emerged from discussions among working group mem¬ 
bers during and after their last meeting in June 1984. 


3.6.1 General Considerations 


3.6.1.1 Extent of Afterbody Drag Changes 

Subsonically, all geometric changes on the boattail will also affect the drag 
of the remaining aircraft portions. Typically, these changes in fuselage forebody drag 
are below .ICdfb s 0,005 - in most cases even below 0,002 - and are, therefore, neglected 
in most cases (reference area is the fuselage maximum cross-section). Alternatively, a 
correction term may be computed for tests with a non-metric forebody from a few check 
pressures near the metric break. To do so, it is recommended that these upstream and la¬ 
teral pressure changes be computed for subsequent integration of these pressure incre- 
ment_s. This assumes that only small drag increments will be obtained and that the compu¬ 
tation serves essentially as a tool to help extrapolate the pressure changes measured at 
a few check points over the non-metric portions of the model. 


3.6.1.2 Drag Correlations 

Present theoretical, empirical, and semi-empirical methods neither reach the 
accuracy of high quality measurements nor do they meet the requirements of project per¬ 
formance assessments. However, orders of drag magnitude can be predicted with the aid of 
published data and correlations as given for example by McDonald and Hughes (Ref. 3.1.15), 
by Pozniak (Ref. 3.1.9), by the Truncated Integral Mean Slope technique of Brazier and 
Ball (Ref. 3.1.16) and by the data of Aulehla and Lotter (Ref. 3.1.7). It is recommended 
that these four correlations be used and that further validation of these methods be un¬ 
dertaken. 


3.6.2 Jet Simulation 


3.6.2.1 Jet Temperature Effects 

Omission of simulating the hot jet in a wind tunnel test results in pessimistic 
drag values for the aircraft, that is, up to 35 % of the jet-off afterbody drag. Since 
simulation of the full afterburning jet temperature in wind tunnel force models is diffi¬ 
cult, it is recommended that such tests be conducted with cold jets and that the correc¬ 
tions of the type presented in chapter 3.2.1 be applied afterwards. As these corrections 
were developed for single jets, it is further recommended that such correlations be also 
developed for twin jet configurations. 


3.6.2.2 Turbine Powered Simulators 


The justification for Compact Multimission Aircraft Propulsion Simulators (CMAPS) 
is the need for simultaneous representation of the inlet and exhaust flows. For long coupled 

configurations with core engine length to engine face diameter L/D = 8,5 (B-1) .11 (F—18) 

in the cruise mode, the inlet/exit interference is expected to be small, since on civil ap¬ 
plications with isolated nacelles (L/D = 2)these effects are only marginal. Perhaps one 
should wait for the test results of ref. 3.2.13 for a L/D = 9,5. For long coupled configu¬ 
rations in the V/STOL and thrust vectoring mode, CMAPS will probably have an application; 
for short coupled configurations in the cruise mode there is a case for the development of 
a still shorter simulator, a C-CMAPS. The operation of CMAPS behind highly distorted inlet 
flows typical of many combat aircraft is not yet fully resolved. The calibration of CMAPS 
for such flows with strong swirls requires additional development work. 


3.6.2.3 Ejector Powered Simulators 

The Ejector Powered Simulator (EPS) has been shown to be capable of providing an 
adequate simulation of the inlet and exit flows for dry and reheat operation. It may, how¬ 
ever, be necessary to bleed significant quantities of inlet flow. Also, different units to 
simulate dry and reheat conditions are necessary. The flexibility of size is probably the 
main advantage over the TPS and CMAPS. Further development of the EPS for short coupled con¬ 
figurations is recommended. 


3.6.2.4 Annular Jet Sting 

The concept of a single (or multiple) rear sting with annular jet(s) was shown to 
provide good representation of the interference for sting to nozzle diameters less than 0,7. 
The annular jet may be used to provide 6-component aeroforce measurements with a minimum 
support interference datum condition in combination with a special jet effects model. The 
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inlet flow is, of course, not simulated by this method. It is recommended that the problem 
| of the clearance between sting and force model be further investigated (implications of 

; metric thrust, controlled sting off-set etc.}. 


> 3.6.3 State-of-the-Art Assessment of Testing Techniques for Aircraft Afterbodies 


3.6.3.1 Separation of Thrust and Drag 

In chapter 3.3.2 it was shown that almost all possible arrangements of drag and 
thrust-minus-drag test rigs have been used in the past. There is no unique or "best" test¬ 
ing technique. As is obvious with force balances, great care must be given to the correct 
positioning of the metric break and to the accurate assessment of all tare and calibration 
forces. However, with highly integrated nozzles like the blow-in-door eject r or the isen- 
tropic ramp, the correct simulation of the (geometric) interfaces between the internal and 
external flows is very difficult to achieve if thrust and drag are measured by separate 
(flexible) balances. This is because of the movement of the two systems relative to each 
other. It is thus recommended that for these cases thrust-minus-drag be measured. 


3.6.3.2 Drag Assessment by Force Measurement and by Pressure Integration 

The basic question whether to use balance force measurements or surface pressure 
integration on complex (3-D) aircraft configurations is essentially answered by the phase 
of a project: during the early development stage, in which a large number of different 
afterbody configurations are tested, drag assessment from measured surface pressures is 
impractical and too expensive. This is due to the incorporation of modifications like the 
addition of filler pieces and fairings, and the removal of material by "filing-off" etc. 
However, during the later stage of a program when the configuration is close to being fro¬ 
zen, confirmatory tests with pure pressure plotting may be preferable in that this provides 
more detailed (local) information, e.g. the assessment of aerodynamic loads, the correct 
positioning of secondary inlets and exits etc. Also, comparative full-scale flight tests 
are usually done by pressure plotting purely from structural reasons (metric break). No 
further activities in this respect are recommended. 


3.6.3.3 Wind Tunnel Model Support 

Out of the predominant wind tunnel support systems, i.e., strut, wing tip, and 
annular jet sting, probably only the last one should receive further work for refinement 
(see also paragraph 3.6.2.4). Advanced computational methods should be utilized to calcu¬ 
late as far as possible the interference of the wind tunnel support. 


3.6.3.4 Areas of Uncertainty 

In choosing the optimum test arrangement for a particular test objective many 
additional aspects need to be considered; some of the most important ones were discussed 
in section 3.3.5, as for example: Complete versus part model duplication, upstream influ¬ 
ence of geometric afterbody changes, location of the metric break, the effects of inlet 
fairing, of tail plane deflections, the effects of bleed and purge flows, and the need 
for duplication of model details as well as qualitative and quantitative flow measurement 
techniques to better understand the physics of the afterbody flow field. In the past, some 
of these items e.g., the location of the metric break and the amount of the upstream influ¬ 
ence were the focus of controversy among specialists. However, with the present experimen¬ 
tal knowledge and the power of current computational codes, most of these controversies 
have been settled because appropriate correction terms can be computed as explained in 
paragraph 3.6.1.1. 


3.6.4 Afterbody Flow Instabilities 

Unsteady flow separation may cause afterbody buffeting, which - in severe cases - 
can render the ride qualities of an aircraft and its function as a weapon platform com¬ 
pletely unacceptable. To detect this phenomenon early in the development stage of an air¬ 
craft it is necessary that in wind tunnel afterbody testing at least the following two 
items are provided: 

a) the oscillating afterbody flow field (excitation) and 

b) suitable sensors of this excitation 

The correct response of the elastic aircraft structure, of course, cannot be obtained from 
a "rigid" wind tunnel model but may be computed from the measured excitation distribution 
and the known aircraft structural characteristics. Item a, the excitation, normally is pro¬ 
vided if both the afterbody geometry and the jet pressure ratio, are correctly duplicated. 
Dynamic pressure transducers, item b, will respond to these excitation pressures on a stan¬ 
dard ("rigid") afterbody model; if provided in sufficient number, they will also give the 
distribution of the excitation. The dynamic signals of a strain gauge force balance cannot 
show afterbody buffeting directly. This is because the model differs from the aircraft in 
mass, stiffness and damping. However, the onset of buffet can be detected provided the reso¬ 
nance frequencies of the model have been determined in a separate test and are filtered from 


the balance output. Naturally, the power spectral density is then also not representative. 
Therefore, in such afterbody buffet tests at least a limited number of dynamic pressure 
pick-ups should be provided. To cure afterbody buffeting corrective actions like reshaping 
of the afterbody and the installation of vortex generators may then be taken at an early 
stage of an aircraft development programme. 


3.6.5 Error Analyses and Correction Methods 


Although the principles of finding and correcting errors have been well known 
for a very long time, draw-backs continue to occur in the development of aircraft due to 
the fact that often relevant systematic errors are detected too late in the programme or 
sometimes not at all. Typical examples for this are the spurious Reynolds number trends 
of transonic wing shock locations and afterbody pressure drag values obtained from vari¬ 
able density wind tunnels. A further example is the afterbody drag measured by hot jet 
models with insufficient insulation of the outer model surface. 

As recommended by many authors a careful pre-test analysis should always be made. 
This will not only help in making the optimum choice of instrumentation, test set-up and 
testing facility, but will also contribute to reduce systematic and random errors. How¬ 
ever, because of lack of time and funds and, above all, because of the complexity of a 
comprehensive error analysis, the latter is normally not accomplished. In such cases at 
least a simple study should be conducted in which the sensitivity of computed quantities 
(e.g. Cd) to possible errors in the measured values (e.g. P«,) for a varying parameter like 
the location of the metric break is assessed. A post-test analysis of random and systematic 
errors should also always be made in order to decide whether or not the test needs repeat¬ 
ing with improved equipment. 

Usually, systematic errors are only detected by switching to very different meth¬ 
ods, for example, by using a different test rig or wind tunnel type, a different test fluid 
or by changing from wind tunnel to flight test or from experiment to theory. Sometimes, how¬ 
ever, it may suffice to widen the field of observation, i.e. not restrict oneself to the 
changes on the test article, for example the afterbody, but to record also the pressure 
changes on the non-metric forebody and on the wind tunnel walls. A systematic error like 
an unintended small shift in tunnel pressure level may then be detected. This, however, 
normally requires that the scatter in the wall pressure distribution be first reduced by 
averaging/filtering. That is, a reduction of random errors is here a prerequisite for the 
detection of a systematic error. Monitoring of the wall pressures as a routine is, there¬ 
fore, recommended for all wind tunnel tests. Finally, computational methods should be used 
wherever possible to better understand experimental results and to better plan new test 
concepts. 




CONCLUDING REMARKS 


Since detailed conclusions and recommendations were given in the previous chapters, 
only general concluding remarks will be made here. 

In the ten years since publication of AGARDograph 208, much progress has been made 
both on experimental and numerical methods. Especially, the computational fluid 
dynamics (CFD) research and development has now reached the level of applicability for 
simple (single jet) geometry using viscous/inviscid interaction methods or solutions 
of the Navier-Stokes equations. Because of the tremendous progress which can be 
expected from the use of Vector-Computers within the next years, this part of the 
report may be considered to be only a "snapshot" from "Status 1984". At least this 
part of the present WG08 report should be revised in time, considering especially the 
progress of computational methods for three-dimensional viscous flow. 

Experimental te-nniques have reached a very high level of reliability if proper correc¬ 
tion procedures are applied and error analysis is performed as recommended. 

It can be definitely stated that numerical analysis will not replace the wind tunnel 
test, but as an outcome of the Working Group, it may be stated that numerical analysis 
will play a more and more important role as a supplement to the experiment in the 
future. 
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